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R. J. Monhardt

Design and Testing of the FT8
Gas Turbine Low-Pressure
Compressor

This paper presents a discussion of the design and test phases of the Low-Pressure
Compressor (LPC) used in the FT8 Gas Turbine. Design objectives, including
efficiency, durability, and stall margin goals, are covered along with actual test
results indicating successful accomplishment of these objectives. Unique features of
the test program and an overview of the FT8 Gas Generator in comparison to the
JT8D Aircraft Engine are also presented.
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Background

The FT8 marine and industrial gas turbine is derived from
the Pratt & Whitney JT8D series aircraft jet engine, which is
the most widely used engine in aviation history with over 13,000
engines delivered and 285 million hours flown. Improvements
in the JT8D since initial delivery in 1964 have increased the
takeoff thrust from 14,000 Ib to 21,000 Ib. The FT8 design
incorporates the combined technology of the current model
JT8D-200 series engines and the latest PW commercial engine
models PW2037 and PW4000. The FT8 also incorporates many
features of the FT4 gas turbine, which has 28 years of successful
marine and industrial operations and is still in service.

The FT8 is designed to provide high efficiency and reliable
operation in marine, power generation, and mechanical drive
applications. Development testing is expected to be completed
in 1989, and the FT8 should be available for commercial service
in 1990. The 33,000 hp size (24.8 MW) and 38.8 percent thermal
efficiency of the FT8 is well suited to both naval and industrial
applications worldwide. The design and development of the
low-pressure compressor outlined in this paper are a principal
part of the FT8 program.

General Description

The FT8 LPC has eight stages, of which the first three have
variable geometry vanes. As shown in Fig. I, this configuration
results from moving the fan stage, fan ducts, and first stator
from the JT8D-219 LPC and adding two supercharging stages
forward of the 1.5 stage. In order to retain the stage numbering
system of the existing JT8D-219 hardware, the new FT8 stages
are designated stage 1.1 and stage 1.3. In addition, the 1.5
stage of the JT8D-219 is redesigned. The entire rotor structure

from rotor 2 aft, the core static structure and stator vanes '

from stator 1.5 aft, and the #1 bearing compartment are ex-
isting JT8D-219 hardware. The inlet case and the outer main
structure case are unique to the FT8 LPC. Drains are provided
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at two locations in the outer rear case where there is a potential
for water to collect. The LPC can be inspected through the
inlet or at borescope ports located at S1.5 and the LPC exit.

Mechanical Design

In general, the FT8 LPC is conservatively designed. The FT8
minimum design life requirements of 100,000 hours and 15,000
Low Cycle Fatigue (LCF) cycles are exceeded throughout the
LPC. The existing JT8D-219 hardware used in the FT8 LPC
was designed to more severe conditions and therefore exceeds
FT8 design requirements. Since the new FT8 hardware is not
constrained by flight weight requirements, a simple conserv-
ative design approach has been taken that builds on the proven
JT8D-219 LPC. The FT8 LPC is designed to provide a min-
imum surge margin of 10 percent so that surge is not encoun-
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tered during normal steady-state or transient operation. In the
unlikely event that a surge does occur, the LPC is structurally
designed to withstand high-power surge loads.

Corrosion-resistant materials are used throughout the LPC
for the new FT8 hardware. Corrosion-resistant steel 17-4 PH
is used for the static structure design. The blades are 6-4 ti-
tanium and the rotor disks and spacers are aluminum-coated
steel. Most of the JT8D-219 hardware used in the FT8 is ti-
tanium and aluminum. There are a few steel hardware items
that will be coated for corrosion protection. Aluminum coating
is used for the rotating hardware and a diffused iron aluminide
coating is used for the static hardware items.

The inlet case features variable position aerodynamic flaps,
which are positioned behind an array of 18 rigid struts. The
struts are hollow and support the #! bearing compartment.
They are designed to withstand blade loss buckling loads and
provide the proper stiffness for critical speed considerations.
Six of the struts are used to provide plumbing services to the
#1 bearing compartment. The variable position inlet case flaps
are guided by oversize bearings on both the i.d. and o.d. to
provide wear resistance. Forged actuation arms attach to the
flaps on the o.d. A pin through a uniball bearing in the ac-
tuation arm connects the arm to a unison ring, which slides
on polyimide polymer runners attached to the case.
 The stator 1.1 and stator 1.3 LPC cases support two stages
of variable vanes. The cases also provide blade loss contain-
ment and abradable rubstrips for rotor 1.1 and 1.3 blade tips.
The actuation arm/unison ring and bearings for the variable
vanes are similar to the inlet case design. Inner shroud assem-
blies contain abradable rubber seal lands similar to the existing
JT8D-219 LPC, which allow close-running clearance of rim
seals.

The rear LPC cases form the main structural support be-
tween the stator 1.3 case and the intermediate case. The LPC
core from S1.5 through S5 is existing JT8D-219 hardware and
is supported by the rear cases at stator 2. The two rear cases
are constructed of welded sheet metal and machined flanges
with bosses provided for water drains and borescope ports.
Our extensive JT8D-219 flight engine experience has shown
that adequate inspection capability exists with access through
the LPC inlet and borescope ports at the LPC exit. The FT8
features an additional access port as stator 1.5 for midcom-
pressor stage inspection.

The actuation system for the FT8 LPC moves the Inlet Guide
Vane (IGV) flap, stator 1.1, and stator 1.3 vanes to a schedule
relating vane angle to LPC rotor speed. Controlled by an
electronic computer control system, hydraulic cylinders move
the vanes through an arrangement of vane arms, unison rings,
bellcranks, and adjustor links. This system is typical of existing
PW flight engine actuation systems, except the linkages and
other system components have been strengthened for this non-
flight application. In addition, to reduce wear and maximize
vane movement accuracy, the actuator support brackets are
of rugged design and connecting bolts and pins have close
tolerance fits. Two hydraulic cylinders are used, one to control
the IGV flap and one to control both stator 1.1 and 1.3 vanes.
Schedule alterations for the IGV flap can be accommodated
by changes in the electronic control software. Stator 1.1 and
stator 1.3 vane schedule alterations can be made similar to the
IGV with additional capability to change the proportionality
between the tandem stages through an adjustable bellcrank.
Rigging provisions exist in the unison ring and bellcrank to
assure the proper relationship of actuator position to vane arm
angle. With the actuation system positioned at 12:00 to 3:00
o’clock easy access is provided to the rigging facilities.

The FT8 LPC rotor structure is a bolted disk and spacer
configuration using short tiebolts. The rotor 1.1, 1.3, and 1.5
disks are new to the FT8 LPC as are the three spacers adjacent
to these disks. A flow guide attached to the front of rotor 1.1
prevents recirculation between the flowpath and the large cav-
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ity behind the #1 bearing compartment. The rotor hardware
is conservatively designed. Disks exceed burst margin require-
ments. Disks, spacers, and tiebolts exceed creep life and LCF
requirements. The FT8 LPC operates at approximately 10 per-
cent lower speed than the JT8D-219 LPC. The existing JT8D-
219 rotor hardware from rotor 2 aft was designed for more
severe conditions and therefore exceeds the FT8 design re-
quirements. The FT8 rotor 1.1, 1.3, and 1.5 blades are similar
to existing JT8D-219 blades. Conventional dovetail attach-
ments are used to hold the blades in the disk rim. The attach-
ment stress levels are consistent with successful PW experience.
Blade airfoils are designed to keep resonances and flutter out
of the operating range. The airfoil leading edge thickness is
sized to provide resistance to foreign object damage. In ad-
dition, the outer 20 percent of the airfoil is designed to resist
airfoil erosion. Rotor 1.3 and rotor 1.5 are retained in the disk
with a shear-type blade lock typical of the existing JT8D-219
rotor stages. The rotor 1.1 blades use a split ring lock for blade
retention. This lock is an existing JT8D-219 hardware item
from the replaced fan stage. The front flow guide assures
proper installation and retention of the split ring lock.

The axial gapping of the rotor to static hardware provides
adequate clearance for thermal and load deflection effects
during transient and steady-state operation. Further gap al-
lowance is provided to preclude clashing of blades and vanes
should an LPC surge occur. After considering the mechanical
requirements of axial gapping, the cavity volume between the
disk rims and stator inner shrouds has been kept to a minimum
by continuing the use of rim seals found throughout the JT8D-
219 LPC. The smaller cavities tend to reduce aerodynamic
losses.

Aerodynamic Design

The new stages of the FT8 LPC were designed with current
state-of-the-art aerodynamic methods used in the PW2037 and
PW4000 flight engines and utilized the industrial experience
gained from the FT4 and FT50 compressor designs. The rear
stages of the LPC were retained from the JT8D-219 flight
engine and are standard NACA series airfoils. The conversion
of a flight engine to an industrial engine allows greater flex-
ibility from traditional flight design rules of low weight and
small frontal area to provide a truer aerodynamic optimization.

The aerodynamic design point was established based on the
overall gas generator goal of 33,000 shaft horsepower. A 10
percent corrected airflow allowance for growth capability was
also used as a design criterion. The design point parameters
are:

Corrected speed 7130 rpm

Corrected flow 180.0 b/sec

Pressure ratio 4.82

Adiabatic efficiency goal 0.890
(excluding exit stator loss)

Exit stator total 1.6 percent

pressure loss

Design constraints required that the compressor have the
same surge line and proven stability characteristics of the JT8D
flight engine and that the match point of the existing rear
stages of the compressor correspond to a point on the flight
engine operating line in order to retain optimized performance.

The match point and surge line were known from JT8D
engine and test rig data and the aerodynamics throughout the
JT8D compressor were derived from a two-dimensional
streamline model. The new front flowpath and aerodynamics
were designed to optimize performance while setting the exit
velocity triangles to match those found from the streamline
analysis of the JT8D. New stage aerodynamic loadings were
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set at the design speed surge line to be lower than those of the
JT8D backend to assure that the new front stages would not
set the surge line at design speed. Variable stator vanes were
employed to allow the new stage airfoils to be optimized for
performance at high speed and closed at part speed to retain
the JT8D surge line.

The goal efficiency was calculated using the Pratt & Whitney
design system to set the level for the front stages while using
JT8D measured data to calculate the efficiency for the existing
rear stages. When the two portions were thermodynamically
joined, the overall efficiency was dropped one point to make
the FT8 LPC a low-risk design.

Some of the resulting design parameters are shown in Figs.
2-10. Figures 2 and 3 show the stage pressure ratio and rotor
work coefficient E, where

2 gJCAT,
U2

U=mean rotor speed

AT=mean rotor total temperature rise

Figure 4 depicts the flow coefficient axial velocity normalized
by mean rotor wheel speed. The reaction is displayed in Fig.
5, where
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Rotor and stator Mach numbers at the root and tip are shown
in Figs. 6 and 7. The rather high tip relative Mach numbers
of the first two rotors required special attention in the airfoil
design process.

Figure 8 shows the stagewise D factor at the predicted surge
line. The D factor loading of the new front stages has been
set lower than the level of the backend to insure that the new
stages. will not set surge line. Figures 9 and 10 are the solidity
and aspect ratio that resulted.

Reaction =
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"V RCu—R ICul
D factor=1 V1+ oV (R+R))
where V = absolute velocity for stators and relative velocity
for rotors; Cu = tangential component of velocity; R = radius;
¢ = solidity.

The airfoil sections in the existing rear of the JT8D-219 LPC
are NACA 65/circular arc series or NACA 400 series. The new
airfoils IGV through rotor 1.5 were ‘designed as Controlled
Diffusion Airfoils (CDA) using the methods and tools de-
scribed by Caspar et al. (1980) and Hobbs and Weingold (1984).
Controlled-diffusion airfoils have been used successfully at
Pratt & Whitney in the PW2037 and PW4000 flight engine
LPC’s and HPC’s. The method involves controlling the dif-
fusion on the airfoil suction surface to avoid loss due to sig-
nificant boundary layer separation. In the transonic regime,
the calculation allows tailoring of the suction surface Mach
number to avoid strong supersonic shock losses. The method
utilizes a two-dimensional potential flow solver to predict the
airfoil-to-airfoil aerodynamic properties.

Variability in the inlet was accomplished by using a fixed
strut and variable flap combination. The design of the inlet
vane was done based on Pratt & Whitney military experience
in combination with the design methods described above.

Other aerodynamic design features of the FT8 include abrad-
able rim and tip seals, allowing tighter running clearance for
performance and stability. Blade roots have been sealed with
arubber sealant to prevent backflow, and airfoil surface rough-
ness has been set such that all rows are hydraulically ‘‘smooth.”

162/ Vol. 112, APRIL 1990

LPC Test Engine

The test vehicle for the FT8 LPC is a JT8D-219 engine. The
JT8D-219 represents a ‘‘known quantity,”’ that is, an engine
that has many hours of running time and provides a solid test
data base. Testing the FT8 LPC in front of the known quantity
minimizes the variables and unknowns encountered in com-
ponent rig testing and is also cost effective.

The JT8D-219 fan and LPC was removed and replaced with
the FT8 LPC, which was attached with a unique rig case; see
Fig. 11. The only other change to the core engine was in the
Low-Pressure Turbine (LPT) where modified second-stage
vanes were used to gain a better component match. With the
replacement of the JT8D-219 fan, obviously the fan airflow
was eliminated, and the fan ducts in front of the intermediate
case were removed.

However, the fan exhaust ducts aft of the intermediate case
are structural and cannot be eliminated. These ducts are of
aluminum and bonded honeycomb construction and require
the cooling effects of fan airflow to survive. The outer burner
case rear flange also requires cooling. This problem was solved
by providing an external blower for the test engine. Sheet metal
adapter ducts were attached to the forward side of the inter-
mediate case. The blower air flows into the adapter ducts,
through the hot section fan ducts, and is then dumped over-
board. The blower airflow is considerably less than the actual
engine fan airflow, but with the addition of convergent ra-
diation shields it is adequate to protect the critical areas. The
radiation shields are positioned between the hot section of the
engine and the outer fan ducts.

A variable area nozzle was attached to the engine turbine
exhaust case with rig unique adapter cases. Varying the exhaust
area provides a means to change the LPC operating line and
to map the LPC to the surge line.

A full complement of instrumentation was used to provide
aerodynamic data, structural data, and to monitor the general
health of the FT8 test engine. Pressure and temperature probes
typical of test engines were installed at the LPC inlet and exit.
Interstage total temperature and pressure sensors were installed
on airfoil leading edges from rotor 1.1 through stator 3. All
airfoils were strain gaged with the new FT8 stages receiving
most of the coverage. Rotor strain gages were routed forward
to a slip ring assembly mounted to the inlet case. Conventional
static pressure probes were located throughout the LPC at the
flowpath outer wall. In addition, high-response static pressure
probes were installed at the LPC inlet, stator 1.5, and exit.
Potentiometers were attached to the variable vanes to provide
vane angle feedback. Case flange mounted accelerometers and
hot section pressure and temperature probes typically used to
monitor general engine health made up the rest of the test
engine instrumentation.

The inlet of the LPC test engine is designed to accommodate
a distortion screen. This screen can be installed to change inlet
pressure distribution to simulate distortion typical of ground
installations. Also, higher order vibratory excitations can be
generated for structural evaluation of blade and vane stresses.
Three separate screens are designed to provide different dis-
tortion levels and harmonic content.

LPC Test Results

A detailed test plan for the LPC test engine was written well
before actual testing started in late Aug. 1988. This plan de-
fined a program to accomplish the following objectives: (1)
stress survey, (2) airflow calibration, (3) LPC performance and
variable vane schedule optimization, (4) LPC surge line def-
inition/bleed optimization, and (5) distortion effect on LPC
surge line, performance, and stress.

Testing continued through Sept. and Oct. 1988 in a modified
JT8D sea level test facility; see Fig. 12. The engine was tested
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Fig. 12 FT8 LPC test engine in test facility
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Fig. 13 FT8 LPC performance based on modified engine testing

successfully for 103 test hours covering 100 percent of the
planned test program.

The efficiency of the LPC was better than the goal and very
close to the maximum potential predicted by the Pratt & Whit-
ney design system. The efficiency was still better than goal
after surge line definition caused deterioration. Although the
detailed analysis of the testing has not been completed at the
time of this writing, it appears that the goodness came from

the new front stages performing very close to their potential

and the rear stages of the JT8D performing better than prior
rig data indicated. A review of the JT8D rig to engine testing
indicates that this conclusion is probably correct. Since the
exit total pressure is measured in front of the LPC exit stator,
the efficiency does not include the exit stator total pressure
loss, which is estimated at 1.6 percent at the design point.

A variable vane optimization program was performed at
several speeds, resulting in slight performance gains at the final
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optimized vane schedule, which was within a few degrees of
the pretest projected schedule. Checks of performance for
vanes off schedule proportionally by 5 deg showed that LPC
efficiency at constant corrected flow is fairly insensitive
throughout the operating regime to changes in vane schedule.
The flow capacity of the LPC on the optimized vane schedule
was 3.2 percent higher than predicted at design speed.

Surge line was determined by running the engine at constant
corrected speed while raising the operating line by opening the
variable exit nozzle. Steady-state points were acquired close to
the surge line and high-response instrumentation was used as
the nozzle pushed the compressor into surge to determine the
actual surge pressure ratio and corrected flow. The surge line
defined by the efficiency optimized vane schedule was deter-
mined to be set by the portion of the LPC retained from the
JT8D as intended. Testing of the LPC on vane schedules 5
deg open and closed proportionally showed that surge line was
insensitive to changes of this magnitude.

Throughout this test the engine was intentionally surged
many times. Stall recovery was demonstrated in every case and
there was no evidence of any damage.

The variable nozzle was used to map the compressor over
its entire operating region and to explore higher speed regimes
for possible growth applications.

The LPC was tested to determine its tolerance to distortion.
Three separate screens were designed and located in front of
the compressor to create inlet pressure distortions. A 5 percent
total pressure distortion over a 60-deg full-span circumferential
sector was considered the worst case encountered in FT4 ex-
perience. Since Pratt & Whitney analysis determined that this
level and extent of distortion should cause minimum surge line
loss, a three-screen matrix was laid out to define the FT8
response to a more severe distortion, which may be encountered
in the future. Based on the testing, results show that for the
5 percent, 60-deg screen, a surge margin loss of only 1 percent
could be expected at 100 percent speed and above. No loss
was measured at 90 percent speed and below. Airfoil stresses

APRIL 1990, Vol. 1127163
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recorded during the distortion testing were low and did not
exceed 10 ksi.

The bleed schedule has been defined from a detailed stability
audit to guarantee surge-free steady-state and transient op-
eration when production parts variations, deterioration, stator
vane rigging errors, horsepower extraction, water injection,
inlet suppression, and distortion effects are accounted for. The
bleed locations are the same as the existing flight engine and
are located behind the LPC exit stator and in the second stage
of the high-pressure compressor.

The overall performance map with postsurge efficiency levels
is presented in Fig. 13. The measured surge line and steady-
state operating line are shown. The drop in operating line at
low speed represents the LPC exit bleed activation.

Airfoil stresses were monitored throughout the test program.
With a nominal vane/bleed schedule the new FT8 airfoil vi-
bratory stresses are well below allowable up to a redline speed
of 7800 rpm. The stresses in airfoils common to the flight
engine are typical of JT8D-219 experience. Airfoil stresses were
also surveyed with the variable vanes + 5 deg off schedule. No
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significant stress increase was observed, indicating an insen-
sitivity to vane schedule.

Figures 14 and 15 show how efficiency and corrected speed
vary along the nominal steady-state operating line in the bleed
closed regime. The variable vane schedule is shown in Fig. 16
as a function of corrected speed.

Conclusions

The FT8 industrial and marine gas generator is designed to
provide efficient, reliable power at the 33,000 hp/24.8 MW
rating. An integral part of the design is the low-pressure com-
pressor, which combines the last five stages of the successful
JT8D-219 flight engine with three new stages. The mechanical
design is conservative, exceeding life requirements of 100,000
hours and 15,000 LCF cycles. The new stage aerodynamic
design is state of the art and includes three variable vanes to
allow good high-speed performance while retaining good low-
speed surge line. The testing of the LPC was accomplished
using a hybrid flight engine that employed a variable area
exhaust nozzle for mapping the compressor up to and including
its surge line. The compressor exceeded its performance goals
and demonstrated a required surge line while measuring low
stresses, even those measured during surge and distorted inlet
testing.

In 1989, this successful LPC will be run in the FT8 engine
configuration to complete engine development. The FT8 gas
turbine will be available for commercial service in 1990 to
provide efficient reliable power into the 21st century.
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A Variable-G”eo‘met'ry Power
Turbine for Marine Gas Turbines

Gas turbines have been accepted in naval surface ship applications, and considerable
effort has been made to improve their fuel consumption, particularly at part-load
operation. This is an important parameter for shipboard engines because both
propulsion and electrical-generator engines spend most of their lives operating at
off-design power. An effective way to improve part-load efficiency of recuperated
gas turbines is by using a variable power turbine nozzle. This paper discusses the
successful use of variable power turbine nozzles in several applications in a family
of engines developed for vehicular, industrial, and marine use. These engines in-
corporate a variable power turbine nozzle and primary surface recuperator to yield
specific fuel consumption that rivals that of medium speed diesels. The paper con-
centrates on the experience with the variable nozzle, tracing its derivation from an
existing fixed vane nozzle and its use across a wide range of engine sizes and
applications. Emphasis is placed on its potential in marine propulsion and auxiliary
gas turbines.

K. W. Karstensen

J. 0. Wiggins

Solar Turbines Incorporated,
San Diego, CA 92101

Introduction

The 5650, a 3000/3500-shp (2237/2610-kW) gas turbine en-
gine (shown in Figs. 1 and 2), is the product of more than 20
years of development. Solar administers an extensive field eval-
uation program in which nine pilot production engines have
operated a total of over 190,000 hr at customer job sites.

The unique 5650 power plant combines the high thermal
efficiency of diesel engines with most of the traditional ad-
vantages of the gas turbine, that is, relatively small size and
weight, low vibration levels, long life, and low maintenance.
The small size is a result of high thermal efficiency from the
development by Caterpillar, Solar’s parent company, of a pri-
mary surface recuperator of 90 percent thermal effectiveness.
The small size of this recuperator allows it to be integrally
mounted without the long ducting runs often associated with
recuperated gas turbines in its size range.

The engine design was optimized for a 1950°F (1066°C)
recuperated cycle, with a two-stage centrifugal compressor op-
erating at a 6.5 pressure ratio. This pressure ratio has maximum
thermal efficiency for a recuperated cycle at 1950°F (1066°C).
The 5650 gas turbines are presently operating at 1775°F (969°C)
awaiting development of a suitable cooled gas producer
turbine for 1950°F (1066°C) operation.

Thermal efficiency is maintained essentially constant over
the upper 40 to 50 percent of a recuperated engine’s load range.
This is accomplished by matching a broad range compressor

to the engine cycle in combination with a variable-geometry

free power turbine (Fig. 3). This paper traces the aerodynamic
development of the 5650 power turbine from its origin as a
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small, fixed-geometry gas producer turbine stage through its
conversion to variable geometry for a heavy duty vehicle en-
gine, to its final scale-up to the size required by the 5650. This
technology is applicable not only to the experimental and lim-
ited production engines discussed here but to other two-shaft
recuperated gas turbines as well.

Fig. 1

Solar 5650 gas turbine
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5650 Background and Aerodynamic Scaling

A key element in the 5650’s background at Caterpillar Inc.
was a highly disciplined technique for scaling of turbomachin-
ery components from one size to another. This technique allows
engine programs of varying horsepower (air flow rate) to share
the results of a single component development program. In
addition, component development can be performed on test
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rigs of a single scale, thereby greatly extending the payback
of investment in laboratory air supply systems and other sup-
port equipment. The technique employed is geometric scaling.
Engineering modifications such as a ‘‘cropping’’ and blade
extension often follow.

Geometric scaling, as the name implies, consists of exact
application of a single scale factor to all component dimensions

Transactions of the ASME



Fig. 4 Caterpillar T-700 gas turbine with primary surface recuperators

and clearances. Certain relationships are immediately apparent
for an aerodynamic machine scaled in this manner and holding
blade velocity (tip speed) constant:

e Rotational speed varies inversely with scale factor;

e Area and mass flow vary with the square of the scale
factor;

e Volume and weight vary with the cube of the scale factor;

e Turbine power output and compressor power input vary
with the square of the scale factor

e Centrifugal stresses remain constant;

e Natural frequencies of vibration remain at a constant mul-
tiple of rotational speed;

e Aerodynamic performance (efficiency) remains constant
over a wide range of practical scales, varying only when
extremes of downscaling produce a significant Reynolds
number effect.

Geometric scaling is rigorous without regard to practical con-
cerns such as manufacturability. These concerns are addressed
either through an engineered modification or are carefully
evaluated in the component test rig after the exact scaling has
been certified. Wiggins and Waltz (1972) describe Caterpillar’s
experience in strict geometric scaling of an 8-stage axial com-
pressor.

Several engineering modifications have been employed in
meeting certain component requirements. One example is a
change in the number of airfoils in an axial flow turbine. Often,
larger or smaller airfoils are desired because of such concerns
as trailing-edge thickness or rotor disk thickness. In this in-
stance, a suitable airfoil is chosen and the number of airfoils
and their chord length are modified such that the original airfoil
pitch to chord ratio is preserved within the rescaled annulus.

The 5650 is, in general, a geometric scale-up of an earlier
test bed engine designated the T-1200. The T-1200 shared a
common turbine flowpath annulus size with the T-700 test bed
engine shown in Fig. 4. The T-700 engine used a single-stage,
4.9-to-1 pressure ratio centrifugal compressor, which was re-
placed by the 6.5-to-1 two-stage compressor in the T-1200,
which was later scaled up to the 5650. In addition to extensive
test bed work, a vehicular arrangement of the T-700 was tested
in the Caterpillar Model 992 end loader shown in Fig. 5. The
T-700 engine was, in turn, a scale-up of an earlier T-375 test
bed engine. The process of converting a fixed turbine stage to
variable geomeiry took place during the des1gn of the T-375
power turbine.

Journal of Turbomachinery

Fig. 5 Turbine-powered model 992 loader

Variable-Geometry Function

For a given pressure ratio, the thermal efficiency of simple-
cycle or recuperated gas turbines is a function of the maximum
cycle temperature (firing temperature). When the load on a
two-shaft gas turbine is reduced below its peak efficiency rat-
ing, the engine air flow must be reduced by reducing the com-
pressor (gas producer shaft) speed. In a fixed geometry engine,
this is normally accomplished by reducing the firing temper-
ature and, along with it, thermal efficiency. If the flow capacity
of the power turbine in a recuperated two-shaft engine can be
varied as load is reduced, the firing temperature, and thermal
efficiency, can be maintained at a high level during part-load
operation. This is accomplished by providing radial pivots for
the power turbine nozzle vanes. A suitable linkage is provided
to rotate the vanes in unison such that the geometric flow area
at the nozzle throat is changed.

As the throat area of the power turbine nozzle is reduced,
the fraction of the overall turbine pressure ratio taken across
the power turbine is increased. The accompanying decrease in
pressure ratio across the gas producer turbine allows a higher
firing temperature for a given compressor operating point
(speed, pressure ratio, and mass flow). This effect is illustrated
in Fig. 6, which compares fixed and variable-geometry recu-
perated two-shaft gas turbines. The extent to which compressor
speed (and engine load) can be reduced without a reduction
in firing temperature is determined by the compressor surge
characteristics. For a well-matched, broad-range compressor,
the point at which firing temperature must be reduced will lie
in the range of 40 to 60 percent of maximum power.

In addition to its primary mission of facilitating high part-
load thermal efficiency in a recuperated gas turbine, a variable-
geometry power turbine can be designed to provide the fol-
lowing advantages:

e Limit output shaft speed overshoot during download tran-
sients or load dumps by opening or, if required, reversing,
nozzle exit flow direction during the overspeed period.

e Similarly, it can prevent overspeed damage to the power
turbine if the drive train fails. This was demonstrated three
times during the development. In all three instances, there was
a high probability of acceleration to burst speed, for a fixed-
geometry power turbine.

e Download transient response time is not set by the re-
cuperator thermal lag time. While the recuperator metal is
shedding its stored heat, the nozzle varies its angle continually
as required to governed output shaft speed and scheduled firing
temperature.

e Gas producer acceleration during on-load transients can
be enhanced, thus limiting output shaft speed drop and time
to return to governed speed.

e Dynamic engine braking can be provided in appllcatlons
where load inertia is capable of driving the engine output shaft,
e.g., in vehicle propulsion applications.
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¢ Engine cranking power requirements can be reduced (and/
or start time reduced) by opening the nozzle to its maximum
area during a start. This increases gas producer turbine torque
output after light-off by increasing its share of the available
cycle expansion (pressure) ratio.

Turbine Stage Evolution

The evolution of the 5650 power turbine, from the original
prototype aerodynamic design through the two test bed engines
to its present configuration, is shown in Table 1.

An inventory of existing turbine stages showed the best can-
didate power turbine for the proposed T-375 test bed engine
to be the second stage of a small two-stage gas producer tur-
bine. Analytical evaluation indicated that this stage would
produce the desired 88 to 91 percent efficiency when scaled
into the speed, flow, and pressure ratio of a T-375 power
turbine. The required scale factor was calculated to be 1.796.

The prototype stage used relatively few large-chord airfoils
in both the stator and rotor. A simple geometric scale-up pro-
duced a stage that occupied excessive axial engine length and
required a rotor disk of excessive thickness and mass. This
problem of unsatisfactory proportion was solved by applying
the annulus scale factor to the number of airfoils rather than
to their basic size, or chord. The desired axial engine length
and rotor disk proportions thus were attained while preserving
the original pitch/chord ratio of the prototype airfoil cascades.
Fortunately, this procedure yielded an odd prime number of
stator vanes and an even number of rotor blades, i.e.,

No. of stator vanes = (17) (1.796) = 30.53 = 31

No. of rotor blades = (32) (1.796) = 57.47 = 58

This relationship between vane and blade count is the easiest
for the mechanical designer when considering blade vibration
and rotor balance. :

The T-375 vehicle engine power turbine hardware was in-
corporated into a cold turbine test rig. Both fixed and variable
nozzles were made. Tests with the fixed nozzle (zero vane-to-
shroud clearance) provided a base line for studies of the effect
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Table 1 5650 power turbine evolution
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DIESEL
COMPOUIND
TURBIRE

HUB DIAMETER, IN. 3.13 4.62 8.30 11.05 18.45
TIP DIAMETER, IN. 4.89 8.79 12.20 16.23 27.10

T

T700/T1200 5650 INDUSTRIAL
ENGINES AND MARINE
TURBINE

ROTOTYPE Ta75
ENGINE AND
COLD RIG

RELATIVE 089 4—— 1.000 —> 1.796 2.390 3.991
AERODYNAMIC 1.000 —  1.33% 2.223
SCALE FACTORS - 1.000 —— 1.870
NO. OF NOZZLE VANES 17 17 3t 31 31

NO. OF ROTOR BLADES 20 32 58 58 74
NOZZLE FIXED FIXED FIXED & YARIABLE VARIABLE VARIABLE
INLET SWIRL ANGLE 0 o o o -45°

of vane end clearance in the variable nozzle upon turbine stage
performance. This rig was used for all power turbine devel-
opment for the T-700 test bed vehicle engine as well as for the
5650. The larger engine components were simply scaled to T-
375 (rig) size. This permitted continued use of existing com-
pressed air supply and dynamometer.

The entire aerodynamic layout, including the power turbine
of the T-700 engine, was a strict geometric scale-up of the T-
375 engine. As shown in Table 1, the scale factor was 1.331
or 2.390 relative to the original prototype. The T-1200 version
required a restagger of the rotor blades in order to operate at
the higher air flow and pressure ratio provided by the two-
stage compressor.

Power turbine requirements for the 3000/3500-shp (2237/
2610-kW) 5650 engine dictated a scale factor of 1.670 relative
to the T-700/T-1200 vehicle engine pair (2.223 relative to the
cold rig and 3.991 relative to the original prototype). Disk
thickness and mass considerations required another increase
in the number of rotor blades. The number of rotor blades,
74, in combination with a partial scale-up produced a blade
chord dimension that allowed the power turbine to share a
common disk contour with the gas producer turbine (see Fig.
2). The relationship between annulus and airfoil scale factors
is:

=1.670
=74/58=1.276
=1.670/1.276 =1.309

Thus rotor solidity of the original prototype was again pre-
served.

The number of stator vanes in the 5650 was maintained at
31. The required 1.67 scale factor applied to the vane airfoil
would have resulted in an undesirable axial length. Axial length
was reduced as the vane chord was shortened by another method
and for another reason as illustrated in Fig. 7. The exit flow
from the turbines situated upstream from the prototype and
the two vehicle engine power turbines was very nearly axial in
the direction (zero-degree swirl angle). Exit flow from the rotor
selected for the 5650 gas producer stage was calculated to have
an average swirl angle of —45 deg. (Negative swirl angles
denote 'swirl in a direction opposite turbine rotation.) This
swirl would have resulted in an unacceptable incidence loss at
the leading edge of the scaled-up T-700 airfoil. The airfoil was
reshaped, as shown in Fig. 7, to align its leading-edge angle
with the calculated swirl. The accompanying reduction to the
airfoil chord also results in a more desirable axial flowpath
length.

Finally, the left column of Table 1 shows the latest and
smallest turbine stage to evolve from the prototype that pro-

Annulus scale factor
Ratio of number of blades
Airfoil scale factor
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Fig. 7 Development of 5650 power turbine vane airfoil

duced the 5650 power turbine. The original turbine annulus
was scaled down by a factor of 0.68 to obtain an appropriately
sized stage for an experimental diesel-compounding turbine.
The number of blades was reduced from 32 to 20 to avoid
excessively thin trailing edges in the integrally cast rotor. This
downward extension of the scaling process brings the overall
annulus scaling range of a single turbine stage to 5.87:1.

Conversion From Fixed to Variable Nozzle

In approaching the problem of adding a radial axis of ro-
tation to an existing fixed-nozzle vane, three major factors
were considered:

e The axis of vane rotation should be located forward of
the vane center of pressure as a safety consideration. In the
event of loss of control through such mishaps as linkage failure,
aerodynamic forces will tend to rotate the nozzle vanes to a
more open position. This results in reduced engine temperature
and speed associated reduction of load, rather than the ob-
viously less desirable inverse progression.

e To maintain constant vane-to-shroud clearance at both
ends of the vane at all angles of rotation, the nozzle shrouds
must be concentric spherical zones with their center on the
engine centerline. The intersection of the vane rotational axes
with the engine centerline should be located axially near the
plane of the vane trailing edges. This avoids a reentrant cur-
vature of the flowpath and associated radial component to the
flow approaching the rotor. The spherical zones must extend
upstream far enough to enclose the entire leading-edge rotation
envelope. At the nozzle exit the shroud must enclose the vane
trailing edges over their normal operating range of rotation
only, excluding braking excursions.

e The envelope of rotation of the vane trailing edges must,
of course, clear the rotor blades during braking excursions.
The axial extent of this envelope will be determined in part by
the location of the vane pivot axis.

Once the prototype turbine stage was scaled up to T-375
engine size as shown in Table I, the nozzle vane pressure
loading was analytically determined. First, the total pressure
load and location of the center of pressure were determined
from velocity distributions for airfoil sections at several radial
locations. The center of pressure for these individual sections
was found to lay at approximately the same location relative
to the total chord length, Integration of these data over the
entire vane span produced the results shown in Fig. 8.

A single resultant pressure force F acts on the pressure sur-

Journal of Turbomachinery

SECTION A-A

G TRAILING EDGE ~—__ |
RADIUS

J_ ENGINE G -

AT

Fig. 8 Nozzle vane pressure load and center of pressure

face of the vane in a plane located a distance R from the engine
centerline. The line of action of force F'is inclined at an angle
d with an engine centerplane and passes at a distance r from
the centerline of the airfoil training edge radius. In addition,
due to the combined effect of vane taper and twist, a small
residual moment M is required to complete the aerodynamic
force balance.

These results allow the location of the vane pivot axis to be
selected and provide the mechanical designer with the necessary
input to the calculation of bushing loads, friction, and actua-
tion forces.

Pivot axis definition for the T-375 vehicle engine is illustrated
in Fig. 9. The aerodynamic torque arm “‘/’’> was selected to
ensure a positive nozzle opening torque over the normal op-
erational range of vane angles and engine air flow rates. Factors
setting an upper limit on / are total actuation force required
to close the nozzle against aerodynamic forces and the axial
extension of the trailing-edge rotation envelope.

The inclination angle of the vane pivot axis y was governed
by the factors previously mentioned in connection with the
shape of the spherical shroud zones. It was at this point that
the decision was made to scale up the number of nozzle vanes
rather than their chord. The longer chord of the prototype
vane required that the spherical shroud zones extend so far
upstream (and radially inward) that they create difficulty in
designing a satisfactory diffusion schedule into the connecting
duct from the gas producer turbine.

The axis of rotation was defined for each airfoil section by
coordinates x and y, relative to the existing airfoil stacking
axis. A further refinement might be to convert the pivot axis
to a new stacking axis, redefining the airfoil sections by pro-
jecting them onto planes perpendicular to the pivot axis. Since
this would impact only nonrecurring tooling costs, it was judged
not to be cost-effective and the pivot axis was allowed to remain
separate from the airfoil stacking axis.

After locating the vane pivot axis to satisfy aerodynamic
torque and spherical shroud requirements, it was necessary to
increase the axial spacing between the nozzle and rotor to
obtain clearance between the nozzle vane trailing-edge rotation
envelope and tHle rotor blades. Past experience indicated that
any significant effect of axial spacing on stage efficiency would
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lay in the region of very close spacing, closer than in the fixed
nozzle prototype (see Fig. 10).

As noted in Table 1, the T-700 engine power turbine was a
total geometric scale-up of its T-375 counterpart. This scale-
up was applied throughout the actuator and mechanical linkage
and the aerodynamic force analysis just described for the
smaller engine served the entire development program for both
vehicle engines. :

The reduced chord and revised leading-edge angle of the

Model 5650 nozzle vane required a repetition of the vane aero- -

dynamic force analysis as well as the process of selecting the
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Fig.11 Calculated 5650 power turbine vane aerodynamic torque “map”
with engine operating line

pivot axis location. As in the vehicle engines, this single-point
force analysis provided a starting point for the design of the
nozzle actuation and control system. The continuation of the
5650 development program toward a pilot production phase
permitted a more detailed analysis of nozzle vane aerodynamic
forces. More extensive engine control development, especially
in connection with generator set applications, also required
more detailed information on actuation forces. Nozzle vane
aerodynamic torque was now calculated for various combi-
nations of vane rotation angle and power turbine inlet flow.
The resulting nozzle vane torque map is shown in Fig. 11. An
engine operating line plotted on this map shows the peak aero-
dynamic torque to occur at approximately 40 percent of max-
imum power where the vanes are at their most closed position.
The peak torque is approximately 59 percent above that cal-
culated for the design point angle and flow. While this torque
level is within the reserve capacity designed into the actuation
system, this evaluation provided some very useful insights into
the dynamic behavior of the engine and its control system.

Nozzle Throat Area Variation

The rate at which turbine stage swallowing capacity varies
with vane angle was a necessary input to the design of the
nozzle mechanical linkage and the associated control logic.
Over small variations of passage shape, passage flow coeffi-
cient remains constant. Thus swallowing capacity is directly
proportional to passage area. Passage width as a function of
mean stream line length was calculated for several radial sec-
tions using the BLADES computer code. Input and output
parameters for BLADES are defined in Fig. 12. Throat width
and location were determined for values of vane angle 8. This
incremental area is trapezoid of height equal to the radial
distance between the boundary airfoil sections and bases equal
to their respective throat widths. Total passage area is the sum
of these increments plus and minus small circular segments at
the shrouds. Area is a function of airfoil shape and angle only
and its variation with vane angle is the same for any pivot axis
location.’

The variation of throat area with vane angle is shown in
dimensionless form in Fig. 13. Over the normal operating
range, this characteristic is identical for both the vehicle engine
nozzle vanes and those in the 5650, since their contours are
identical in the throat region when drawn to the same scale.
As the vanes are rotated past approximately 25 deg open
(8= — 25 deg) athroat is no longer definable at the vane trailing
edge. The nozzle passages are converging-diverging over their
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Fig. 12 “BLADES” computer code input and output

range of maximum area and become fully diverging as they
are rotated further. In this region, due to its reduced camber,
the 5650 vane has the larger flow area for a given angular
position.

It is of academic interest to note that the area versus angle
characteristic of any conceivable vane airfoil will lay within
the limiting case shown in Fig. 13. This curve represents a vane
of zero thickness and zero camber or, simply swirling flow in
an open annulus. The limiting case is a sine curve located out-
of-phase with the vane angle, 8, by an angle equal to the
complement of the exit angle of the real vane for which § was
defined.

Data from Fig. 13 were used to determine various actuation
linkage and control design parameters. The sensitivity of area
to angle, 4.44 percent/deg, was used to determine various
control gain levels and the required recursion (sampling) rate
for the closed-loop electronic control. The commanded engine
start position, 8= — 53 deg for the 5650, was set at the point
of maximum area. The maximum travel in the braking direc-
tion was set at 120 deg for the vehicle engine allowing a 6-deg
margin from vane leading-edge mechanical contact. Later en-
gine braking tests showed that the interaction of mass flow
capacity and rotor entry angle provided maximum braking
effort in the region of 90 to 100 deg of opening travel. This
led to the selection of 8= — 80 deg for the maximum retard
position in the 5650. Thus, during the download transients,
additional vane slewing time is not spent in obtaining a very
small increment of rotor braking. . .

Passage shape and approximate flow configuration in the
5650 variable nozzle is shown in Fig. 14 for engine starting,
full and part-load operation, and maximum rotor braking (re-
tard) position. The position of maximum braking effort for
the vehicle engine nozzle is shown in Fig. 15.

Cold Rig Testing , .
The power turbine components for the T-375 engine were
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built into a cold turbine test rig, as shown in Fig. 16. A con-
ventional water brake dynamometer was driven by the power
turbine through a vehicle engine reduction gearbox. Gearbox
losses were previously determined in a back-to-back test of
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Fig. 15 T-700/T-1200 nozzle vane position at maximum braking effort

LABORATORY
AIR SUPPLY

| B POWER
TURBINE

VEHICLE
ENGINE
REDUCTION
GEAR

DYNAMOMETER

Fig. 16 Schematic of power turbine cold test rig

two boxes. This enabled the use of dynamometer readings to
track aerothermal measurements of turbine work output. A
locking adjustment mechanism on variable-nozzle linkage set
various vane angles. In addition to the variable nozzle, the rig
also had a conventional fixed nozzle to allow evaluation of
losses associated with a variable nozzle, such as vane and
clearance and pivot bushing leakage. All power turbine de-
velopment for both vehicle engines and the 5650 was conducted
using this rig. Aerodynamic components for the larger engine
were used geometrically scaled back to the T-375 size for rig
test. Most cold rig testing involved the development of power
turbine rotor configurations for various engine matching and
rating requirements. Two important tests, however, related to
the variable nozzle and its application, are as follows:

® In developing the mechanical designs of the three engines
with variable nozzles, vane end clearance was critical because
of thermal expansion. Various mechanical designs required
differing clearance values and the effect of clearance on stage
efficiency was a needed input to tradeoff studies. Figure 17
shows the effect of vane end clearance determined from rig
tests of the vehicle engine nozzle in comparison with predicted
results based on method by Dunham and Came (1970).

2 Caterpillar modified the Navy-NASA computer code
NNEP (Fishback, 1975; 1980) for use in predicting turbine
engine performance from component maps. This program is
especially tailored for engines using variable geometry com-
ponents and requires 3-dimensional component maps that are
layered according to performance at various levels of the vari-
able parameters. In the instance of a variable-geometry turbine,
the layered variable is nozzle vane angle. Using scaled com-
ponents, the cold test rig was used to generate a map for the
5650 power turbine that appears as shown in Fig. 18. The
program has proved quite accurate in predicting 5650 engine
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performance. It has been used extensively in evaluating po-
tential improvements, such as intercooling.

Engine Braking Tests

Engine braking ability was evaluated by coupling a complete
T-700 vehicle engine to a motoring electric dynamometer. This
combination supplied the reverse power input necessary to
maintain engine output shaft speed while in the braking mode.
Test results are shown in Figs. 19 and 20. Maximum braking
capability was (— )42 percent of rated power output. This com-
pares to 5 to 15 percent for a fixed-geometry two-shaft gas
turbine. Precise values of negative power turbine efficiency in
this test are not certain because the test engine carried only
minimal turbine flowpath instrumentation.

In assessing the results of this braking test, we are not dealing
with torque applied to the shaft by the turbine in the direction
opposite to that of its rotation. Such a reversing turbine would
require that its rotor blades also be rotated (and reshaped)
such that they are pitched for opposite rotation. In a braking
mode, a power turbine with a variable nozzle performs as an
inefficient compressor, absorbing power from its output shaft
while continuing to turn forward. The nozzle vane angle, at
which maximum braking effort is obtained, is the angle that
provides a combination of flow and pressure ratio requiring
maximum power input to the power turbine-turned-
compressor. Review of Figs. 14(D) and 15, showing nozzle
passages with the vanes in a maximum braking mode, also will
suggest that aerodynamic flow losses at this vane angle also
contribute significantly to power absorption.

In a braking test, conducted on a fired engine, the engine
compressor acts as a supercharger to the inlet of the power
turbine-turned-compressor. Thus the latter’s power absorption
(braking effort) will be the greatest with the gas producer at
idle speed where the degree of supercharge is the least.

Marine Applications
Interest in the gas turbine as a marine power plant began

when the turbine demonstrated its unique abilities in aircraft
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propulsion during World War I1. The more important benefits
of gas turbines to both the ships designers and operators in-
clude:

e Light weight;

e Small installation space;

® T.ow noise and vibration;

Low maintenance;

Little or no seawater cooling;

Waste heat easily recovered for auxiliary use;
Additional energy directly available as compressed air.

Most successful marine gas turbines have been simple cycle.
Complex cycles have met with limited success for a variety of
reasons. Early recuperator designs were bulky and their long
thermal response times prevented rapid load changes. Control
of these cycles was difficult before the development of solid-
state electronic systems.

Simple-cycle gas turbines operate at an acceptably high ther-
mal efficiency only at their full-load design point. Such both
‘marine propulsion and auxiliary power plants seldom operate
at full load, the advantages of gas turbine power are obtained
at a high price in terms of fuel consumption. )

In Solar’s 5650 gas turbine, the combination of the compact
primary surface recuperator with a variable-power turbine noz-
zle and programmable electronic control produce the results
shown in Figs. 21 and 22. Normally, a two-shaft free power
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turbine engine is chosen for propulsion, and a single-shaft,
constant-speed design is chosen for auxiliary (a-c) electrical
power production. Typical fuel consumption curves for these
two simple-cycle types are shown in Fig. 22 in comparison with
those of the 5650, a single design applicable to both propulsion
and auxiliary power.

The variable-power turbine nozzle is of particular impor-
tance in auxiliary power applications because it eliminates the
thermal lag of a recuperator as a deterrent to rapid load changes.
Additional opportunities for optimizing the electrical fre-
quency control characteristics of the two-shaft 5650 are dis-
cussed by Mills and Karstensen (1986).

In recent studies, it was found that fuel for auxiliary electrical
power is reduced 38 percent when single-shaft, simple gas tur-
bines are replaced by 5650’s. The subject of the study was a
Naval combatant ship with its total power demand divided
between two 2500-kW generator sets. Similar reductions in
fuel usage for propulsion by 5650’s can be shown for smaller
vessels.

The design of the 5650 can be readily revised for conversion
to an intercooled-recuperated cycle. This provides a major
increase in power output, accompanied by a significant im-
provement in fuel economy.

Summary

The progress of a single-turbine aerodynamic design from
a small, fixed-geometry stage to a variable geometry industrial
engine power turbine has been traced. The process continued
for well over a decade of changes to product goals and spec-
ifications driven by changing domestic and world energy and
materials economics. The end result, a turbine stage almost
exactly four times the diameter of the original prototype, has
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validated the carefully chosen principles used in conversion to
variable geometry and in rescaling the stage to match larger
power requirements. The results, shown in Figs. 21 and 22,
suggest that the goal of diesel performance in a gas turbine
has indeed been attained.

The material in this paper is related primarily to turbine
flowpath aerodynamic design. The authors plan to discuss the
mechanical design of these variable-geometry power turbine
nozzles, as well as the development of related control systems
in subsequent papers.
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Surface Roughness Measurements
on Gas Turbine Blades

R. P. Taylor
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Results are presented from profilometer measurements of the surface roughness on
in-service turbine engine blades from F-100 and TF-39 aeroengines. On each blade,
one roughness profile is taken in the region of the leading edge, the midchord and
the frailing edge on both the pressure and suction sides for a total of six profiles.
Thirty first-stage turbine blades are measured from each engine. Statistical com-
putations are performed on these profiles and the root mean square height, skewness

and kurtosis of the roughness height distribution are presented along with the cor-
relation length of the autocorrelation function. The purpose of this work is to provide
insight into the nature of surface roughness characteristics of in-service turbine
blades which can be used in the development of scaled laboratory experiments of
boundary layer flow and heat transfer on turbine engine blades.

Introduction

Surface roughness can have a large effect on the skin friction
and heat transfer of turbine engine blades. Some data (Rivir,
1986) indicate that rough blades can have heat transfer rates
that are 100 percent greater than the rates on equivalent smooth
blades. As shown by Taylor (1986), turbine engine blades,
which have been in service for a few hundred cycles, can have
significant roughness. Typical average roughness heights are
found to be from I to 12 um (50-500 microin.). Unfortunately,
traditional measures of surface roughness such as average
roughness height and root mean square roughness height are
inadequate for the determination of the effect of surface rough-
ness on fluid flow and heat transfer. Two surfaces with the
same average roughness height can have different heat transfer
rates and skin friction.

For deterministic roughness (cones or hemispheres in some
known array), it is fairly straightforward to tell when surfaces
are geometrically similar. Therefore, a few well-chosen ex-
periments can be used to calibrate computational models for
a broad range of deterministic surfaces. However, for ran-
domly rough surfaces such as those which occur naturally on
turbine blades, it is not obvious (and perhaps impossible) to
say when two surfaces are geometrically similar. If two surfaces
are randomly rough, then the most that can be said is that
they are statistically equivalent.

This idea of statistical equivalence is important for both the
development of computational models and for the selection
of experimental test surfaces. For computational models the
averages of the predicted values of skin friction and heat trans-

fer rates for a sample of statistically equivalent surfaces should"

be essentially the same as the average values for the entire
population of statistically equivalent surfaces. No two random
surfaces have the exact same skin friction and heat transfer
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ronto, Ontario, Canada, June 4-8, 1989. Manuscript received at' ASME Head-
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rates but, by performing computations for a small sample of
statistically equivalent surfaces, the mean and standard devia-
tion of that class of surface should be obtained to a good
approximation. For experimental tests, simple flows such as
fully developed pipe flow or flat plate boundary layer flows
will be used in the initial experiments. For these tests artificially
created randomly rough surfaces will be used as test surfaces.
If these tests are to be used to estimate the performance of
real surfaces, then the test surfaces should have roughness
which is statistically equivalent to the real surfaces.

In this paper, data are presented which give a statistical
description of the surface roughness profiles on in-service tur-
bine blades. Two military engines were selected: a TF-39 (trans-
port plane) engine and an F-100 (fighter plane) engine. Since
the major mission of our laboratory is the investigation of the
effects of surface roughness on heat transfer, only first-stage
turbine blades were selected.

Measurement Techniques and Statistical Computations

A random surface profile can be completely defined statis-
tically by two characteristics—the height probability distri-
bution function and the autocorrelation function; see
Whitehouse and Archard (1970) for example. To study the
character of the roughness on in-service turbine blades, the
surface profile measurements and statistical computations were
made as discussed next.

Surface profiles were collected using a Rank-Hobson-Tay-
lor Surtronic III profilometer. The profilometer was set with
a cutoff of 0.8 and a range of 99.9. Depending on the mag-
nitude of the roughness, the vertical magnification was set
between 200 and 1000, and the horizontal magnification was
set between 40 and 100. All traces were taken near the midspan
of the blade, and the direction of the traces were from the
base toward the tip. All traces were approximately 1.5 cm long.

This stylus profilometer is capable, by setting the appropriate
amplification ratio, of resolving surface detail between 0.1 pm
and 100pm. The major function of the instrument used in this
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program was the x—y recording ability. The instrument also
has some internal computational ability and can compute the
average roughness height, the maximum peak-to-valley height,
and the number of peaks per unit profile length, and other
similar parameters. The parameters, which are computed di-
rectly by the instrument, were developed for surface-to-surface
contact analysis, and many are of limited direct use for bound-
ary layer analysis.

Once the profile records were obtained, they were digitized
and conditioned for statistical computations.The profiles were
digitized with an x — y digitizing device. The record was placed
on the digitizer bed, the profile was followed by hand and
selected points were entered into the computer as x—y coor-
dinates. The x-spacing of these points was at most 1/5 of the
major structural scale of the roughness. The x—y coordinates
were then converted into the physical coordinate system of the
record by using the proper scaling ratios. Since the turbine
blades were curved, the profilometer picked up some of the
trends of the substrata. These trends must be removed for
proper statistical analysis of the roughness. This trend removal
was easily accomplished by least-squares fitting of a polyno-
mial to the x—y data. This trend curve was then used as the
new origin of the y-coordinate. The trend removal procedure
resulted in a mean surface height y=0.

Once the surface profile was digitized and conditioned as
just discussed, the following statistical functions and param-
eters were computed: (1) Height distribution function;
(2) Autocorrelation function and correlation length;
(3) Root mean square height, skewness and kurtosis of the
height distribution.

The height distribution is computed by dividing the range
of surface heights into regions or bins and counting the number
of occurrences in each bin. The number of bins is set based
on the total number of points, N, in the record by Ny, =
N/20. To decide in which bin a given point belongs, the fol-
lowing algorithm is followed

Compute: C = Ymax = Vmin (la)
N bin
Compute: J =i _C}‘) min (1)

The bin, index j, in which y, falls is the integer j = max integer
< J. The number of points, #;, in each bin is determined by
adding 1 to »; each time j is encountered. The probability
histogram is then computed by p; = n/Nforj =0,1, ...,
Nbin - L

The autocorrelation function is computed by evaluating the
integral

L2
Ryn)= lim © Sﬂuzy(x)y<x+r)dx @)
The finite sample approximation for equation (2) is

Nomenclature

b4

—J

ij= .ylyl+js .]=0y 1! SRR (3)
1

1

N—-j

where m = N/10.
The variance is computed by evaluating

N
E =y
V= izl

i

~ @

Here following Sachs (1982) the variance is defined based on
N and not N—1 as is usual when the computed mean is used
in equation (4). This is done for consistency when the variance
is used to normalize the higher moments below. For all sample
sets in this paper, N > 100; so, there is very little- difference
in the variance when N is used in place of N—1. The root
mean square, rms, height is computed by

s=A/v ©)

The skewness is computed by evaluating

N
Sk = [E Ui }7)3] /N/S? ©)

i=1

and kurtosis is computed by evaluating

N
Ku= [E (yi—j)“] /N/S*-3 )
i=1
Again, following Sachs (1982), the ( — 3) is included in equation
(7) to cause Ku = 0 for the normal (Gaussian) distribution.
Positive skewness indicates that heights above the mean tend
to be larger than heights below the mean. That is, the profile
tends to have more high peaks than deep valleys. Negative
skewness indicates a tendency to favor deep valleys over high
peaks. The kurtosis is a measure of the peakedness of the
probability distribution. A positive kurtosis indicates a tend-
ency to have relatively smooth areas with a few large peaks or
valleys. This is demonstrated in the following section.

As just stated the profilometer can resolve surface detail on
the order of 0.1 um. The calibration was checked by measuring
the roughness on a standard surface which was supplied with
the instrument. Therefore, the bias errors associated with the
profile measurements were small. These biases cancel out in
the computation of the mean height and the autocorrelation.
However, the biases do accumulate in the computation of the
higher moments (S, Sk and Ku). In any case, these biases are
much smaller than the sample variations as will be seen later.

Results of the Turbine Engine Blade Measurements

Profiles were obtained for two sets of first-stage turbine
blades, 30 from a TF-39 and 30 from a F-100 engine. The TF-
39 blades were all from the same turbine wheel, had shower

Ku = kurtosis, equation (7)
L = profile length Rt =
N = number of points in a pro- height
file record Rtm =
Nyin = number of bins in the height height
probability histogram R, =
p = probability
Ra = average profile height = S =
1/L §glyldx
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profile mean peak-to-valley

autocorrelation function,
equations (2) and (3)
root-mean-square profile
height, equation (5)

maximum peak-to-valley

skewness, equation (6)
variance, equation (4)
surface coordinate

profile height coordinate
mean profile height =

1/L{g ydx

10 percent correlation length

I

o

® e x <R
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Fig. 1 Approximate trace locations
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Fig. 2 Summary of the roughness parameters Ra, Ri, Rtm; all values
in pm

head cooling, and had a service age of 3402 h. The F-100
blades also were all from the same wheel, had shower head
cooling, and had a service age of 1600-1800 cycles. = Six pro-
files were taken on each blade for a total of 360 profiles.
Profiles were taken in the region of the leading edge, the
midchord, and the trailing edge on both the suction and pres-
sure side. Figure 1 shows the approximate trace location and
defines the numbering scheme used—1 for the leading edge
suction, etc.

The three parameters which were obtained directly, using
the profilometer, were the average roughness, Ra; the profile
maximum mean peak-to-valley height, R¢; and the profile mean
peak-to-valley height, Rtm. Figure 2 shows the sample mean
value for each of these parameters for both engines. From the

figure, it is seen that the TF-39 blades were roughest on the’

pressure side near the midchord and the trailing edge. The F-
100 blades are roughest on the suction side near the leading
edge.

In addition, the figure shows that the blades are very rough.
A value of 50 um corresponds approximately to 2000 microin.
or 2 mils. The data scatter is large. Table 1 shows the summary
of the standard deviation of the Rag-values for each engine.

Figure 3 shows a scattergram of Trace 5 versus Trace 6 for

Journal of Turbomachinery

Table 1 Summary of the Ra (um) Distribution

Trace ‘Mean Std. Dev
TF-39 Engine
1 3.73 0.933
2 1.46 0.240
3 1.89 0.422
4 2.65 0.329
5 6.86 2.04
6 - 5.50 1.09
F-100 Engine
1 10.7 3.04
2 1.74 0.530
3 1.93 0.468
4 1.87 0.301
5 2.04 0.360
6 2.59 0.300
12.2 ’- +
1.5 *
«w 8.8 ’
L
U
1
74
k- - *
H
L :
+ b4
5.5 1
3.6l . L " . " . .
TRACE 6

Fig. 3 Sample scattergram of the average roughness, Ra, for the TF-
39 blades

(a) Original profile

oVt o

(b) Aeduced Profile
Fig. 4 Roughness profile for trace TF196

the average roughness, Ra, on the TF-39 engine. The purpose
of this figure is to demonstrate that there is no correlation
between the trace pairs; that is, a rougher than average value
at one trace does not indicate that the values for the other
traces on the same blade will be rougher than average.
Figure 4 shows a profile record for trace TF196 which is a
profile taken on the suction side trailing edge of a TF-39 blade.
Part (a) of the figure shows the original profile and the least-
squares polynomial which was used to remove the substratum
curvature. Part (b) shows the reduced profile. The figure shows
that the reduction process conserves the character of the profile
roughness. Figure 5 shows the probability distribution histo-
gram and autocorrelation function for this profile. The bars
in the probability plot represent the histogram of the height
distribution data and the bell curve represents the expected
values for a Gaussian distribution. The distribution seems to
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Fig. 6 Roughness profile for trace TF221
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Fig. 7 Results of the statistical computations for trace TF221

loosely match the Gaussian distribution. However, it fails a
chi-squared goodness of fit test at a 0.05 level of confidence.
The autocorrelation function shows an exponential like decay
which is typical of random data. The computed value of skew-
ness is Sk = — 0.988, and the value of kurtosis is Ku = 2.86.
These values indicate a tendency to regions of smoothness and
a tendency to favor valleys over peaks. Referring back to Fig.
4, we see that the profile crests have rather flat tops and the
valleys are sharp and deep.

Figure 6 shows the original and reduced profiles for trace
TF221 which is a profile taken on the pressure-side trailing
edge of a TF-39 blade. Figure 7 shows the probability distri-
bution histogram and autocorrelation function for this profile.
This profile is chosen because of its positive skewness, Sk =
0.602, and almost zero kurtosis, Ku = — 0.058. This indicates
that the peaks should dominate over the valleys. Inspection of

Fig. 6 shows that this is true. The peaks are moderately higher -

than the valleys are deep.
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Fig. 9 Results of the statistical computations for trace TF282

Figure 8 shows the original and reduced profiles for trace
TF282. This is a profile taken on the pressure-side trailing edge
of a TF-39 blade. Figure 9 shows the probability distribution
histogram and autocorrelation function for this profile. This
profile is chosen because of its large value of kurtosis, Ku =
5. The skewness is Sk = 2.13. A large kurtosis and a positive
skew indicate a relatively smooth surface with a few large
peaks. Inspection of the profiles in Fig. 8 demonstrates that
this is the case. The profile is comparatively smooth and has
two large hills. .

A paper of this nature is much too short to give the profiles,
histograms, and autocorrelation functions for all 360 profiles.
The data are summarized by giving the values of rms height,
skewness, kurtosis, and correlation length for each profile.
Figures 10-13 show plots of these values for the TF-39 engine.
Figure 10 displays the rms height for each profile. The figure
shows that the largest roughness magnitudes are at locations
1, 5, and 6—the leading edge on the pressure side. The figure
also reveals the large scatter in the data. At trace location 5,
the rms height ranges from about 7 um to about 14 ym with
outliers as large as 23 um. The figure also shows that the
magnitude of the roughness varies considerably from location
to location. Figure 11 shows the skewness for each profile.
The figure indicates that the data has a large scatter at all trace
locations. The central trend of the data shows a tendency of
positive skewness at trace location 1, followed by negative
skewness at locations 2 and 3. All the trace locations on the
pressure side display a tendency toward positive skewness.
Figure 12 gives the kurtosis for each profile. The figure shows
that the kurtosis at all locations tends to be positive. The
majority of the data at all trace locations lies in the band
between —0.5 and 4. Figure 13 shows the correlation length
for each profile. Again, we see a wide range of values at all
locations. The rms height is a measure of the height of the
roughness, and the correlation length is a measure of the base
dimension of a roughness element. Comparison of Figs. 10
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and 13 reveals that the roughness is characterized by roughness
elements whose height to base ratio is of the order of 0.1.

Figures 14-17 give the same data for the F-100 engine. Figure
14 shows that the roughness magnitude is much greater at trace
location 1 than at any of the other trace locations. Figure 15
gives the skewness of the height distribution. Comparison with
Fig. 11 shows that the F-100 blades have a skewness central
tendency which is more nearly zero than the TF-39 blades. A
comparison of Fig. 16 and Fig. 12 shows that, while both the
F-100 blades and the TF-39 blades show positive kurtosis, the
F-100 blades show a very large value of kurtosis in many cases.
A large positive kurtosis indicates a surface that is basically
smooth but has a few tall peaks and/or deep valleys. Com-
parison of Figs. 17 and 14 shows that the aspect ratio (height/
base) is very small for all cases except the leading edge suction
side. The ratio is of the order of 0.005, and the leading edge
ratio is order 0.1.

Often in engineering models of random surfaces, the as-
sumption is made that the profile is Gaussian. Based on the
data for skewness and kurtosis previously given, it seems un-
likely that the Gaussian model would be appropriate. However,
it is an interesting exercise to test the hypothesis that the height
distribution functions are Gaussian, using the chi-squared sta-
tistic. Table 2 gives the number of profiles for which this
hypothesis passes the chi-square test at the 0.05 level of con-
fidence.
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This table indicates that indeed the Gaussian distribution is
most likely inappropriate for the TF-39 engine. However, for
many of the trace positions on the F-100, the Gaussian as-
sumption may be appropriate. In any case, the Gaussian as-
sumption is clearly not appropriate for all trace locations.

Summary

The purpose of this work was to investigate the surface
roughness of in-service turbine engine blades. The main am-
bition was to gain insights into what statistical characteristics
the artificially manufactured roughness should have in labo-
ratory flow and heat transfer experiments. The following ob-
servations are made:

1 In-service turbine engine blades can be very rough. On
the F-100 blades rms heights as high as 30 um were common
with outliers as high as 50 um. The sample mean value of the
profile maximum peak-to-valley height for the leading edge
suction side of the F-100 blades was 79 um.

2 Both the magnitude and the statistical character of the
roughness vary greatly from point to point around the blade.
The blade does not have a single roughness value. Therefore,
heat transfer and flow experiments should investigate the effect
of roughness variation,

3 The Gaussian model for the height distribution function
is not universally appropriate. For the present data the Gaus-
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Table 2 Fraction passing chi-squared test for Gaussian
profiles
TF-39 F-100
Trace 1 1/30 4/30
Trace 2 7/30 10/30
Trace 3 9/30 11/30
Trace 4 11/30 20/30
Trace 5 3/30 18/30
Trace 6 0/30 16/30

sian model was totally inappropriate for several of the trace
locations.
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The paper aims at a better understanding of the reasons for the wide range of

Strouhal numbers observed on turbine blades. The investigation is restricted to the

H. Heinemann
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subsonic domain. First, flat plate model tests are carried out to investigate the effect
of both the boundary layer state and trailing edge geometry on the vortex shedding
JSrequency. A particular objective of the tests is to obtain data for the very common
case of a mixed laminar-turbulent separation from turbine blades. These basic tests
are followed by three cascade tests with blades of very different suction side velocity

distributions. Based on the experience gained from the flat plate test program, an
attempt is made to interpret the Strouhal number variation with Mach number and
Reynolds number, and to relate the vortex frequency change to the boundary layer
state on the blade surfaces.

Introduction

Vortex shedding, as excitation for acoustic resonances and
structural vibrations, has been an intriguing and challenging
flow problem ever since the early works of von Karman on
this subject. The literature on vortex shedding from cylinders
and flat plates is abundant, but the particular problem of vortex
shedding from turbomachinery bladings has, to date, received
only limited attention. However, the continuous trend to bigger
blades with decreasing stiffness increases the probability that
vortex shedding may become a non-negligible excitation gen-
erator. Furthermore, the modeling of trailing edge flows con-
taining large-scale periodic fluctuations poses a severe problem
to all those viscous flow computer codes which ignore the
existence of this type of unsteadiness. As both the base pressure
and the wake mixing are affected by the vortex shedding, it is
indeed unlikely that the solution of the steady-state Navier—
Stokes equations, with current turbulence models for the clo-
sure conditions, can result in correct blade loss predictions.

One of the first researchers to report on vortex shedding
from turbomachinery bladings was Parker (1967), who found
that sounds emitted from a single-stage compressor were due
to a series of acoustic resonances, excited by periodic wakes
shed from the rotor blades. Sauer (1979) measured the losses
and vortex frequencies of a compressor cascade over a wide
range of incidences. It was found that the increase of losses
at both positive and negative incidence angles was accompanied

by a drop in the vortex frequency. In an attempt to provide’

data to assess the adequacy of viscous calculation procedures
for compressor blade trailing edge flows, Patterson and Wein-
gold (1982, 1984) set up a low speed flat plate experiment, with
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trailing edge boundary conditions representative of typical su-
percritical airfoil designs. The boundary layers were turbulent
on both sides of the plate. The Strouhal number of the trailing
edge vortex sheet was 0.18, which is in close agreement with
Strouhal numbers for flows past circular cylinders. Differences
in the boundary layer thicknesses on the two sides of the plate
apparently did not affect the vortex shedding. Based on LDV
measurements across the wake, the authors concluded that
lateral velocities were large compared to both mean lateral
velocity components and turbulent velocity fluctuations. The
suppression of the vortices by splitter blades on the mean
centerline increased considerably the base pressure. Similar
observations had already been made by Roshko (1954) on
circular cylinders. Whether these lateral velocity fluctuations
can be strong enough to induce a significant fluctuation in the
base pressure is not known. In a turbine blade experiment with
a Kulite pressure transducer mounted in the trailing edge, Siev-
erding (1976) did not find any measurable pressure variation
related to the vortex shedding.

The most systematic trailing edge vortex measurements on
turbomachinery bladings were undertaken at the DFVLR by
Lawaczeck, Heinemann and Buetefisch (1976a, 1976b, 1978),
who investigated 10 subsonic and transonic turbine cascades.
The Strouhal numbers varied over a range 0.2<S=<0.4 for a
Reynolds number range, based on trailing edge thickness and
downstream velocity, of 0.3 x10*<Re,;<1.6x10°. The au-
thors did not give any explanation for the differences compared
to Strouhal numbers from cylinders, for which S varies between
0.21 and 0.19 over the same range of Re numbers. Lawaczeck
et al. (1976b) measured the vortex intensity in the two vortex
rows and found a higher intensity for the pressure side than
for the suction side. This observation was confirmed in a smoke
visualization study on a 21-in. chord turbine blade by Han and
Cox (1982), who found much sharper and more well-defined
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vortex contours on the pressure side, and concluded that this
implied stronger vortex shedding from the pressure side.
Bryanston-Cross and Camus (1982) investigated, in the Mach
number range 0.4=<M,=<1.2, two high turning gas turbine
blades with different degrees of rear suction side curvature.
The Strouhal number, based on trailing edge thickness and
downstream velocity, was nearly the same for both blades,
S$=0.35, in the Mach range 0.4<M,=<1.0. The authors did
not comment on the state of the boundary layers at the trailing
edge, but Schlieren photographs for the blade with the high
rear SS curvature suggest laminar or transitional boundary
layers. It is worth noting that there was no apparent relation
between the Strouhal number and the base pressure coefficient.
For equal Strouhal numbers on both blades, the authors meas-
ured differences in the base pressure of 20 percent and more.
The foregoing studies indicated that a simple flat plate ex-
periment would be most useful, by enabling a systematic in-
vestigation of the effect of the boundary layer state on the
vortex shedding. The following conditions were studied:

() Laminar flows on both sides of the trailing edge;

(b) Laminar flow on one side, turbulent flow on the other
side;

(¢) Turbulent flows on both sides.

Both rounded and squared trailing edges were used, the latter
having the advantage of fixed separation points.

If possible, the results of the model tests should be corrob-
orated by some cascade experiments.

Model Tests

Model Geometry. The model consisted of a 150-mm-long,
50-mm-wide, and 4-mm-thick flat plate, placed in a highly
convergent channel with 250-mm inlet and 57-mm outlet height,
Fig. 1.

The 55-mm-long nose section was shaped according to

4 2
DY G
Y=2 (55 755
The model was used both with a circular and squared trailing
edge. The latter was obtained by cutting off the circular TE.
The combination of the high channel convergence and the

carefully shaped nose provided a continuous smooth accel-
eration of the flow along the plate.

Instrumentation. The plate was equipped with closely
spaced pressure tappings, including one tapping in the TE base
region. The boundary layer profile was measured by a flattened
pitot tube of 0.12 mm thickness positioned at 3.6 mm upstream
of the beginning of the TE circle. The vortex shedding fre-
quency was measured with a Kulite pressure probe placed in
the wake of the plate.

Flow Conditions. All tests were carried out at low speed.
The isentropic Mach number before separation at the trailing

CONVERGENT 220 mm — —o

Fig. 1 Model
edge, Mg*, was varied over the range 0.1 <Mqz* <0.4.
The overall test conditions were as follows:

Total upstream pressure Py, =3 to 50 mbar (gage pressure);
Total upstream temperature T, =275°K;

Reynolds number : Re, = (0.45-1.3) x 105;

Turbulence intensity Tu=1 percent.

Boundary layer surveys at the trailing edge showed typical
laminar profiles for the previous conditions. Trip wires of 0.2-
mm dia, placed at X/C=0.5, were used to obtain turbulent
boundary layer profiles.

Measurement Accuracy.

Total pressure : +0.05 mbar;

Wall static pressure : £0.1 mbar;

Total temperature : +1 deg;

Position of boundary layer probe : +0.01 mm.

Velocity Distributions and Boundary Layer Characteris-
tics. Typical examples of the isentropic Mach number dis-
tributions along the flat plate are presented in Fig. 2(a). The
convergent duct imposes a continuous acceleration. The rate
of acceleration decreases somewhat for X/L > 0.7, but a strong
acceleration reappears near the trailing edge. Variations in the
velocity distribution due to differences in TE shape (rounded
or squared) and flow conditions (with and without trip wire)
are limited to the TE region; see Fig. 2(). Note that the velocity
distributions are presented in the form M =f(X/L) where L
is the length of the model with rounded TE. The mechanism
triggering the trailing edge acceleration can be found by con-
sidering the momentum exchange between the base flow and
the free-stream flow. This causes a drop in the base pressure,
which affects the upstream flow velocity distribution over an
appreciable distance, through a gradual decrease of the bound-
ary layer displacement thickness. The upstream effect extends
to the distance AL = 2d, measured with respect to the beginning
of the TE circle or the corner of the squared TE.

Nomenclature

C = chord W = cascade relative velocity 2 = downstream
CP = pressure coefficient B, = inlet flow angle b = base

d = trailing edge thickness B, = outlet angle is = isentropic

S = vortex shedding frequency 6 = boundary layer thickness LA = laminar

g = pitch 6* = boundary layer displacement PS = pressure side

L = flat plate length thickness SS = suction side

M = Mach number € = rear suction side turning angle Tu = turbulent

P = pressure ¢ = flow turning angle TE = trailing edge

Re = Reynolds number i

S = Strouhal number Subscripts Superscripts

T = temperature 0 = total - C = circular trailing edge
U = velocity 1 = upstream S = squared trailing edge
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In the absence of the TE effect, the natural evolution of the
velocity distribution, under the sole influence of the external
contraction of the duct, would have been most likely along
the dotted lines in Fig. 2(b), which are obtained by simple
extrapolation of data points situated further upstream. The
endpoint of this fictitious Mach number distribution is defined
as the separation Mach number Mqg*. The corresponding ve-
locity Urg* is used as the reference velocity for the definition
of the Strouhal number.

Boundary layer traverses were made at X/L =0.963, cor-
responding approximately to a distance AL =d from the be-
ginning of the TE curvature. At this point, the effect of the
TE expansion is still rather moderate.

Typical boundary layer profiles for tests with and without
trip wire are presented in Fig. 3. The corresponding shape
factors are summarized in Fig. 4. The undisturbed boundary
layers exhibit clearly a laminar profile while artificially in-
ducing transition, by use of a trip wire placed at X/L=0.5,
leads clearly to turbulent boundary layer profiles at the trailing
edge.

Trailing Edge Vortex Shedding. The Strouhal number is
calculated using the trailing edge velocity Urg* (for definition,

Journal of Turbomachinery
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see previous paragraph) and the trailing edge thickness, aug-
mented by the pressure side and suction side boundary layer
displacement thicknesses
gL (d+ 85 +335)
TE

Let us first consider the case of the flat plate with circular
trailing edge. For the case of turbulent boundary layers on
both sides of the plate, Strouhal numbers of the order of
S=0.24 are recorded, while the values for laminar boundary
layers on both sides are in the region of S=0.31; see Fig. 5(a).
The question arises as to whether this change is due to the
difference in the nature of the boundary layers at separation,
or to a difference in the position of the boundary layer sep-
aration points on the trailing edge, resulting from the different
boundary layer states. Flow visualization tests by Patterson
and Weingold (1982) show turbulent separation occurring at
0 =14 deg of the trailing edge circle of their flat plate. Assuming
for a laminar boundary layer, the extreme case of a tangential
separation from the flat plate, i.e., 8 =0 deg then the transition
from laminar to turbulent separation results in a maximum
difference for the distance between the upper and lower sep-
aration points of 3 percent. If this distance was the only factor
influencing the vortex frequency, one would have expected
slightly lower frequencies for the laminar separation. Since,
on the contrary, the measurements show a 30 percent increase
of the frequency for the laminar separation, it becomes evident
that the state of the boundary layers at separation must play
a predominant role in the determination of the vortex fre-
quency. :
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Fig. 5 Flat plate Strouhal numbers

For the configuration with the mixed laminar-turbulent sep-
aration, the Strouhal numbers lie in between those of the ‘“all
laminar’’ and ‘all turbulent”’ separations, but one observes a
slight tendency of the data to be closer to the all laminar case.

In the case of the flat plate with squared trailing edge, the
flow separates right at the trailing edge corner. Hence, the
distance between the separation points is not affected by the
boundary layer state. As for the circular trailing edge, the
vortex shedding frequency increases when switching from tur-
bulent to laminar boundary layers (Fig. 5b). However the effect
of is much smaller, only 13 percent instead of 30 percent for
the circular TE. This different behavior can be explained if
one assumes that the shape of the trailing edge may strongly
affect the evolution of the shear layer, and that it is the state
of the shear layer rather than that of the boundary layer before
separation which plays the most important role in the gener-
ation of the vortex street. Studying the flow behind flat plates
with squared trailing edges for both laminar and turbulent
boundary layers, Dymant (1978) found virtually no difference
in the shear layer profiles for distances as close as half the
trailing edge thickness. This suggests that a sharp corner in-
duces early transition of the shear layers without imposing
necessarily complete transition right at the corner, thus leaving
some room for the influence of the Re number on the transition
length. Hence, it is normal that the change in Strouhal numbers
for a change in the boundary layer state is relatively small for
the squared trailing edge.

Comparing the Strouhal numbers for the two TE geometries
with turbulent boundary layers, one notices that the values for
the circular trailing edge are about 11 percent higher than those
for the squared trailing edge, i.e., S=0.24 instead of 0.215.
Of this difference, at a maximum, only 3 percent can be at-
tributed to a change in the position of the separation points.
The remaining difference is not explained. Remembering the
importance of the state of the shear flow, it was thought that
the free-stream velocity adjacent to the base flow region,
Uy=f(Py, Py), was possibly a better reference velocity for
evaluating the Strouhal number than the velocity Uyg*, which
is the same for both configurations. However, since U, is higher
for the squared trailing edge than for the circular trailing edge,
the difference in the Strouhal numbers would be even bigger.
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Fig. 6 Flat plate base pressure coefficients

Trailing Edge Base Pressure. The effect of the state of the
boundary layers and the trailing edge shape on the base flow
is presented in Figs. 6(a, b), in the form of a base pressure
coefficient

CP=2(Pb_Pref)
poUrer

Two different reference pressures are used:

(@) The base pressure of the plate with circular trailing
edge and laminar boundary layer, (P),, pa;

(b) The trailing edge pressure Prg* defined as that pressure
which would occur at the beginning of the circular trailing
edge, or at the corner of the squared trailing edge, in the
absence of the trailing edge acceleration; see dotted line in Fig.
2(b).

_ 2[(P) pru— (PC) 1Al
p*(U)pa

2[(PS) p,1a — P 14l
22(U°)p,1a

2[(P) b1~ Piel
p+(Ute)*

CPAZ =

CPBO =

2[(P°)p,1a— Pl

CPon = = (Ut

2[(P%) p,1a — Pl

CPy, =
i po(Ute)?

Subscripts: TE = trailing edge, b= base, LA = laminar,
Tu = turbulent;
Superscripts: C = circular TE, S = squared TE.

The coefficients CP, compare the base pressures of the
various configurations with each other, while the coefficients
CPg relate the base pressures of all configurations to the same
upstream flow conditions.

The effect of the state of the boundary layer on the base
pressure for the model with circular TE is small, of the order
of 1.5 to 2 percent of the dynamic head; see coefficient CP,;,
in Fig. 6(a). The large differences between the trailing edge
vortex shedding for laminar and turbulent flow apparently
affect the base pressure very little or not at all. The base
pressure for the configuration ‘‘squared TE with turbulent
boundary layer”’ was not measured, but it is expected that the
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Table 1

Cascade A B C
Inlet angle 8, 30° 0° 30°
Gaging angle 3,
(arccos 0/g) 65° 65.1° 67.8°
Pitch to chord ratio 0.75 0.72 0.71
g/c - .
Trailing edge
thickness d/c to 0.04 0.046 0.045
chord ratio :
Chord length ¢ . 66 64.5 100/60*
Rear SS turning 0° 7° 20°
angle ¢

*Chord length C=100 mm at VKI; C=60 mm at DFVLR-Géttingen. Note:
B, and B3, are referred to axial direction.

DD L2 22

difference with respect to the ‘“‘squared TE with laminar
boundary layer’’ is smaller than for the circular TE, because
of the corner effect on the shear layer evolution discussed in
the preceding paragraph.

The effect of the trailing edge shape on the base pressure is
more significant. Compared to the circular trailing edge, the
base pressure of the squared trailing edge is ~ 11 percent lower;
see coefficient CP4, in Fig. 6(a).

With respect to the upstream conditions, Fig. 6(b), the base
pressure coefficients are around — 12 percent for the circular
trailing edge; see coefficients CPy, and CPp;, but almost twice
as high for the squared TE; see coefficient CPp,. The base
pressure coefficients for the squared TE are very similar to
those of Nash (1963) for a backward facing step in subsonic
flow.

Cascade Tests

Description of Cascades. Vortex shedding frequency meas-
urements are presented for three turbine cascades in the outlet
Mach number range 0.2<M,=<0.8. The main geometric di-
mensions of the cascades are given in Table 1; see also Fig. 7.

Cascades A and B were tested at VKI. Cascade C was tested
at DFVLR-Gottingen as well as at VKI. Preliminary results of
this work were reported in 1982 (Sieverding et al., 1982).

Blades 4 and C were chosen because of their fundamentally
different suction side design:

e Blade design 4 with a straight rear SS favoring the de-
velopment of a turbulent boundary layer on the rear SS, due
to a strong deceleration in the throat region, W,/ W,=1.53;

e Blade design C with a highly curved rear SS favoring the
preservation of a laminar boundary layer, by keeping the re-
compression on the rear suction side very small, W,/
W,=1.11. Nevertheless, it must be expected that at high Re
number transition will start soon after the velocity peak.

Blade B is intermediate between blades A and C. Compared\

to blade A, the suction side velocity peak is greatly reduced,
due to smaller changes in the surface curvature in the throat
region, Wi../W,=1.25. However, similar to A4 it is front-
loaded, with a first velocity peak at X/C=0.25 instead of X/
C=0.55 for the back-loaded blade C.

Blade Velocity Distributions and Overall Flow Condi-
tions. Blade velocity distributions for all 3 cascades are pre-
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Fig.9 Variation of Reynolds numbers in function of downstream Mach
numbers

sented in Fig. 8. They illustrate clearly the different suction
side design features, but there also are some noticeable dif-
ferences in the pressure side velocity distributions.

For all three cascades, the increase of the outlet Mach num-
ber is accompanied by an increase in Reynolds number. The
evolution of Re,=f(M,;) is presented in Fig. 9. The differ-
ences in the two Reynolds number curves for blade C are due
to different chord lengths of the blades and different operating
systems of the VKI and DFVLR cascade tunnels. The VKI
cascade tunnel is of the blowdown type with exhaust to at-
mospheric pressure, while the tunnel of DFVLR-Gottingen is
a suction-type tunnel.

Vortex Shedding Frequency Measurements. The tests were
carried out using both high-speed pressure probes and optical
methods. There was virtually no difference in the results ob-
tained with both methods.

Cascade A: Two test series were performed:

I e Forced transition on the PS, by a trip wire at 24
percent of the chord from the TE;

e natural evolution of boundary layer on suction side,
with natural transition on rear suction side due to strong ad-
verse pressure gradient in throat region;

II natural evolution of boundary layer on both pressure
and suction sides.

The trip wire used for Series I was placed relatively close to
the TE, to make sure that the strong pressure side acceleration
did not cause a relaminarization of the flow. The Strouhal
numbers, in the form '
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are presented in Fig. 10 for both test series. Note that, due to
the lack of boundary layer measurements on the blades, the
displacement thicknesses are not included, contrary to the flat
plate tests.

The all turbulent Test Series I shows a nearly constant Strou-
hal number S=0.195 over the entire flow range tested. This
value is about 20 percent lower than the corresponding value
for the flat plate test with circular trailing edge. Most of this
difference can be attributed to the fact that the boundary layer
displacement thicknesses are not taken into account,

The curve for Test Series II exhibits quite different features
than that of Series I. Starting from the low Mach number and
Reynolds number end, the Strouhal number decreases from
S$=0.34 at M, ;;=0.2 to S=0.26 at M; ;;=0.53. At this point,
S drops suddenly to the level of the all turbulent case of Test
Series 1. This sudden change obviously indicates that boundary
layer transition has taken place on the pressure side. The slow
decrease of S before the jump points to a progressive change
from a laminar to a transitional boundry layer, due to the
increase in Reynolds number.

S
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Cascade B: This cascade was tested as cascade 4, with and
without trip wire on the pressure side. But, contrary to cascade
A, the wire was placed on the front part of the pressure side.
The results are presented in Fig. 11.

Let us first try to interpret the data for the case without trip
wire in the light of the results from the flat plate and cascade
A. The curve is subdivided into 4 characteristic sections A, B,
C and D. Except for Section A, Fig. 11 shows for each section
typical frequency spectra, as measured by a Kulite pressure
probe positioned at 6 xd behind the trailing edge. Starting
from the high Mach number-high Reynolds number end, Sec-
tion D, the Strouhal number level of S=0.2 and the very
narrow frequency band are indications of an all turbulent
boundary layer separation from the trailing edge. In the center
of Section C, the frequency spectrum is extremely wide, with
a double peak which points to abrupt changes in the state of
the pressure side boundary layer, flipping back and forward
between a transitional and a fully turbulent state. The fre-
quency spectra at the beginning and end of Section C are wide,
but show only one predominant peak. The plateau of Section
B can be interpreted as the result of a laminar pressure side
boundary layer and a turbulent suction side boundary layer,
the pressure side boundary layer playing a predominant role
in the vortex shedding process. Decreasing further the Mach
and Reynolds numbers, Section A, the Strouhal number rises
again, which could be explained by a transitional state of the
suction side boundary layer.

The interpretation of plateau B in Fig. 11 as being due to a
laminar pressure side boundary layer is supported by the tests
with the trip wire on the front pressure side. With the trip
wire, plateau B dissappears and the Strouhal number continues
to decrease, at nearly the same rate as in Section A, until it
joins the curve without trip wire at the end of Section C. The
fact that the trip wire does not lead to an extension of the low
Strouhal number level of Section D to lower Mach and Rey-
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nolds numbers, i.e., to Section C or even beyond that, can be
attributed to the strong flow acceleration for X/C> 0.4, This
counteracts the effect of the trip wire and keeps the rear pres-
sure side in a transitional state until the increasing Reynolds
number (with increasing Mach number) causes full transition.

Cascade C. This cascade was tested with a circular trailing
edge (DFVLR), as well as with a squared trailing edge (VKI),
over a Mach number range M, =0.2—0.9. The two test series
differed not only by their TE geometry, but also by, at constant
Mach number, the higher Re number of the VKI tests; see Fig.
9. Based on the flat plate test results, one may expect that a
squared trailing edge enhances the effect an increase of Re
number has on the vortex shedding process. The Strouhal
numbers for both test series are presented in Figs. 12(a, b) as
a function of Mach number and Reynolds number, respec-
tively.

Both the DFVLR data, for the circular TE, and the VKI
data, for the squared TE, show an upper plateau for the Strou-
hal numbers of S=~0.36 at low Mach and Reynolds numbers.
This plateau is characteristic of an all laminar trailing edge
boundary layer separation. The Strouhal numbers start to de-
crease with increasing Re numbers, the drop of S occurring
earlier at Re~0.35 x 10° for the squared trailing edge, instead
of Re = 0.6 x 10° for the circular trailing edge. At Re=1.1 x 105,
the squared TE data reach a lower plateau with S =0.24. Ex-
trapolating the DFVLR data, one may expect that the curve
for the circular trailing edge will join that for the squared TE
at Re=1.1x 10° (assuming that any Mach number effects are
absent). To eliminate the uncertainty concerning the lower
Strouhal number plateau for the circular trailing edge, one
single high Re-number test was run at VKI for blade C with
a circular TE. The flow conditions were chosen as:
Re=1.27 x 10° at an outlet Mach number M, ;= 0.59. This test
is denoted in Figs. 12(a, b) by a star. It turns out that the
Strouhal number falls right on top of the squared TE data;
i.e., S=0.24. It is believed that the lower the Strouhal number
plateau characterizes an all turbulent boundary layer separa-
tion from the trailing edge. The difference with respect to
cascades A and B, with the lower plateau at S=0.2, is not
fully understood, but could possibly be related to the differ-
ences in the rear blade suction side curvature and the trailing
edge wedge angle. It also is worth noting that the all turbulent
S values for the two TE geometries differ for the flat plate
(the squared TE values are 10 percent lower) but not for cascade
C.

Conclusions

Trailing edge vortex frequency measurements behind flat
plates and turbine cascade demonstrate clearly the influence
of the boundry layer state on the Strouhal number. A change
from laminar to turbulent boundary layer separation, by trip-
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ping the boundary layer or increasing the Reynolds number,
reduces drastically the Strouhal number. The differences be-
tween S, and S, amount to about 30 percent for the flat
plate, and to 80 percent and more for the cascades.

A squared trailing edge has a similar effect on the Strouhal
number as a large increase in the Reynolds number. This sug-
gests that it is the state of the free shear layer which, in the
end, determines the vortex shedding process.

In the case of mixed laminar-turbulent separation, the Strou-
hal number takes an intermediate position between the all
laminar and the all turbulent S-values.

The gradual change from a laminar to a turbulent pressure
side boundary layer (with increasing Re number) is character-
ized by a wide spectrum for the vortex shedding frequencies.
The appearance of two distinct frequency peaks for certain
flow conditions (see cascade B) points to strong fluctuations
in the state of the pressure side boundary layer.

The base pressure is significantly affected by the trailing
edge geometry, but not by the boundary layer state (flat plate
tests).
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Introduction

One of the main causes of unsteady flow in gas turbines is
the wakes from upstream airfoils or obstructions as shown in
Fig. 1. These wakes not only impose a free stream with a
periodic, unsteady velocity, temperature and turbulence in-
tensity on the surface boundary layer, but they also produce
a convective flow either toward or away from the surface as
a result of the velocity deficit associated with them. To date,
even though these effects have not yet been satisfactorily in-
vestigated, the adverse influence of the unsteady wake on both
the performance and life of a gas turbine is well recognized.
Of particular concern is the associated increase in heat load
to the turbine airfoils where, on the suction side, the wakes
cause an unsteady laminar-to-turbulent transition independent
of any natural transition that might occur there.

Recently, heat transfer measurements have been made using
actual turbine components and facilities that model most of
the engine operating conditions. This work was done by Gue-
nette et al. (1985) and Dunn and his co-workers (19864, 19865,
1986¢, 1988). In general, they obtained either time-resolved or
time-averaged heat flux measurements on airfoil, endwall and
blade tip surfaces. Dunn et al. (19865) found that the variations
in surface heat flux were large compared to the time-averaged
values and that they occurred at the fundamental wake-cutting
frequency. In addition, comparisons of the measured time-
averaged results with current two-dimensional, boundary layer
calculation programs showed that the programs fail to satis-
factorily predict the heat load over an airfoil surface (Dunn
et al., 1986¢; Taulbee et al., 1988).

Other unsteady experiments have been conducted in large-
scale, low-speed rotating facilities by Hodson (1984) and Dring
et al. (1986). Hodson measured the shear stress and loss on
the rotor of a single stage turbine, while Dring et al. (1986)
obtained interrow aerodynamic data and time-averaged stator
and rotor heat transfer data for a one-and-a-half stage turbine
model. In general, both compared their rotor results to steady
flow cascade measurements and found that the unsteady rotor-
incident flow affected transition on the suction side. Hodson
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A Theory for Wake-Induced
Transition

A theory for transition from laminar to turbulent flow as the result of unsteady,
periodic passing of turbulent wakes in the free stream is developed using Emmons’
transition model. Comparisons made to flat plate boundary layer measurements and
airfoil heat transfer measurements confirm the theory.

reported that this caused a 50 percent increase in the time-
averaged loss of the rotor. Dring et al. (1986) found that it
doubled the time-averaged heat load in the laminar region.

The unsteady effects of passing wakes in an airfoil row have
been investigated by Ashworth et al. (1985, 1987), Doorly et
al. (1985), La Graff et al. (1988), and Wittig et al. (1988). In
each, a rotating wheel of cylinders was used to produce the
moving wakes. Doorly et al. measured large unsteady increases
in the surface heat flux at the wake cutting frequency and
traced the propagation and growth of turbulent regions along
the suction surface. All of these investigators found that the
wakes directly influenced the onset of transition on the suction
side of the airfoil.

ROTORS

Fig. 1 Unsteady wake propagation through a rotor blade row
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In a related investigation, Pfeil and Herbst (1979) and Pfeil
et al. (1983) examined the laminar-turbulent transition of a
flat-plate boundary layer disturbed by passing wakes. They
measured the steady and unsteady velocity components in the
flow along a plate positioned downstream of a rotating cylinder
of circular spokes aligned parallel to the leading edge of the
plate. Besides presenting information about the time-averaged
growth of the boundary layer, they showed that the wakes
caused the boundary layer to become turbulent during their
“impingement’’ on the plate. This, they pointed out, formed
wake-induced transition zones, which propagated down the
plate such that the time-averaged condition of the boundary
layer was composed of an intermittent laminar and turbulent
boundary layer. Although not formally stated, they implied
that the time-averaged condition of the boundary layer may
be obtained from

F=0=fi+vfr 0))
where f is a boundary layer flow-related quantity, f; is its
laminar value, fris its fully turbulent value, and v, the inter-
mittency, is the fraction of time the flow is turbulent. The
latter varies between zero for laminar flow and unity for fully
turbulent flow. Van Dresar and Mayle (1987) found this expres-
sion also was valid for steady flow around a cylinder with an
incident wake flow providing the wake intermittency is used.

Recently, Doorly (1987) proposed an intermittency-based
model for predicting the effect of a passing wake on the suction
side heat flux of a gas turbine airfoil. He assumed that the
high turbulence content of the wake produces a turbulent patch
in an otherwise laminar boundary layer during each passing.
To obtain the time-averaged heat flux, he used equation (1)
and an intermittency determined by computing the temporal
position of the wake adjacent to the surface. The intermittency,
therefore, depended on the propagation and growth of the
wake around the airfoil. A comparison to measurements
showed only a qualitative agreement.

In this paper, a model similar to that proposed by Pfeil and
Herbst is considered and a theory developed for wake-induced
laminar-to-turbulent transition. The theory is based on Em-
mons’ (1951) original idea of natural transition where he con-
sidered the propagation and growth of turbulent spots along
a surface within a laminar boundary layer. His theory was
later extended in light of new measurements by Dhawan and
Narasimha (1957), who showed that the intermittency distri-
bution through natural transition is well represented by

_ 2
YulX)=1—exp [ —0.412 (M_) :| @

K75 = X25

where x is the distance along the surface, x,, is the location of
natural transition, and x,s and x,5 are the x-positions where
v=0.25 and 0.75, respectively. The quantity x;5 — x5 is a char-
acteristic length for transition, which must be obtained from
either experiments or a correlation.

The extension of Emmon’s theory to wake-induced transi-
tion invokes the idea that the wake is a production source of
turbulent spots so dense that the spots immediately form a
turbulent “‘strip,”’ which propagates and grows along the sur-
face. Therefore, contrary to Doorly’s model, the present model
assumes that once the turbulent strip is formed by the wake
its propagation and growth are independent of the wake. As
a result, the theory predicts a wake-induced intermittency dis-
tribution without any need to calculate the wake position.
Furthermore, it allows one to combine the effects of natural
and wake-induced transition.

Theory

Consider a transitional boundary layer on an x— z surface
as shown in Fig. 2 where the free-stream flow is in the x-
direction. The fraction of time during which the flow over a
point P on a surface is turbulent was shown by Emmons to
be given by

v(P)=1—-exp [ [zg(Po)dV,] &)

where y(P) is the intermittency at point P, g(Py) is the rate of
turbulent spot production per unit surface area at Py, dV is
an element of volume in an x, z and time ¢ space, and R is an
influence volume defined by all the points upstream in the x,
Z, t space that are sources of turbulent spots that will pass over
P. Emmons obtained this expression by considering the prop-
agation and growth of turbulent spots in x, z, f space as shown
in Fig. 3. The source at P, simply produces a spot that, on
the surface (Fig. 2), moves downstream and grows. The cone-
like volume swept out in x, z, ¢ space depends on the propa-
gation and growth of the spot. The influence volume R in Fig.
3 includes all of the sources affecting point P,

Now consider a production of turbulent spots from two types
of sources. In particular, consider that turbulent spots are
produced both naturally (natural transition) and by the peri-
odic passing of wakes imbedded in the free stream (wake-

Nomenclature
a = turbulent-strip production t = time 4 = time-averaged intermit-
strength U; = local spot- or strip-propa- tency
¢ = airfoil chord gation velocity 8(x) = Dirac delta function of x
F(x) = fractional function of x U, = free-stream velocity # = momentum thickness
g = turbulent-spot production U(x) = unit step function of x v = kinematic viscosity
function V = volume in x, 7 and ¢ space T = wake-passing period
h = heat transfer coefficient x = coordinate on surface in 7, = wake duration time over
H = shape factor streamwise direction location x,,
I(x) = integer function of x X, = transition position i
n = number of rotating spokes y = coordinate normal to the Subscripts
or bars surface L = fully laminar
R = influence volume, contains z = coordinate on surface in n = quantity related to natural
all sources of turbulent transverse direction transition
spots that will pass over a a = one-half propagation angle T = fully turbulent
point on the surface : of turbulent spot or strip w = quantity related to wake-
St = Stanton number v = intermittency . induced transition
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Fig. 2 Transitional boundary layer with turbulent spot on x— z surface

induced transition). Assuming that the production functions
from each source are independent of one another, the function
associated with each source can be linearly superposed such
that

g=8nt 8w

where g, and g,, are the individual production functions as-
sociated with natural and wake-induced transition, respec-
tively. It is not obvious that the turbulent spot production
functions are independent. In fact, Pfeil et al. (1983) indicate
that a so-called ‘‘becalmed region’’is formed at the trailing
edge of a turbulent spot in which no other spots are produced.
This would invalidate a simple superposition model unless its
effect is either small or can be somehow incorporated into the
production function itself. Without any further information,
however, it will presently be assumed that all effects of the
wake on transition can be grouped into g, and that linear
superposition provides a good approximation to transition
arising from the two sources. Substituting the foregoing expres-
sion for g into equation (3) yields

Y(P)=1-exp [ [r,8n dV] exp [ [r,8,dV} 1C))
where the volumes R, and R, are now the influence volumes
associated with the turbulent spots produced naturally and
induced by the wake. These volumes can and, in general, will
be different. Consistent with the idea of superposing effects,
g will be independent of time. Obviously, g,, depends on time.
If the wakes pass over the surface with a period equal to 7,
the time-averaged intermittency may be obtained by averaging
equation (4) over one period. This provides
i+t

- 1 -~
Y2 =" Sq y(P)dt=1-[1 -7, —yu0.2]  (5)

where v, and v,, are the intermittency functions at the point
P associated with the individual source functions for natural
and wake-induced transition. These are

Ya(%,2)=1—exp [~ {r,8,dV0l

and
H+r

§w(x,z)=1—; St; exp [—{r.&udVoldt. ©®

The expression for v, was evaluated by Dhawan and Nar-
asimha (1958) and the result has been given previously in equa-
tion (2). To arrive at this result, they showed that turbulent
spots originate most often at a particular distance downstream
on the surface, such that the function g, is well represented
by g, = (constant) X &(x—x,,), where §(x) is the Dirac delta
function and x,, is the location where the spots are most often
produced (i.e., where natural transition begins). This implies
for natural transition that all turbulent spots originate ran-
domly in z and ¢ at x;, such that the only region that contains
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sources in the influence volume R of x, z, ¢ space (Fig. 3) is
on the x = x,, plane.

For wake-induced transition, Pfeil et al., also observed a
most probable location for transition, x,,, and that it is in
general different than x,,. This implies that all wake-induced
turbulent spots originate in X, z, # space on an X = X, plane.
Since the wake induces these spots, spots are produced only
when the wake passes over this location. In this sense, the wake
acts simply as a switch turning on and off the production of
turbulent spots at x = x,,,. Obviously, if the wake is very weak,
i.e., the velocity deficit and turbulence is small, spot production
caused by the wake will be less, transition will be more natural-
like, and x,,, will approach x,,. This implies that both g,, and
X, are functions of the wake strength. In addition, it seems
that these quantities also may depend on the wake-passing
frequency since a small but finite amount of time is required
for the boundary layer to completely respond.

Now assume that the production of wake-induced spots is
to intense that these spots coalesce immediately to form a
transverse turbulent strip across the surface.? In x, z, ¢ space
then, a wake-induced strip will sweep out a wedgelike, rather
than conelike, volume which now depends on the propagation
and growth of the strip (not the wake). Furthermore, if the
wake is two-dimensional, all z = constant planes will be iden-
tical and the wake-induced transition problem can be solved
in that x— ¢ plane as shown in Fig. 4.

To determine the wake-induced intermittency distribution
Y, introduce a new streamwise coordinate x*, defined as

. dx
= b <7>

where U,(x) is now the local strip-propagation velocity. The
quantity x* is equivalent to a strip propagation time. If the
wake indeed acts as a switch, it may be assumed that the
temporal distribution of g,, will be a series of square waves,
as shown in Fig. 5, where a is the turbulent strip production
strength. In this figure, the wakes are passing over the position
x* = 0 with a period 7 and with a duration time equal to 7,,.
Expressing this variation in terms of the unit step function,
the production function g,, for wake-induced transition may
be written as

guP)=ad(x*) Y, [U(ty+r,~n7)—Ulty—nr)] ()

n=—oo

2 This requires that spots are produced with an average separation distance
much less than 2U.r,tan o, where U, is the spot propagation velocity, 7, is the
wake duration time at x = x,,, and « is one-half the propagation angle of the
Spots.
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where 8(x™) is the Dirac delta function of x*, and U(x) is the
unit step function of x. Then, from equation (6), the time-
averaged intermittency v, becomes

~ 1 +7 hod
T =1-- S,l exp {—a §Rw 8¢y Em
[U(ty+ 7,—n7)— Ulty—n1) dVO}dt ®

where @ has been taken to be independent of position and time.
This expression is evaluated in the Appendix and found to be
equal to (see equation A4)

- Tw dx
n=t-on | -0 (%) L5

where b = 4q tan o and « is one-half the propagation angle
of the turbulent strip. For a constant propagation velocity Uy,
v, is given by the relatively simple expression

Yx)=1—exp | —b (T—Tw) <x———£]):tw>

A sketch of this function for several values of 7,/7 is provided
in Fig. 6. As might be expected, increasing 7,/ produces an
earlier time-averaged transition to fully turbulent flow. A com-

(10

parison between the distributions for natural transition, equa--

tion (2), and wake-induced transition is shown in the insert.
Substituting equations (2) and (10) into equation (5), yields

the time-averaged intermittency (for constant Uy) accounting

for both natural and wake-induced transition. This is given by

F0=1 _e_omz(f;s:—fi)z e_b<r7w) (i_?/?_v) . (11)

Comparisons of the aforementioned expressions for v,,(x) and
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1,7 and comparison between natural and wake-induced intermittency
distributions
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Fig. 7 Flat-plate wake-induced intermittency data of Pfeil and Herbst
(1979) and comparison to theory

v(%) to unsteady, wake-disturbed flat plate and airfoil exper-
iments will now be made.

Comparisons to Experiments

The first comparison is made to the data presented by Pfeil
and Herbst. They measured the time-dependent velocities in a
transitional boundary layer on a flat plate positioned behind
a rotating cylinder cascade. Measurements were obtained for
0, 3, 9, 18, 36 and 90 spokes in the cascade. Values of v,,(x)
were obtained from their reported shape factor distributions.
Using equation (1)

H-H,

Hr—H,,

where H, H; and Hy are the time-averaged shape factors for
transitional, fully laminar and fully turbulent flow, respec-
tively. Pfeil and Herbst’s data for no spokes were used for the
fully laminar shape factors, while their data for 90 spokes were
used for the fully turbulent values. This is in agreement with
their conclusions regarding the state of the time-averaged
boundary layer. The results of these calculations are presented
in Fig. 7 where 7, is plotted against a modified streamwise
distance n(x— 0.04). Here, n is the number of rotating spokes.
The data were found to collapse best for a shift in the x distance
of 0.04 m, which consequently corresponds to the beginning
of the wake-induced transition. The best fit of this data using
equation (10) is given by

";w(x) =
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- —0.733n(x ~ X1)
yo=1—e (12)
with x,, = 0.04 m. The agreement is excellent. Pfeil and Herbst
indicate that the wakes from the individual spokes intefered
with one another when n = 90. Hence, 7,/7 = n/90. Using
this and comparing the exponent in equation (12) to that in
equation (10), one obtains /U, = 66 m~'. The momentum
thickness Reynolds number at x,,, = 0.04 m is about 145.
Next, a comparison is made with the airfoil data of Dring
et al. (1986). They obtained the time-averaged heat transfer
on a first-stage rotor in a large-scale turbine facility. Heat
transfer measurements on an airfoil in a steady cascade facility
having the same profile also were obtained. Figure 52 in their
report contains both the time-averaged and steady results plot-
ted in the form of Stanton number against the distance along
the surface of the airfoil. These results are for an airfoil with
an axial chord of 161 mm and an inlet velocity of 22.8 m/s.
Their figure also contains the predictions for a fully laminar
and fully turbulent flow over the airfoil. Using equation (1)
and the information in this figure, intermittency can be de-
termined from

St—St,
StT" StL

where St, St;, and Sty are the transitional, fully laminar and
fully turbulent Stanton numbers, respectively. Their predicted
values of Stanton number were used for the fully laminar
Stanton number St; and fully turbulent Stanton number St;.
As pointed out by Sharma (1987), the intermittency calculated
from fluid mechanic measurements does not necessarily have
to correspond to that calculated from heat transfer results in
flows with large pressure gradients. However, if the Pohlhau-
sen pressure-gradient parameter (6%/»)(dU.,./dx) (where 0 is the
momentum thickness) is less than 0.005, i.e., the free-stream
velocity U, is nearly constant, the difference between the two
is negligible. The data examined herein fall into this category.

The results are shown in Fig. 8 where the open symbols
correspond to the results from the stationary cascade data and
represent v,. The closed symbols correspond to those from the
rotating turbine facility and represent . The figure shows
intermittency plotted against the streamwise distance along the
suction side of the airfoil divided by the airfoil’s axial chord
c. The data for the stationary cascade (open symbols) were
used to determine the unknown quantities in equation (2) for
natural transition. The best fit of equation (2) to these data
provides x,,/c = 0.12 and (x;5—Xx25)/c = 0.35 and is shown
in Fig. 8 marked as equation (2). Substituting these values into
equation (11), the best fit to the data for the rotating turbine
airfoil is given by

y(x)=
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,”)’,(x)=1_e 2[ 0.35 }e [ c } 13)
with x,,/c = 0.05. This distribution also is shown in Fig. 8
marked as equation (13). The agreement is good considering
the scatter in the data. From Fig. 27a of Dring et al. (1989b),
which provides the turbulence distribution in the wake of the
upstream stator row, one finds 7,,/7 = 0.18. Using this and
comparing the exponents in equations (11) and (13), one ob-
tains /U, = 56 m~!, which is close to that obtained from the
flat plate results. In addition, notice that x;,, is less than x,,.

The final comparison is made using data from heat transfer
tests on an airfoil in a full-scale, stationary cascade with an
unsteady wake generator of rotating bars placed upstream.
The apparatus and experimental technique have been com- _
pletely described by Wittig et al. (1988), where some prelim-
inary results were given for wakes generated by rotating four
bars. More recently, measurements of heat transfer on the
same airfoil were made for no bars, 4, 7 and 14 bars. Meas-
urements without bars also were made with a turbulence grid
placed upstream to force transition to turbulent flow on the
suction side of the airfoil. All of the results are shown in Fig.
9 where the distributions of heat transfer coefficient are plotted
against the surface distance divided by the airfoil’s chord. Each
data set in the figure represents an average of four to five test
runs with a scatter of less than five percent. For this series of
tests, the inlet flow velocity is 80 m/s and the angular velocity
of the rotating bars is 262 rad/s. The airfoil chord is 82 mm.
The data shown here are just a portion of what will be reported
and discussed more completely elsewhere. For the present,
however, using equation (1) and the information in this figure,
intermittency can be determined from

h—hy
hr—hy
where h, h;, and hy are the transitional, fully laminar and
fully turbulent heat transfer coefficients, respectively. The val-

ues for the fully laminar heat transfer coefficient s; were
obtained by extending the no bar results further along the

y(x)=
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Fig. 10 Airfoil wake-induced intermittency distribution for different
wake durations and comparison to theory

laminar-flow, flat-plate, heat transfer correlation (dashed line
in the figure), while the results with the upstream grid were
used for the fully-turbulent heat transfer coefficient Ay The
intermittency calculated in this manner is plotted in Fig. 10
for the various number of bars. The no bar case shown in this
figure corresponds to the intermittency distribution caused by
natural transition. The best fit of equation (2) to these data is
obtained using x,,/c = 0.95 and (x35—x,5)/c = 0.1 and is
shown in Fig. 10 as the line marked equation (2). Substituting
these values into equation (11), the best fit to the data for the
rotating bars is given by

- —0.412

Y)=1-e 14
This distribution is shown in Fig. 10 for the different number
of bars as lines passing through the data. The agreement is
remarkably good and supports the assumption of superposing
natural and wake-induced transitional effects. For these tests,
however it was found that both x,, and x;, changed slightly.
The best fit was obtained when x,—Xx,, = 0.65c and x,, =
0.25¢, 0.20c, and 0.15¢ for 4, 7, and 14 bars, respectively.
From hot-wire measurements downstream of the rotating bars
in the airfoil’s leading edge plane, it was found that 7,/7 =
0.14 for seven bars. Using this and comparing the exponents
in equations (11) and (14), one obtains b/U, = 49 m~".

The values of b/U, obtained through the aforementioned
comparisons are summarized in Table 1. Since these values
depend directly on the value of the wake-duration time-frac-
tion, 7,/7, they are influenced by what was used to determine
it and the accuracy in measuring it. In the present set of com-
parisons, 7,,/7 was obtained three different ways, none of which
is presently known to be more correct than the other. But it
is suspected that they are nearly consistent with one another,
such that the resulting values of b/Uj are comparable. If this
is so, and until a more complete series of tests are completed,
it appears that b/U, is nearly independent of the test situation
and roughly equal to 57 m~.

[x/c— 0.95]’

-—0.0Sn[ﬂ]

e 4

Conclusions

A model was described and a theory developed to predict
wake-induced transition. By assuming that the wake simply
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Table 1 Production strengths

b/U,, m~!
Pfeil and Herbst 66
Dring et al. 36

Present work 49

increases the production of turbulent spots in a laminar bound-
ary layer such that they merge to form a turbulent strip, the
time-averaged intermittency distribution for wake-induced
transition was obtained.

In contrast to natural transition where the intermittency
depends exponentially on the square of the distance from the
inception of transition, the intermittency for wake-induced
transition depends exponentially on the distance itself. As may
be expected, it also depends on the duration time of the wake
in the incident flow. The important wake-induced transition
parameter was found to be 7,b(x~—Xx,,)/rU/7U, where b is
related to the turbulent-strip production rate.

Comparing the theory to data showed very good agreement.
For all of the tests considered, it appears that the quantity b/
Us is nearly independent of the test situation and roughly equal
to 57 m~!. For Pfeil and Herbst’s data, the momentum thick-
ness Reynolds number corresponding to the beginning of wake-
induced transition x,, was found to be about 145. Since it
seems, however, that both b and x,, depend at least on the
turbulence in the wake, additional data are required before
more can be said.

In addition, it was found that the effects of natural and
wake-induced transition can be superposed. This provides an
important relation for the gas turbine designer who must de-
termine the time-averaged heat load or aerodynamic loss for
a turbine airfoil. In either case, the local conditions on the
suction side of the airfoil may be obtained from f =
(1 —)f, +4fr where f is the time-averaged, local boundary-
layer flow related quantity (such as the heat transfer coeffi-
cient), f; is its laminar value, fr is its fully turbulent value,
and v is the time-averaged intermittency obtained from equa-
tion (11).
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APPENDIX

The task is to evaluate the time-averaged, wake-induced
intermittency given by equation (9) in the text, viz.

exp {—aS d(xy) E [U(2

n=—o

Hh+7

fuw=1-1 |,

+rw—nT)—U(t0—n'r)]dV0}dt. (AD)

where dV,= dxg dt, for a two-dimensional source. Define the
argument of the exponential function within one period 7 as
G(x*,0. Then, integrating with respect to x; , one obtains
B 1 ty+r
7w(x)= 1 —; S’l

exp [G(x*,D)]dt (A2)

with

~a SA Y, [WUtg+7,—n7) = Ulty—nr)ldty

n=—o

G(x*,hH=
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—B>
xt

Fig. A1 Solution plane for wake-induced transition

where A4 is the region in R,, at x* = 0, since the only sources
of turbulent strips are at x* = 0. If a turbulent strip spreads
in a linear fashion with a half-angle spread of «, A lies on the
t-axis between f—x¥(1+2 tan ) and t—x*(1 -2 tan o) for a
point P{(x"*,#) as shown in Fig. Al. The quantity G(x*,¢) can
be evaluated by noting that the order of integration and sum-
mation may be interchanged since A is not a function of £,
This provides

+ = —
Gx*n=-a ), L [U (%
n=-—o

+71,~nt)— U(ty—nt)ldt,. (A3)
The integral is rather easy to evaluate since the integrand is a
single square wave of width 7, starting at {, = nr—r7,. The
only time there is a contribution to the integral is when P(x* 1)
is positioned such that region 4 contains part of this wave.
Defining the integral as G,(x*, £), one obtains

st=nt

inr<t<nr+{r,}

nr+ {1,} <tsn7+ (4x* tan o}

AT+ (4xT tan o) =t=snr+xT4x* tan o+ 1,
itznT+4xT tan o+ 1

for 4x* tan a=r,. For 4x* tan a=7,, the quantities 7,, and
4x* tan « in curly braces should be exchanged. Consider first
the case for 4x* tan o =7, i.e., distances not too close to the
wake-~induced transition point. Substituting the foregoing
expressions into equation (A3) and summing, one obtains

G(x*.y=—a ) G,(x*.0

n=—co
4x* ta
= —alr,] (————%‘") +G;— Gyl
where I(x) is the integer function of x, i.e., 1(2.34) =

t ;0=st=7,

Tws Tw<I<T

GI=
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and

+

0 ;OS,STF(“LM)

T
4x* tan o 4x* tan o 4x* tan o
Gyp= t—7F | ——— ) ;7 Fl———— ) =t=7F{———— ) +71,
T T | T
| [4x*tan o
Tw ;TF f +Tw5t_<_7'

where F(x) is the fractional function of x, i.e., F(2.34) =
0.34. Substituting this into equation (A2) yields
- 1 1+ +
Y =1-= S e G D gr=1
T Jh

So the final result is considered to be well represented by
equation (A4).

Now consider the case where 4x* tan a=<r,, i.e., close to
the wake-induced transition point. For 4x* tan o+ 7, <7, the
only contribution to the sum

T

+
—ar,l (w) 1 [+ —a(Gy—Gyp
e 2 dt

G(x*,)=—a Y, G,(x*.0)

n=-—oo

T JI

The integral can be evaluated quickly for ar, << 1 by ex-
panding the exponential function in a series, keeping only the
first two terms, and integrating. This provides, after some
manipulation

is from one of the terms, say the n = 0 terms, since G, is zero
outside the period 0 <t¢=<7. Thus G(x*,)) = —aG, (x*,0). If
ar, << 1, then the maximum of a Gy (x*,f) = a(dx* tan o)
<< 1, and the exponential function of G(x™*,?) in equation
- (A2) may again be expanded in a series. Integration of this
W) =1-e (a9 series, keeping only the first two terms, yields the expanded
Evaluating ar,, by comparing the previous expression to ex- form of equation (A4), i.e., result for small distances. Pro-
perimental results (done in the text), it is found that the average  viding ar,, << 1, the same result is obtained for the remaining
ar,, for those cases examined is about 0.3. Although not much, case where 4x*tan o< 7, 4x* tan @ + 7, = 7. Therefore,
much smaller than unity, the error incurred in assuming so is equation (A4) provides an expression for the time-averaged
only about 15 percent and not worth the additional complexity. ~wake-induced intermittency for all possible cases.

-
—4a(—3)x+ tan «

T
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Effects of Adverse Pressure
Gradients on the Nature and
Length of Boundary Layer
Transition

Existing transition models are surveyed and deficiencies in previous predictions,
which seriously overestimate transition length under an adverse pressure gradient,
are discussed. A new model for transition in an adverse pressure gradient situation
is proposed and experimental results are provided that confirm its validity. A cor-
relation for transition length is advanced that incorporates both Reynolds number
and pressure gradient effects. Under low free-stream turbulence conditions the basic
mechanism of transition is laminar instability. There are, however, physical differ-
ences between zero and adverse pressure gradients. In the former case, transition
occurs randomly, due to the breakdown of laminar instability waves in sets. For an
adverse pressure gradient, the Tollmien-Schlichting waves appear more regularly
with a well-defined spectral peak. As the adverse pressure gradient is increased from
zero to the separation value the flow evolves continuously from random to periodic

G. J. Walker

University of Tasmania,
Hobart, Australia

J. P. Gostelow

University of Technology,
Sydney, Australia

behavior and the dimensionless transition length progressively decreases.

Introduction

Turbomachinery designers have become reliant on advanced
computational methods to predict flows over blading. An es-
sential requirement of these codes is their ability to predict the
state of the boundary layer on the blade surface. Difficulties
have often been encountered due to inadequacies in existing
boundary layer transition prediction procedures. It has been
necessary to resort to crude, and often unrealistic, assumptions
for the codes to run. This is especially so of the adverse (or
positive) pressure gradient regimes encountered by compressor
blading. The problems arise because the existing experimental
transition data for adverse pressure gradient flows are inad-
equate.

Transition on the blades of axial turbomachines may even-
tuate from a variety of causes including two-dimensional vis-
cous instability, centrifugal instability on concave surfaces,
surface roughness, and the diffusion of free-stream turbulence
into the boundary layer. Laminar instability processes can be
significantly influenced by external disturbances such as acous-
tic forcing, wake passing and free-stream turbulence fluctua-
tions.

The basic mechanism may be considered to be laminar in-
stability, which is, however, subject to being ‘‘bypassed’’ and
therefore masked by turbulence and other effects. For this
reason a series of experiments was undertaken in a relatively

Contributed by the International Gas Turbine Institute and presented at the
34th International Gas Turbine and Aeroengine Congress and Exhibition, To-
ronto, Ontario, Canada, June 4-8, 1989. Manuscript received at ASME Head-
quarters February 1, 1989. Paper No. 89-GT-274.

196/ Vol. 112, APRIL 1990

Downloaded 01 Jun 2010 to 171.66.16.66. Redistributio%cs)gb}?gcqm&%&g?icc)ep%e%r

clean flow environment to elucidate the influence of pressure
gradient on laminar instability processes before addressing
other real-flow attributes of turbomachines, such as free-stream
turbulence.

The present investigation is concerned with the physics of
transition under adverse pressure gradients and in the absence
of interference from bypass mechanisms. The emphasis is on
differences in transition modes between flows with and without
an adverse streamwise pressure gradient. A new model for
transition under these conditions is proposed and experimental
results are presented in an attempt to validate the model.

One result of this work is a new correlation for transition
length, which is broadly supported by the limited data avail-
able. The new model and correlation differ substantially from
existing procedures. They offer a basis for more accurate tran-
sition modeling, which should be capable of describing laminar
separation effects and can be extended to other influences on
transition, such as free-stream turbulence effects.

Transition Resulting From Two-Dimensional Viscous
Instability

Transition arising from two-dimensional viscous instability
was the dominant mechanism leading to the onset of turbulence
in the present investigation. The sequence of events involved
in this type of transition is as follows:

(a) Instability to Two-Dimensional Disturbances. Abovea
critical Reynolds number, the laminar boundary layer becomes
unstable to two-dimensional disturbances. Subsequent ampli-
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fication leads to the formation of Tollmien-Schlichting (T-S)
waves.The onset of instability and the initial growth of T-S
waves are well described by linearized theory and solutions to
the resulting Orr-Sommerfeld equation. The shape of the neu-
tral stability curve depends on the laminar velocity profile,
which is determined principally by the streamwise pressure
gradient. The range of frequencies receiving amplification var-
ies with the boundary layer Reynolds number.

(b) Three-Dimensional Instability and Nonlinear Amplifi-
cation. After sufficient amplification of the two-dimensional
disturbances, a regular spanwise flow distortion becomes ap-
parent. This three-dimensionality introduces streamwise vor-
ticity and causes a rapid nonlinear amplification of the spanwise
waves into vortex loops (also referred to as vortex trusses,
hairpin eddies and lambda vortices). The vortex loops may be
arranged either in streamwise rows or in a staggered
(‘““thatched’’) pattern as shown in Fig. 1. The staggered pattern
repeats itself at streamwise intervals of 2 A,, where A, is the
wavelength of the primary instability wave, and thus introduces
subharmonics at half the T-S wave frequency.

Saric and Thomas (1983) identified two types of staggered
pattern having characteristically different ratios of spanwise
to streamwise wavelength, A,/A,. The type of three-dimen-
sionality observed was found to depend on the amplitude of
the primary disturbance. For disturbance levels less than 0.002U
at Branch II (the upper branch) of the neutral stability curve,
the two-dimensional disturbances decayed without any three-
dimensionality appearing. At amplitudes around 0.003U, a C-
type system of staggered vortices with A,/A, about 1.5 was
obtained. This system, which was investigated theoretically by
Craik (1971), is produced by resonant interactions among a
triad of one normal and two oblique T-S waves. At amplitudes
between 0.003 and 0.006U, an H-type staggered system having
a A,/A, of about 0.7 was observed. The latter pattern is
explained by instability to three-dimensional disturbances of
a basic state comprising laminar flow and a two-dimensional
T-S disturbance as described by Herbert (1983).

For amplitudes greater than 0.006U, Saric and Thomas (1983)
observed a K-type array of vortices aligned in streamwise rows
having a A,/A, of about 0.5. This is the pattern that was
observed in the early studies of three-dimensional instability
carried out by Klebanoff et al. (1962). More recent experi-
mental studies of events in the nonlinear region have been
reported by Kegelman and Mueller (1986).

(c) Breakdown. The initiation of turbulent spots (or
‘“‘breakdown’’) occurs through the appearance of high-fre-
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’ Fig. 1 Vortex loop patterns prior to breakdown

quency fluctuations near the heads of the vortex loops. The
influence of streamwise pressure gradient on this process has
been investigated by Knapp and Roache (1968) and by Arnal
et al. (1979a, 1979b).

Knapp and Roache found natural transition in zero pressure
gradient flows to be characterized by the breakdown of laminar
instability waves in sets. These sets translated several wave-
lengths of the basic T-S wave during amplification, distortion
and breakdown. They were interspersed by a significant lam-
inar region following breakdown. The vortex loops resulting
from the breakdown of wave sets were usually arranged in a
staggered pattern. The “‘intermittency’’ frequency with which
wave sets appeared was about one tenth of the basic T-S wave
frequency.

For natural transition in an adverse pressure gradient, Knapp
and Roache observed similar behavior, except that the phe-
nomena became more exaggerated. The formation of wave sets
occurred at a higher frequency, and transition approached a
continuous process with much shorter intervals between the
breakdown of sets. In the nonlinear region, the tendency for
vortex loops to be staggered was reduced and a greater pro-
portion appeared in streamwise rows. The work of Arnal et
al. (1979b) supports the observation of the more continuous
transition process, intermittency becoming more difficult to
determine in these circumstances.

In forced transition produced by the introduction of sound
waves, with frequencies close to those of the naturally occur-
ring T-S waves, Knapp and Roache found the frequency of
all wave regions became locked in to the sound frequency.
There was a continuous breakdown of individual instability
waves and the vortex loops tended to appear in rows for both
zero and adverse pressure gradients.

(d) Merging of Turbulent Spots. The final stage of tran-

Nomenclature
C, = static pressure coefficient t = time v = kinematic viscosity
¢; = skin-friction coefficient U = free-stream velocity ¢ = dimensionless distance
H = form factor = §*/§ u = local velocity =(x—Xx)/\
Ly = transition length x = streamwise distance from o = turbulent spot-dependence
=(Xr—Xx,) leading edge area parameter
N = nondimensional spot for- »y = normal distance from wall p = density
mation rate =naf>/v 6 = absolute thickness w = circular frequency, rad/s
n = spot formation rate 6* = displacement thickness A = instability wavelength
R, = transition inception Rey- v = intermittency factor .
nolds number n = dimensionless distance Subscripts v
R, = length Reynolds number =(x—x5)/ (X7—x3) § = start of transition (y=0.01)
Rs* = displacement thickness Rey- 6 = momentum thickness T = end of transition (y=0.99)
nolds number A = distance from 0.25 to 0.75 t = start of transition (Nara-
Ry = momentum thickness Rey- intermittency simha method)
nolds number As = pressure gradient parameter X = streamwise component
T = turbulence level, percent = (6%/v)«(dU/dx) Z = spanwise component
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sition involves a zone of intermittently turbulent flow in which
adjacent turbulent spots merge through both streamwise and
lateral spreading to form a continuously turbulent flow. Nu-
merous studies of turbulent spot spreading have been reported
since the earliest investigation by Schubauer and Klebanoff
(1956) of an isolated spot developing in zero pressure gradient.

An isolated spot resembles a downstream-pointing arrow-
head in planform. Schubauer and Klebanoff found the growth
envelope to approximate a wedge of 22 deg included angle.
The convection rates of the spot leading and trailing edges
were 0.88U and 0.5U, respectively. These values can be taken
as typical, although they are known to vary slightly with Rey-
nolds number and pressure gradient.

Transitional Flow Length

Zero Pressure Gradient. Experimental work by Narasimha
and others for constant pressure boundary layers has indicated
a universal distribution of turbulent intermittency regardless
of the agency causing transition. This distribution is described
by

v=1-exp[—0.412 £7]. 1)

Narasimha (1957) showed that this result could be derived from
the turbulent spot theory of Emmons (1951) on the assumption
that spots form randomly in time and cross-stream position
at a preferred streamwise location lying close to the upstream
end of the transition region x,. The development of this model
is described in a recent comprehensive review of transitional
flow behavior by Narasimha (1985).

It also is useful to have an overall measure of transitional
flow length. Defining the downstream limit of the transition
zone to be the 99 percent intermittency location, the foregoing
intermittency distribution gives

Lr=(xy—x;)=3.36A. 2)
Empirical correlations for the length of the transition zone

in constant pressure flows have been given by various workers
in the form

Rya=ARE (4, B const). 3)
Dhawan and Narasimha (1958) originally proposed
Ry=5R/® @

as an average fit to their available data, which showed a con-
siderable amount of scatter. Narasimha (1978) later revised
this correlation to give

Ry=9 R” )

which is still consistent with the Dhawan and Narasimha data
and implies a turbulent spot breakdown rate dependent on
local boundary layer thickness.

Arbitrary Pressure Gradient. Chen and Thyson (1971)
modeled the transition zone for flows in a pressure gradient
by assuming that:

(f) Spot propagation velocities at any given station are pro-
portional to the local external velocity U(x);

(ii) The spot grows at a constant angle to the local external
streamline; and

(iii) the hypothesis of concentrated breakdown at x, remains
valid.

In accordance with this model Cebeci and Smith (1974) pro-
posed the intermittency distribution

y=1-exp[—-G(x~x) Sxtdx/U] ©)

where
G=(1/1200)«(U*/»*) R, 4. @)
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Fig. 2 Time-space distributions of the transition process

The Chen-Thyson model only allows for the effect of pres-
sure gradient on local spot convection velocities and does not
encompass any influence of pressure gradient on the mechanics
of breakdown. For the case of zero pressure gradient, equations
(6) and (7) lead to

R,=22 R 3)

which gives similar results to equation (4) due to compensating
variations in the constants used. The model has essentially
been calibrated against constant pressure flow data.

Minimum Transition Length. Difficulties experienced by
users of computational routines in calculating the boundary
layer development on the suction surface of airfoils operating
at low Reynolds number have drawn attention to the inade-
quacies of approaches such as the Chen-Thyson model for the
case of a strong adverse pressure gradient. A recent example
is given in the computations of Subroto (1987) using the Ce-
beci-Smith (1974) formulation. On the suction surface of air-
foils and compressor blades transition is much more rapid than
in constant pressure flows and equations (6) and (7) seriously
overpredict the transition length. This can lead to failure of
low Reynolds number calculations due to the bursting of lam-
inar separation bubbles in the computed flow (Walker et al.,
1988).

These problems can be explained in terms of the influence
of pressure gradient on the breakdown mechanism, which was
not taken into account in the Chen-Thyson model. The effect
of pressure gradient is illustrated by Fig. 2, which shows time-
space distributions of laminar and turbulent flow through tran-
sition for two characteristically different breakdown mecha-
nisms. The diagrams have been constructed using typical values
of U, Us2, U/3, respectively, for the leading and trailing edge
spot convection rates and the T-S wave velocity. The break-
down of instability waves in sets, with an intervening calming
period, is seen to produce transitional flow lengths several times
greater than in a forced transition situation, where breakdown
occurs continuously every cycle of the basic T-S wave. Fol-
lowing Knapp and Roache, transition inception in a strong
adverse pressure gradient is expected to result from behavior
of'the continuous breakdown kind; for constant pressure flows,
on the other hand, transition inception is expected to result
from breakdown in sets.

In an attempt to estimate the transition length in strongly
decelerating flow and to place limits on the possible range of
transitional flow lengths, Walker (1987) developed a minimum
transition length model based on the continuous breakdown
hypothesis. An equispaced spanwise array of turbulent spots
was assumed to originate from x, once each cycle of the basic
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T-S wave. McCormick’s (1968) model of an idealized trian- 09
gular spot spreading at the convection velocities observed by 7y
Schubauer and Klebanoff (1956) was then applied to determine 08
the streamwise distance required for adjacent spots to touch /
through either lateral or longitudinal spreading. 0.7 -]
From the stability characteristics of Falkner-Skan boundary 06 Ea. (1) ]
layers calculated by Obremski et al. (1969), the locus of max- : [}
imum disturbance amplification rate was correlated by 05 P4 —
(@r/UH =32 Ry 2, ® r -
.4 _
This was assumed to approximate the dimensionless frequency / oPS
of disturbances having the maximum amplification ratio. 03 | -
Adopting this frequency for the spot inception rate, and as- q/ =3 _
suming a spanwise spot spacing equal to the basic T-S wave- 02 / -
length, the streamwise spreading was found to be the limiting 01 0P _
factor in determining minimum transition length. The corre- -/
sponding transition length was given by 00 (114 I T I T I , T ;
R, =2.3 Ry 2 ~05 05 15 25 35
1r=2.3 Revg (10) 0 1 ) . .
which for zero pressure gradient flow, can be written as (b) Pressure gradients DP4-DP7
R,,=5.2 R (11)  Fig. 4 Intermittency distributions for the range of pressure gradients,

This shows the same functional dependence on Reynolds num-
ber as Narasimha’s (1978) correlation, equation (7), and also
gives a reasonable estimate of transition length for a forced
transition case reported by Schubauer and Skramstad (1948).

An Arbitrary Pressure Gradient Transition Model. In ar-
bitrary pressure gradient situations with low free-stream dis-
turbance levels, the transitional flow length might be expected
to vary between values predicted by zero pressure gradient
correlations and those obtained from the minimum length
model just outlined. This will be due to a number of pressure
gradient related factors such as turbulent breakdown mecha-
nisms and spot spreading rates. It therefore seems reasonable
to attempt a correlation of the ratio of actual transition length
to that given by the aforementioned minimum length model
in terms of some suitable pressure gradient parameter.

This possibility will be explored in the following discussion
using data of the present investigators and other workers.
Besides providing further information about the influence of
pressure gradient on transition, the analysis will assist in cal-
ibrating the minimum transition length model itself.

Experimental Results and Data Analysis

Experimental investigations were undertaken in the low-speed
wind tunnel described by Gostelow and Blunden (1988). The
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plotted on a similarity basis

previous investigations were undertaken with turbulence grids
present upstream of the working section, giving free-stream
turbulence levels between 1 and 5 percent. For the subject
experiments no such grid was present and the average free-
stream turbulence level at inlet was 0.3 percent. Intermittency
measurements were made using a single hot-wire probe and a
DISA constant temperature anemometer. For most boundary
layer velocity traverses, a flattened head pitot tube was used.

Adverse pressure gradients, of varying strength, were im-
posed by a fairing mounted above the flat plate. This could
be rotated incrementally about an axis located 20 mm upstream
of the leading edge of the flat plate. Static pressure gradients
in a streamwise direction could be measured using both cen-
terline pressure taps and velocity measurements in the free
stream. Figure 3 presents the streamwise distributions of static
pressure, measured using the static taps, for the different fair-
ing settings used. There was no evidence of separation from
the fairing in the region of interest. The pressure gradients
were designated DP0-DP7, commencing with zero and in in-
creasing order of adverse pressure gradient.

Intermittency values were determined on-line using a meter
developed by Alt (1987). With this meter, sampling times up
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to 100 s were possible. The setting of threshold levels needed
particular attention for these measurements, especially under
strong adverse pressure gradients where strong periodic signals
were observed both before and after turbulent breakdown.
The intermittency distributions obtained for the various
pressure gradients are presented in Fig. 4. These are presented
in the similarity form advocated by Narasimha (1957). All
intermittency data were plotted in terms of the variable

F(y)=[~In(1-y)]"? (12)

and from the resulting plots the effective transition inception
X;, obtained by linear extrapolation to the -axis, and effective
transition length, A\, were determined. The rescaled intermit-
tency distributions were then plotted in comparison with Nar-
asimha’s universal intermittency function given in equation
(1).

Agreement with the universal function is seen to be reason-
able. The Narasimha procedure clearly provides a viable basis
for representation of the transition region. Although data were
obtained for a range of intermittencies, including 1 percent as
a notional transition inception value, data consistency is max-
imized by designation of the ‘‘#’ intercept as the start of
transition.

Boundary layer velocity profiles were derived in the form
of dimensionless velocity as a function of dimensionless trav-
erse height. The form of these was generally in accordance
with the plots of Gostelow and Blunden although full traverses
were carried out for fewer intermittency values than in the
previous study.

The resulting velocity distributions were integrated to pro-
vide integral parameters at the start and end of transition and
for some intermediate locations. The results for R, and also
for Ry appear in Fig. 5; the values for both transition inception
and completion are plotted against Ny, in this figure.

The general shape of the R, and Ry plots is in accordance
with the results presented in Gostelow and Blunden for a 1.7
percent turbulence level. Transition inception occurs at a value
of Ry, that declines mildly with increasing adverse pressure
gradient. This decline levels off to a fairly constant value of
Ry, under moderately strong adverse pressure gradients. The
completion of transition, on the other hand, occurs very much
sooner as an increasingly adverse pressure gradient is imposed.
As with the previous results, the tendency for the transition
zone to become shorter is strong and consistent. The change
is most marked when a zero pressure gradient is replaced by
even a weak adverse one.

The data for the various adverse pressure gradient conditions
have been analyzed according to the procedure of Narasimha
(1985). A value of dimensionless turbulent spot formation
parameter, N, has been obtained for each pressure gradient
and these also are plotted as a function of A, in Fig. 5. Although
the derivation of N depends upon a number of assumptions
the value for zero pressure gradient is broadly in accordance
with the compilation of Narasimha (1985). The trend reflects
the rapidly decreasing transition length as the pressure gradient
parameter becomes more adverse, N varying inversely as the
square of transition length.

Hot-Wire Anemometer Signals. A principal reason for the
shorter transition lengths and strong increases in turbulent spot
formation rates is the different physical nature of the flow
under an adverse pressure gradient. Anemometer traces have
been presented in Fig. 6 that represent some of the more iden-
tifiable events. Traces have been given for the zero pressure
gradient case and for cases representing Ay, values of —0.034
and - 0.069; for each pressure gradient intermittency values
of 10, 50 and 90 percent have been represented. The traces
have identical frequency and amplitude scales and were printed
from a Hewlett-Packard 5420A Digital Signal Analyzer set to
a bandwidth of 3.2 kHz and digitizing to 512 points. While
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Fig. 5 Variation of R,, R, and spot formation rate parameter, N, with
pressure gradient parameter .

these limitations have resulted in the loss of some high-fre-
quency detail in the turbulent spot regions, the traces neverthe-
less represent the principal features of the flow.

The zero pressure gradient traces show clear evidence of T-
S waves breaking down in sets with intervening calming
periods. The turbulent spots are well defined making the meas-
urement of intermittency a relatively easy task. While the in-
tervals between spots are largely devoid of instability waves,
it is nevertheless possible to discern some wave amplification
and breakdown occurring at all stages of transition.

The medium pressure gradient traces still show evidence of
the development of wave sets, but some T-S wave activity of
lower amplitude can now be seen over most of the intervals
between sets.
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Fig.6 Representative anemometer traces for three pressure gradients
at three intermittency levels; each trace is of 40 ms duration

The high pressure gradient traces are marked by a fairly
continuous appearance of instability waves, which show greater
uniformity of amplitude than at the lower pressure gradients,
although there is definite evidence of low-frequency amplitude

modulation. The amplitude and frequency of the T-S waves '

under adverse pressure gradient conditions are higher than for
lower pressure gradients and generally of the same order as
the turbulent spots, Little information is available on turbulent
spots under these conditions and especially on their spanwise
structure. In essence though, whereas for weak adverse pres-
sure gradients the T-S waves occur in packets, often associated
with a single turbulent spot, for strong adverse pressure gra-
dients the turbulent activity tends to be associated with each
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T-S wave. These observations are fully consistent with the
observations of Knapp and Roache (1968), and are also in
agreement with the study of Arnal et al. (1979a). As noted by
Arnal et al., the more progressive way in which turbulence
appears during transition in an adverse pressure gradient makes
the turbulent spots much more difficult to characterize. In-
termittency measurements are open to greater error in this case,
and the high-pass filter setting of the intermittency meter re-
quires particular care; too low a cutoff frequency will result
in an erroneously early start of transition due to triggering
from well-developed instability waves, while too high a setting
will indicate a delayed transition onset due to the elimination
of some genuine turbulent signals.

Velocity Fluctuation Spectra. To complement the hot-wire
anemometer traces, spectra of longer samples, around 70 sec,
were obtained using an HP3582A analyzer. The resulting dis-
tributions are presented in Figs. 7 and 8.

Figure 7 presents spectra plotted to identical scales (8 mv
full scale} for a strong adverse pressure gradient (DP6). The
intermittency level increases from 1 to 90 percent and a discrete
frequency of 740 Hz, corresponding to the basic T-S wave,
predominates throughout.

In Fig. 8, spectra are presented for an intermittency of 10
percent for the eight values of pressure gradient tested. The
spectra for the low pressure gradient cases, DP0 and DP1, are
presented with a different frequency scale from the others.
Each square represents 250 Hz for DP0 and DP1 and 500 Hz
for the remaining pressure gradients. A continuous change in
spectral shape is observed as the streamwise pressure gradient
becomes more adverse. In the absence of a pressure gradient,
the spectral density falls continuously with increasing fre-
quency and there are no identifiable spectral peaks. The ap-
plication of a slight adverse pressure gradient produces a peak
or peaks, which build in amplitude as the pressure gradient
strengthens. For strong adverse pressure gradients, in which
the laminar boundary layer is approaching separation, the
spectra develop a plateau at low frequencies.

Table 1 compares the observed spectral peaks with the es-
timated frequencies of the basic T-S instability waves obtained
from equation (9), which approximates the frequency for max-
imum amplification rate. This should underestimate the dom-
inant T-S wave frequency, which generally lies close to the
frequency of disturbances having received the maximum am-
plification ratio.

Assuming the observed peak closest to the theoretical value
corresponds to the basic instability wave, it is seen that equation
(9) predicts the T-S wave frequency to within 30 percent.
However, the theoretical value is not always an underestimate
as expected, exceeding the observed frequency for low pressure
gradients. This is possibly explained by the observed transition
inception shape factor, H,, having fallen below the local equi-
librium value for a steady laminar boundary layer due to shear
stresses generated by nonlinear wave amplification processes
and incipient turbulent mixing. The observed value of H is
typically 0.2-0.3 below the steady laminar value at xg and this
yields a correspondingly lower R}. Using a value of R;} from

a steady laminar boundary layer calculation in equation (9)
could therefore be expected to produce closer agreement with
observed frequencies at low pressure gradients and slightly
greater underestimates in strong pressure gradient conditions,
with a more general tendency for the theoretical value to be
low. :

In any case, the estimates of frequency obtained from equa-
tion (9) are acceptably close for the intended application of
transition length modeling, and surprisingly good considering
the approximations involved. Even the most soundly based
estimates obtained by using small disturbance theory to com-
pute the frequencies receiving maximum amplification ratio
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Fig. 8 Spectrum analyses at 10 percent intermittency for increasing

levels of adverse pressure gradient

are only accurate to 10-20 percent (see, for example, Arnal et
al., 1980).

The absence of a discrete peak in the spectrum for zero
pressure gradient flow may appear anomalous in view of the
order within wave sets, which can be identified in the hot-wire
velocity traces for this case shown in Fig. 6. This can only be
explained by a randomness in the frequency of appearance of
wave sets, and in the frequency of waves within individual
sets, over the long period of observation from which the spec-
trum was derived. Arnal et al. (1979a) obtained similar results.

For the mild adverse pressure gradient case, DP1, there is
reasonable evidence for subharmonic behavior at half the fre-
quency of a basic instability wave at 280 Hz. A distinct peak
at 140 Hz was observed from other intermittency values. This
tendency to exhibit subharmonics also is present in the spectra
for DP2 and DP3. The work of Knapp and Roache (1968)
indicated a greater tendency for the staggered type of vortex
loop pattern to occur in zero pressure gradient flow during the
nonlinear stage of laminar instability; this provides a possible
explanation for the existence of subharmonics under mild pres-
sure gradients.

For the moderate adverse pressure gradient cases, DP4 and
DPS5, only one spectral peak is observed. This is consistent
with the spectrum for a single moderate pressure gradient case
presented by Arnal et al. (1979a). For the strong pressure
gradient cases, DP6 and DP7, a second spectral peak again
become evident. In this case, the dominant frequencies are in
the ratio 3:2, which can possibly be explained by a basic insta-
bility wave at the lower frequency combining with a subhar-
monic at half that frequency to produce the higher frequency
peak. Although no clearly defined subharmonic peak is present
in Fig. 8, other spectra show indications of a shoulder at half
of the primary frequency. This behavior is reminiscent of that
observed in separated laminar shear layers, e.g., Browand
(1966). The subharmonic frequency in separated shear layers
arises from a vortex-pairing phenomenon in which the cores
of spanwise vortices produced by the basic instability processes
rotate around each other. This is entirely different from the
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Table 1 Comparison of observed and theoretical spectral
peaks; observations correspond to 10 percent intermittency

Case Observed Theoretical Observed
Primary T-S Wave Secondary
Peaks (Hz) Frequency (Hz) Peaks (Hz)

DPO - 340 _

DP1 280 360 140, 220

DP2 360 470 -

DP3 520 510 140, 560

DP4 660 590 -

DP5 660 590 720

DP6 740 560 1060

DP7 800 610 120, 240, 1200

mechanism of vortex loop thatching, which gives rise to the
subharmonic observed in near-zero pressure gradient flows.
To summarize, the present results exhibit a continuous trend
in behavior from spectra characteristic of zero pressure gra-
dient to those typical of separated laminar shear layers. This
suggests that it is not unreasonable to pursue the development
of more generally applicable transition criteria embracing both
separated and attached flows using Ay, as a parameter.

Comparison With Minimum Transition Length Model. A
principal aim of the present investigation was to test the validity
of the minimum transition length model proposed by Walker
(1987). The data are presented in Fig. 9 in a new form that
incorporates both pressure gradient and Reynolds number ef-
fects by plotting the ratio of observed transition length to that
given by the minimum length model, equation (10), against
the laminar pressure gradient parameter at transition inception,
Ags. Figure 9 also includes the data of Gardiner (1987) and
Arnal et al. (1979a), the only other known published results
providing sufficient detail for this comparison.

The results of Sharma et al. (1982) are in general agreement
with the present model although an accurate quantitative com-
parison is not possible and the free-stream turbulence level in
that case was 2.4 percent. For Sharma’s aft-loaded test con-
figuration transition occurred in a moderate-to-strong adverse
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Fig. 8 Transition length data for transition inception at “S” compared
with data of other authors

pressure gradient and the transition length was comparable
with that predicted by equation (10). For Sharma’s squared-
off test configuration transition was initiated in a zero-to-mild
adverse pressure gradient and the transitional flow length was
about three times longer.

The data considered here all correspond to low turbulence
flow situations. The present results were obtained with a free-
stream turbulence level at inlet of 0.3 percent, while those of
Arnal et al. were obtained with a turbulence level of 0.2 percent.
Only the observations for turbulence levels of 0.3-0.4 percent
have been included from the data of Gardiner.

In interpreting Fig. 9, it is important to appreciate that the
limits of transitional flow in the data sets used were not all
determined in exactly the same manner. Blair (1982) has pre-
viously commented on this problem and noted that transition
lengths defined from velocity profile shape factor differed from
those obtained from wall heat transfer data. The present results
were obtained by intermittency measurement, with dimen-
sionless velocity profile plots being used to confirm the estab-
lishment of fully turbulent flow. The present investigation,
and that of Gardiner, used the 1 and 99 percent intermittency
values to define the transition region. The published results of
Arnal et al., however, define transition as starting when the
shape factor H commences to decrease from its laminar value
and finishing when H becomes essentially constant in the fully
turbulent flow region. The lowest pressure gradient reading of
Arnal et al. was obtained by extrapolation, necessitated by the
extension of the transition region beyond the test surface.

Values of Ly/Lqy, from the present investigation decrease
monotonically with increasingly negative values of A,. The
data of Arnal et al. also show a rapid decrease but over a
narrower range; the point obtained by extrapolation compli-
cates interpretation of the Arnal results. Although the data of
Gardiner are much more scattered, they also exhibit a tendency
for Ly/ L i to decrease as the pressure gradient becomes more
adverse. The data envelope appears to approach a value of
1£0.6, as the transitional laminar layer approaches separation.

The observed difference between the present results and
those of Arnal et al. in strong adverse pressure gradients could

be due to their definition of x;, based on a stabilization of H,’

overestimating the transition length. The present results in-
dicate that H is close to the local equilibrium turbulent flow
value at the 99 percent intermittency point for the zero pressure
gradient case, but increasingly exceeds this value as the pressure
gradient becomes more adverse. This is consistent with the
observation of Clauser (1954) that a turbulent boundary layer
given a sudden perturbation may take a streamwise distance
of 10 to 50 boundary layer thickness to regain equilibrium.
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Fig. 10 Transition length data for transition inception at “#” fitted with
new correlation curve, equation (13)

A transitional boundary layer is recovering from a laminar-
type velocity profile with high H toward a fully turbulent
profile with lower H and is in a similar situation to the per-
turbed turbulent layer. For the low pressure gradient data of
Fig. 9, the transitional flow length is around 50-1006 giving
adequate time for the equilibrium turbulent profile to be
achieved when the intermittency reaches 99 percent. For the
strongest adverse pressure gradient cases, however, the tran-
sition length decreases to 20-306 and there is a distinct pos-
sibility that A may not have stabilized at the 99 percent
intermittency point.

The data of Fig. 9 were presented on a basis of 1 percent
intermittency for transition inception (the ¢‘S’’ basis) to pro-
vide a fair comparison with the data of other authors. Because
the universal intermittency function of equation (1) provides
a reasonable representation of the data for a wide range of
pressure gradients, as demonstrated in Fig. 4, the use of the
““¢*’ basis for transition inception should give more consistent
results. Accordingly the present data are plotted in this fashion
in Fig. 10. The data have been presented in correlation form
by fitting the curve

Ly 0.14+20 exp(1007)
Ly 0.33+3 exp(100Ag) ©

This becomes asymptotic to 6.7 for favorable pressure gra-
dients; the behavior in this regime needs to be confirmed ex-
perimentally.

13)

Modeling Transition in an Adverse Pressure Gradient

The present investigation confirms the hypothesis of Walker
(1987), which predicted a reduced transition length in decel-
erating flows, and the underlying physical explanation of this
phenomenon. This is clearly seen from Fig. 10, which indicates
about an order of magnitude reduction in transition length as
the pressure gradient is increased from zero to the value pro-
ducing incipient laminar separation.

This greatly reduced transition length in strong adverse pres-
sure gradients is a fundamental prerequisite for the operation
of an axial flow compressor, as indicated by Gostelow and
Blunden (1988). Were the transition length not considerably
shorter than indicated by flat plate correlations a turbulent
boundary layer could not be developed on most compressor
blades, which would consequently be incapable of sustaining
the required loadings. The shorter transition lengths also are
necessary for laminar separation bubbles to develop. If the
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transition lengths were as great as those observed under zero
pressure gradient conditions catastrophic laminar separation
would be the normal flow regime.

The method of presenting transition length data for arbitrary
pressure gradient by plotting L/ Ly, against Ay, provides a
universal approach to correlating transition length. It incor-
porates both Reynolds number (by way of Ly;,) and pressure
gradient effects and also provides a rational basis for assessing
existing transition criteria. The Narasimha (1978) correlation,
equation (5), exhibits the same Reynolds number dependence
as the minimum length model but makes no allowance for
pressure gradient effects. The Chen and Thyson (1971) ap-
proach, which is basically an outgrowth of the Narasimha
correlation, only allows for the influence of pressure gradient
in respect of the secondary effect of changing free-stream ve-
locity on turbulent spot convection rates; it makes no allowance
for the primary influence of pressure gradient on the mechanics
of instability and breakdown. On the other hand, attempts to
allow for pressure gradient effects by seeking a correlation of
(Re.—Ry) against Ay, do not admit any influence of transition

inception Reynolds number on transition length.

With regard to the minimum transition length model, it is
recalled that this was expected to apply for strong adverse
pressure gradient conditions. Equation (13) indicates that the
observed transition length essentially stabilizes around an L/
Lymin value of 0.44 as laminar separation, corresponding to
Ae; of —0.08, is approached. This is signficantly less than the
transitional flow length ratio of unity corresponding to equa-
tion (10) and illustrates the necessity of calibrating the simple
theoretical model against experimental data.

The development of the minimum transition length model
incorporated the simplifying assumptions of the following:

(@) Breakdown occurring every cycle of the primary insta-
bility wave, at a frequency approximated by equation (9);

(b) The completion of transition at a streamwise position
corresponding to the first longitudinal meeting of neighboring
turbulent spots.

It is considered that the aforementioned assumptions (@) and
(b) involve opposing errors, which cancel to some extent. On
the one hand, the assumed spot inception frequency is mostly
underestimated in strong adverse pressure gradients; this tends
to increase the predicted value of Ly, by up to 30 percent.
On the other hand, the development of turbulence in strong
adverse pressure gradients may proceed more rapidly than
indicated by the data, obtained from the spreading of isolated
turbulent spots in a zero pressure gradient, used to formulate
equation (10). This mechanism needs further investigation but
its effect would be to decrease the predicted Lpy,.

In addition to the opposing errors, resulting from assump-
tions (@) and (b) previously mentioned, the present experi-
mental results may underestimate transition length by up to
20 percent due to difficulties in measuring intermittency in
strong adverse pressure gradients, which were not fully ap-
preciated during the initial observations. This would justify a
transition length under strong adverse pressure gradients rather
closer to the theoretical value given by equation (10) than the
present experimental data would appear to indicate.

In concluding, it is emphasized that the present investigation
has deliberately focused on the effects of pressure gradient
and avoided any extension to account for free-stream turbu-
lence. Free-stream disturbances can be an important consid-
eration in turbomachinery design and performance analysis.
The authors, however, believe that a proper understanding of
the mechanics of pressure gradient effects in isolation is an
essential prerequisite for further studies of the combined in-
fluences of pressure gradient and free-stream disturbance on
transitional flow.
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Conclusions

Difficulties experienced by users of computational routines
in calculating boundary layer development on the suction sur-
faces of airfoils and compressor blades, especially those op-
erating at low Reynolds number, have highlighted the

- inadequacies of existing transition models. Transition length

correlations developed from constant pressure flows will se-
riously overestimate the transition length in an adverse pressure
gradient situation. A new and more universal correlation for
transition under an adverse pressure gradient, incorporating
both Reynolds number and pressure gradient effects, has been
proposed and confirmed. The correlation applies to flows hav-
ing a low free-stream turbulence level. Although two-dimen-
sional viscous instability is the basic transition mechanism under
these conditions for both zero and adverse pressure gradient
flows, the physics of transition is rather different in the two
cases. In the former case, transition occurs by breakdown of
the laminar instability waves in sets, producing a random time-
average disturbance spectrum. For an adverse pressure gra-
dient, the Tollmien-Schlichting waves evolve more continu-
ously and give a distinct spectral peak. The process is akin to
forced transition and is accomplished in a much shorter stream-
wise distance.

In the absence of a streamwise pressure gradient, transition
occurs relatively slowly and the new turbulent boundary layer
essentially commences from a local equilibrium condition. For
an adverse pressure gradient, on the other hand, the turbulent
flow develops too quickly for the mean-flow boundary layer
parameters to stabilize by the end of transition. The new tur-
bulent layer may then be expected to commence with a higher
form factor than that predicted by local equilibrium theory
and transition lengths inferred from velocity profile data will
be too high.

As the adverse pressure gradient becomes stronger, the un-
steady flow component observed over a long time interval
evolves continuously from random to periodic behavior. Sig-
nificant subharmonic behavior at half the primary instability
wave frequency is observed in very mild adverse pressure gra-
dients (where it is believed to arise from vortex loop thatching)
and in very strong adverse pressure gradients (where it may be
associated with vortex pairing mechanisms typical of separated
flow). The combination of subharmonic and primary wave
may produce a spectral peak at a frequency 50 percent higher
than that of the basic Tollmien-Schlichting wave.

The observed strong reduction in transition length under
adverse pressure gradients, with the associated rapid increase
in turbulent spot formation rate, is seen to be fundamental to
the loading capability of an axial flow compressor. It is also
an important factor in the formation of laminar separation
bubbles, which significantly influence the low Reynolds num-
ber and off-design performance characteristics of turboma-
chinery blading. Further work is required to examine the
combined effects of pressure gradients and free-stream dis-
turbances.
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Unsteady Transition in an
Axial-Flow Turbine: Part 1—
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Measurements on the Turbine

Previously published measurements in a low-speed, single-stage, axial-flow turbine
have been reanalyzed in the light of more recent understanding. The measurements
include time-resolved hot-wire traverses and surface hot film gage measurements at

the midspan of the rotor suction surface with three different rotor-stator spacings.
Part 1 investigates the suction surface boundary layer transition process, using
surface-distance time plots and boundary layer cross sections to demonstrate the
unsteady and two-dimensional nature of the process. Part 2 of the paper will describe
the results of supporting experiments carried out in a linear cascade together with
a simple transition model, which explains the features seen in the turbine.

Introduction

The relative motion of adjacent blade rows in axial turbo-
machines gives rise to a variety of unsteady flow interactions.
The potential influence of a blade extends both upstream and
downstream and decays exponentially with a length scale typ-
ically of the order of the chord or pitch. In contrast, the wakes
are convected downstream of the blade row and their rate of
decay is much less than that of the potential influence.The
wake effect will therefore persist even where the blade rows
are spaced far apart. In transonic stages, further interactions
arise as the direct result of the impingement of the trailing
shock waves on the downstream blade row (e.g., Doorly and
Oldfield, 1985) while Binder (1985) has shown that in low
aspect ratio turbines, the unsteadiness caused by the secondary
flow vortices of upstream blade rows also is significant.

The majority of research concerned with the impact of wake
interactions on blade surface boundary layers, whether in a
turbomachine (e.g., Walker, 1974; Hodson, 1983a) or in a
laboratory simulation (e.g., Doorly, 1987; Dong, 1988), has
concluded that the most significant effect of this interaction
is the periodic forcing of transition of the boundary layers.
Published data (e.g., Pfeil et al., 1982; Doorly and Oldfield,
1985; LaGraff et al., 1988) show the front of a turbulent patch
induced by the wake traveling with the leading edge of the
wake at approximately the free-stream velocity while the rear
travels at a slower rate, which is more typical of that observed
at the rear of turbulent spots formed by natural transition. As
a consequence of the differing velocities, the turbulent patches
induced by successive wakes merge to form a turbulent bound-
ary layer.

Contributed by the International Gas Turbine Institute and presented at the
34th International Gas Turbine and Aeroengine Congress and Exhibition,
Toronto, Ontario, Canada, June 4-8, 1989, Manuscript received at ASME Head-
quarters February 14, 1989. Paper No. 89-GT-289.
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The present paper is particularly concerned with this process
of boundary layer transition. It describes an investigation into
the effects of wake-generated unsteadiness on the suction sur-
face boundary layers of the rotor of a large-scale, low-speed,
single-stage, axial-flow turbine. Part 1 of the paper reanalyzes
the experimental data (much of which has already been re-
ported in the publications referenced here) while Part 2 presents
the results of a supporting linear cascade investigation and a
model for the unsteady transition process, which draws on the
conclusions of the experimental work. The pressure surface
boundary layers are not discussed since it has already been
shown that they do not undergo transition under normal op-
erating conditions (Hodson and Addison, 1988).

Experimental Details

Research Turbine. The single-stage axial-flow turbine has
been described in more detail by Hunter (1982) and Hodson
(1983a, 1984). It was a free-vortex design with zero inlet and
exit swirl and 50 percent reaction at midspan. The 36 stator
blades and 51 rotor blades had aspect ratios of 1.5 and 2.0,
respectively, and a hub-tip ratio of 0.7. The present study is
concerned specifically with the rotor midspan blade section,
which was designed for relative inlet and exit angles of 0 deg
and — 65 deg, respectively, corresponding to a flow coefficient
(U,/Up) of 0.49. The flow at rotor midspan was essentially
two-dimensional and free from the influences of tip leakage
and secondary flows (Hodson and Addison, 1988). The op-
erating (i.e., design) conditions are summarized in Table 1.

Experimental data have been obtained at three stator-rotor
axial gaps corresponding to 50, 75, and 143 percent C, (stator
axial chord). The different clearances were obtained by the use
of spacer rings. Figure 1 shows the stage configured at the
smallest axial gap.
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Table 1 Turbine midspan section—design conditions

Stator |  Rotor
Flow Coefficient U,/Uy, 0.49
Stage Loading (Ahy/Uy2) 1.0
Reynolds Number (Re) 4.2x105 3.15x105
Rotational Speed (rpm) — 530.
Inlet Axial Velocity (my/s) 17.95 —
Inlet free-stream turbulence intensity 0.25%
Blade Inlet Flow Angle (from axial) 0.0° 0.0°
Blade Exit Flow Angle (from axial) 65.0° -65.0°
Chord (mm) ) 152.4 1143
Pitch-Chord Ratio 0.742 0.698
Aspect Ratio 1.5 2.0
Number of Blades 36 51
Mean Radius (m) 0.647 0.647

Surface-Mounted Hot-Film Gages. Surface-mounted hot-
film gages have been used to investigate the boundary layer
behavior of the rotor suction surface at the three axial spacings.
The hot-film data were acquired in two different ways.

(a) Axial Spacings of 75 percent C,, and 143 percent
C,» Hodson (1984) used a single, calibrated hot-film gage,
which was positioned at several locations along the blade sur-
face, the data being logged at the rate of 10 samples per wake
passing cycle and averaged over 100 revolutions. Here the
output has been converted to shear stress 7,,(#). The rms meas-
urements are presented as the ratio of the ensembie rms to the
ensemble mean since it can be shown that

Vo _ Vwun
(D) w(0)

i.e., the local turbulence intensity near the wall for a single-
state boundary layer.

M

(b) Axial Spacing of 50 percent C,; Hodson and Ad-
dison (1988) used a sheet of gages and presented the data as
ratios of the measured voltage E(¢) to the zero-flow voltage
E, of the individual sensors, thus allowing a comparison to be
made between the outputs of the different sensors without
calibration, In these experiments, 256 samples were logged over
6 blade passing periods and averaged over 64 revolutions,

Hot-Wire Boundary Layer Traverses. Experimental details
of the hot-wire traverses and some of the results were originally
reported by Hodson (1983a). Those presented here were carried
out with axial gaps of 75 and 143 percent C,,, using a single

Rotor

Usrel

U2|'el

Uz
Up

Fig. 1 Hub, mean and tip section profiles and velocity triangles for the
turbine stage

hot wire aligned perpendicular to the mean flow and parallel
to the surface. Data were again logged at the rate of 10 samples
per wake passing cycle and averaged over 100 revolutions. For
presentation, data from 12 consecutive wake passing cycles
have been superimposed, effectively forming phase-locked av-
erages based on 1200 wake passing cycles.

Results and Discussion

Steady-State Predictions and Time-Averaged Measure-
ments. The rotor midspan surface velocity distribution pre-
dicted by the method of Whitehead (1980) is shown in Fig. 2,
together with the velocity data obtained in an equivalent linear
cascade (see Part 2). The profile is moderately aft-loaded with
little suction surface diffusion and large areas of favorable
pressure gradients. Peak suction occurs near 45 percent s* on
the suction surface, where s* is the nondimensional suction
surface distance measured from the geometric leading edge.

The predicted velocity distribution was used as input for the
boundary layer prediction scheme of Cebeci and Carr (1978).
Predictions of the Reynolds number based on momentum
thickness (Rey) and shape factor (H = 6*/8) for the suction
surface boundary layer are shown in Fig. 2. The turbulent
prediction was obtained by specifying transition when Rey
reached a value of 163 (q.v.). The time-averaged values of the
measured Reg and shape factor for the 75 and 143 percent Cy,
axial gaps also are plotted, together with the values measured
in the linear cascade.

The experimental data of Fig. 2—originally reported by

Nomenclature
E = hot-film output voltage ¥y = surface normal distance ,
C,; = stator axial chord y* = nondimensional surface nor- x = axial
H = shape factor = 8*/0 mal distance = y/Sp,, 0 = zero flow
hy = stagnation enthalpy 895 = boundary layer thickness Time Mean
Re = Reynolds number 6* = boundary layer displacement 171 &
Rey = Reynolds number based on thickness ()= — S [_ E x(t, n)} dt
morpentumfthiclépczss v = kinematic viscosity Y |N.=
s = suction surface distance @ = boundary laver mome
s* = fractional surface distance = thicknessy Y ntum Ensemble Me}‘\’,”
5/Smax 7, = wall shear stres i
T = blade passing period i . ) (x(0))= N E x(4, n)
t* = dimensionless time = /T Subscripts n=1
Tu = turbulence (or rms) intensity b = blade Ensemble Variance
U = velocity e = edge of boundary layer 1 X
u = streamwise velocity within the  max = maximum value (x(nh)y= N 3 (x(t, m)—(x(1))?

boundary layer min =
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minimum value

n=1
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Fig. 2 Steady-state predictions and time-averaged measurements

Hodson (1983a)—show that the boundary layer does not be-
come typical of a turbulent profile until very late. For the 75
percent C,, gap, time-mean transition, as indicated by a fall
in the shape factor, appears to commence just after peak suc-
tion at about 55 percent s*. In the case of the largest axial
gap, transition is just before the location at which laminar
separation would otherwise occur (78 percent s*). Upstream
of the time-mean transition point, the boundary layers have a
greater momentum thickness and, consequently, lower shape
factor than the equivalent laminar profiles.

Surface-Mounted Hot-Film Gages. Examples of the hot-
film data obtained at the design Reynolds number and the
smallest axial gap (50 percent C,,) are shown in Fig. 3, which
was originally published by Hodson and Addison (1988). In
each box the fluctuating component of the raw signal and the
ensemble mean are shown together with the ensemble rms from
one hot film (the scales for all plots being the same). The three
traces complement each other; the raw signal contains infor-
mation about individual occurrences, both random and phase-
locked; the ensemble mean contains only that information that
is phase-locked to the blade passing frequency, while the en-
semble rms contains the information on how the random con-
tent of the signal varies as a function of rotor position measured
in terms of dimensionless time #*.

The results of Fig. 3 show that there are three distinct regions
of flow on the suction surface. The first, which will later be
identified as the laminar region, ends before 45 percent s*. In
this region, only relatively low amplitude, low frequency ran-
dom information is present in addition to the phase-locked
periodic unsteadiness. The cyclic variation of the ensemble
mean is in phase with that of the random unsteadiness (rms).
This implies that, although this is essentially a laminar region
of flow, there is some momentum transfer due to the turbulence
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Fig. 3 Rotor midspan hot-film results obtained at design conditions
and 50 percent Cys axial gap (Hodson and Addison, 1988)

in the wake, which results in a periodic increase in wall shear
stress and, therefore, an increase in mean momentum thickness
above the laminar value. This is consistent with the experi-
mental data of Fig. 2. It also is noted that the velocity and
turbulence are not in phase (q.v.).

The second or transitional region begins near 45 percent s*.
At this location, the raw signal in Fig. 3 contains rapid periodic
increases in shear stress followed by short periods of high
frequency fluctuations and then a decay back to the less dis-
turbed state. The rms traces indicate that there are no truly
quiescent periods. Such traces are typical of those observed in
boundary layers starting to undergo forced transition as a result
of the passage of wakes over the blade surface. The rapid and
relatively large increases of shear stress, indicated by the raw
signals, signify the commencement of changes of state within
the boundary layer, that is, from laminar to turbulent flow.
The higher frequency fluctuations that follow this increase
represent the first occurrences of turbulent flow. The relatively
quiescent regions between the turbulent patches therefore cor-
respond to the regions of laminar flow between the wakes. As
the flow develops further on the suction surface, transition
progresses so that by 55 percent s*, the rms no longer ap-
proaches zero for any part of the wake passing cycle and the
regions of higher frequency fluctuations are greater in extent.
It also is noted that once the transition process is well estab-
lished (e.g., 61 percent s*), the highest levels of random un-
steadiness (rms) appear to correspond to the short intervals of
lower shear stress. It will be shown below that this occurs

Transactions of the ASME

Downloaded 01 Jun 2010 to 171.66.16.66. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



3. T T T
143% Cy;y ft*
y ety @ ‘

<tw(t)>

_-__
rowEERBRY
Bl QA e A D NG

Y «tw(t)2 @)

<Tw(t)>

‘onvection at

o w
no RTBRRE
WHENR IO D -

2»
VO ()

CoOrmN
ENINE Y

80. 100.

0. 2. . .
s* (%)
Fig. 4 Distance-time plots of suction surface random unsteadiness
derived from hot-film data; rotor-stator axial spacings (a) 143 percent
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where the merging of turbulent patches, caused by adjacent
wakes, takes place.

By approximately 67 percent s*, the third or turbulent phase
of boundary layer development appears to have begun. In this
region, the random and periodic components of the signal are
of similar magnitude. The mean level of the rms traces is
reduced when compared with those within the transition re-
gion. The variation in the rms is also negligible in the turbulent

region suggesting that the levels of free-stream turbulence en-’

countered during the passage of the wakes above the surface
have a relatively small effect on the innermost parts of a tur-
bulent boundary layer.

The changes of state are particularly characterized by the
rms data. Three surface distance-time plots of the suction
surface data, which correspond to the axial spacings of 50, 75,
and 143 percent C,, are presented in Fig. 4. The contours show
the development of the random unsteadiness indicated by the
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rms of the hot-film signals. Figure 4 also shows the predicted
trajectories of quantities convected with the free stream (100
percent U,) and at half that rate (50 percent U,). The higher
quality of the data at the larger axial gaps is due to the larger
number of samples taken at each point.

Figure 4 confirms that the development of the suction surface
boundary layer consists of the three distinct regions of flow
at each axial gap. Over the initial part of the surface, which
has been identified as the laminar region, there are almost
parallel tracks of random unsteadiness traveling at a velocity
approximately equal to the free-stream value. These parallel
tracks cover the longest surface distance at the largest axial
gap (Fig. 4a), indicating that transition occurs latest in that
configuration. It is particularly important to note that in these
laminar regions, there is no evidence of spreading in the manner
associated with the turbulent spots of Shubauer and Klebanoff
(1955), Obremski and Fejer (1967), etc., where the spreading
was due to the trailing edge of the spot lagging behind the
leading edge, which propagated at a velocity close to that of
the free stream. If these parallel tracks were to represent tur-
bulent patches, it would imply relaminarization of the fluid
near the wall at the rear of the wake. However, with the
exception of the first few percent of surface distance, the ac-
celeration parameter

v U,
U? s

2)

is less than the minimum value (3 x 1075 that most studies
consider necessary for relaminarization (e.g., Narasimha and
Sreenivasan, 1979). Any relaminarization also would be too
gradual to explain this feature. Inspection of a raw: hot-film
signal from that region of the blade (Fig. 3) also shows that
the disturbances are principally confined to low frequencies.
The parallel tracks therefore seem to represent the results of
disturbances from passing wake segments diffusing through
the boundary layer. This is consistent with the results of the
hot-wire traverses (q.v.). A feature similar to this, although
not remarked on at the time, can be seen in the s-£ plot presented
by LaGraff et al. (1988), where the tracks of the disturbed
region run parallel from the leading edge to about 20 percent
s*; a higher Reynolds number resulting in earlier transition.
Many transition correlations (e.g., van Driest and Blumer,
1963; Abu-Ghannan and Shaw, 1980) suggest that if Rey is
less than a minimum value (163 in the case of the latter) then
transition will not begin. For this reason, the turbulent pre-
diction shown in Fig. 2 was started at this value. The fact that
Rey does not exceed the foregoing limit until about 30 percent
s* means that transition will not be predicted to begin until
after that location whatever the level of free-stream turbulence.
Thus it is not surprising that turbulent spots do not form
immediately when the wakes impact on the boundary layer
and it is necessary that models of unsteady transition do not
presume that this is the case. The data of Pfeil et al. (1982)
and Walker (1974) also support this viewpoint and further
discussion can be found in Part 2 of the present paper.

In each case the parallel tracks of Fig. 4 are terminated by
rising wedges of random unsteadiness. These denote the onset
of unsteady transition. The areas are, to some extent, remi-
niscent of the spot spreading described by other workers (e.g.,
Obremski and Fejer, 1967). However, if the spreading in Fig.
4 represents a single spot developing underneath the wake as
has been suggested by some authors (e.g., LaGraff et al., 1988)
then the angle of the line A-A in Fig. 4(b) would imply a
negative propagation velocity, i.e., upstream propagation for
the spot leading edge. Many studies have shown that the leading
edge velocity lies between 80 and 100 percent U,, although the
s-t plot of Doorly and Oldfield (1985) does show a phenomenon
similar to that noted in Fig. 4. Nor do the lines parallel to A-
A correspond to the small amount of upstream propagation
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of the wave packets resulting from the breakdown of Tollmein-
Schlichting waves noted by Obremski and Fejer (1967). Here,
the high levels of disturbances mean that the linear amplifi-
cation stage will be bypassed. The answer to this problem is
suggested by inspection of the raw hot-film traces from the
transitional region; for example, at 55 percent s* in Fig. 3.
During the sections that obviously correspond to the passage
of wake segments, there is some suggestion that there are
several bursts of higher frequency disturbances buried within
the disturbed regions. These individual bursts correspond to
the turbulent spots of natural transition. When the primary
instabilities, here provided by disturbances from the wake and
in natural transition by Tollmein~Schlichting waves, are am-
plified beyond a critical level, higher frequency disturbances
are created. This results in the turbulent bursts or spots. The
Tollmein-Schlichting frequency, which here is of the order of
3 kHz, i.e., 10 x blade passing frequency, can be used as an
estimate of the rate at which this happens (e.g., Walker, 1987).
Thus we might expect to see up to five turbulent bursts in a
wake-induced turbulent patch lasting for 50 percent of the
wake-passing period.

It is now possible to explain the reasons for the negative
slope of the lines such as A-A in the s-¢ plot of Fig. 4(b). The
result is a consequence of ensemble-averaging. Transition com-
mences with the formation of the first turbulent spot. The
results of Fig. 4 show that this is most likely to occur near the
centerline of the wake, where the turbulence is greatest. (The
locations indicated by the results of Fig. 4 represent an average
over many cycles.) However, as the disturbed laminar part of
the boundary layer develops beyond this point on the surface,
it becomes capable of undergoing transition at the lower levels
of free-stream turbulence that are to be found away from the
centerline of the wakes. Simultaneously, the wake itself travels
at a faster rate than the leading edge of a single spot. Thus
further spots can form ahead of the zone of influence of the
initial single spot, the effects combining to make the inclination
of the line A-A negative in Fig. 4(b). In the case of the “‘trailing
edge’’ of the wedge (line B-B), these effects tend to cancel so
that the slope corresponds more closely to that associated with
a single spot. Nevertheless, the results still indicate the for-
mation of additional spots behind the zone of influence of the
initial spot. At the smallest axial gap (Fig. 4c), the wakes will
be at their narrowest so that the inclinations of the leading
and trailing edges of the transitional wedge correspond more
closely to the values associated with a turbulent spot. A further
discussion regarding the modeling of such features can be
found in Part 2.

An alternative view of the boundary layer development is
given by Fig. 5. It shows the surface distribution of the max-
imum and minimum limits of the ensemble rms, normalized
in the same manner as in Fig. 4. In effect, the figure shows
the envelopes of the surfaces contoured in Fig. 4. Over the
first part of the blade, the relatively low levels of the maximum
values indicate the significance of the relatively low frequency
(i.e., large scale) disturbances in the disturbed laminar bound-
ary layer. Any small (high frequency) eddies are rapidly dis-
sipated. At the rear of the surface, where the boundary layer
is turbulent, the values are greater than during the laminar
phase. It should be noted that some of the energy in the tur-
bulent boundary layers occurs at frequencies beyond the cutoff
frequency of the instrumentation and so the values are arti-
ficially low in this region. However, this does not explain the
variation through the transitional regions where the curves,
shown in Fig. 5, reach their maximum values at about the same
location as the time-averaged results of Fig. 2, indicating that
the boundary layers are halfway through the transition process.
If the transition to turbulent flow were to take place in a phase-
locked, periodic manner whether by way of the formation of
a single spot or multiple spots then the curves, shown in Fig.
5, would rise monotonically to the turbulent values during
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Fig. 5 Maximum and minimum values of suction surface random un-
steadiness derived from surface hot-film data

transition. The fact that they do not indicates that the for-
mation of individual spots, which grow to form the transition
wedges, occurs stochastically so that the rms represents the
sum of the unsteadiness due to the stochastic formation of the
spots and the turbulence within the spots themselves. The rel-
atively large values of the peaks are consistent with the fact
that much larger changes of heat transfer rate result from a
change of state than from the fluctuations observed in tur-
bulent boundary layers.' A similar though less pronounced
feature also can be seen in the time-averaged results of Pfeil
et al. (1982).

Figure 5 has indicated that the process of spot formation is
stochastic. If it is assumed that the individual spots are phys-
ically identical, then the rise in rms above the turbulent level
can be taken as an indicator of the rate at which the spots
form. An examination of the s-f plots of Fig. 4 shows that at
each axial spacing and for a given surface location, the height
of the transition wedge is greatest near its bisector during the
early part of the process. However, the peak values (two per
wedge) are not to be found along the bisector but nearer the
edges of the wedge. It also is noted that at the smallest axial
gap, Fig. 4(c), the gradient along the forward part of the wedge
is steeper than at the larger axial gaps indicating a more rapid
change between the low interwake and high wake-peak tur-
bulence intensities. This is a consequence of the narrower in-
cident wakes at the smaller spacings. It is noted that the values
along the bisector of the wedge rise above the subsequent
turbulent values thus indicating that, at all locations, the pro-
cess of spot formation is not simply periodic. Once the tur-
bulent wedges, shown in Fig. 4, have merged, the rms falls
indicating a rapid conclusion to the process of transition. The
location of the end of transition indicated by the hot films is
consistent with the traverse results of Fig. 2.

Hot-Wire Boundary Layer Traverses. Time-averaged in-
tegral parameters derived from the hot-wire traverses of the
suction surface boundary layers have already been presented
in Fig. 2. This section describes some of the unsteady data
acquired at the intermediate axial gap (75 percent C,).

Figure 6 shows the time-mean velocity and rms profiles at
different suction surface locations. The velocity profiles show
that growth of the boundary layer is continuous, with the most
significant changes occurring as the boundary layer undergoes
transition. The rms profiles show that even when the boundary
layer is essentially laminar, appreciable levels of random un-
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Fig. 6 Time-mean velocity and rms profiles for the suction surface
boundary layer—75 percent C,, axial gap (Hodson, 1983)

steadiness exist near the surface. Within the turbulent bound-
ary layer close to the trailing edge (96 percent s*), the rms
levels are slightly lower than are normally found in turbulent
boundary layers. This result can be attributed to the effects
of a relatively low instrumentation cutoff frequency. It will be
shown below that the higher levels of random unsteadiness at
82 percent s* are indicative of transition.

Figure 7 shows a series of instantaneous cross sections
through the boundary layer at equal intervals during a single
wake-passing cycle. The abcissa is the surface normal distance
normalized with respect to the suction surface distance (y* =
¥/Sma)- It should be noted that the s* and y* scales are heavily
distorted. The dashed lines show where the ensemble velocity
is equal to 95 percent of the value in the free stream, i.e., y
= (89s) where (u(¢)) = 0.95 (U,). These lines can therefore
be used as a guide to boundary layer thickness. The thick,
solid lines drawn over the contours show where the unsteady
velocity (u(¢)) — u) is zero and d<u(¢))/0t is negative.
Following Hodson (1985) who showed that the wakes behave
as negative jets, these lines can be taken to indicate the ap-
proximate location of the centerline of each wake. The se-
quence of plots shows that the wake centerlines convect across
the region (26 to 96 percent s*) at an approximately constant
rate. Within the boundary layer, the wake centerlines lag be-
hind the free stream and the edge of the boundary layer can
be identified by where the lag begins.

The shaded contours in Fig. 7 are of the quantity

Tu= / (u(t)?) /T, ©)

which would normally be referred to as an ensemble turbulence
intensity. However, as the hot-film data have demonstrated
(e.g., Fig. 5), the rms quantities represent the combined un-
steadiness associated with stochastic processes such as spot
formation as well as with the turbulence. This quantity will
therefore be referred to as the ‘‘rms intensity’’ when both
effects are present. It also should be noted that the time-mean
free-stream velocity U,, although not constant, varies by less
than 25 percent over the surface length traversed with the hot
wires (see Fig. 2) so that the data trends will not be unduly
affected by normalizing in this way.

The plots in Fig. 7 show the convection of alternate regions
of high (wake) and low (undisturbed free-stream) turbulence
across the blade surface above the boundary layer. There is a
periodic variation of the rms intensity nearest the surface that
is in sympathy with, though lagging behind, the turbulence
intensity in the wakes. In the inner half of the boundary layer,
the variation in rms intensity is particularly evident between
50 and 90 percent s*, which is where transition is known to
occur (Fig. 2). The maximum turbulence intensity within the
wake, approximately 2 percent, can be seen to lag significantly

Journal of Turbomachinery

0.04
0.03
0.02
0.01
0.00

0.04-
0.03
0.02
0.01
0.00

0.04
0.03
0.02

;T<O

0.01
0.00

0.04
0.03
0.02
0.01
0.00

0.04
0.03
0.02
0.01
0.00

0.4 0.6 0.8 1.0
s*

Fig. 7 Instantaneous rms intensity and velocity in the suction surface
boundary layer—75 percent C,, axial gap

behind the centerline indicated by the velocity field although
the reasons for this are not yet understood. Since it will be
shown that the turbulence in the wake is responsible for the
transition process, the wakes will continue to be identified by
the turbulence and not by the ensemble velocity field. As a
result of these differences, the transition process will be trig-
gered in a region of relatively slowly varying velocities.

One of the more striking features of Fig. 7 is that, over the
initial part of the blade surface and in the absence of the wakes,
the rms intensity does not fall below 2.5 percent near the surface
even though the hot-film data of Fig. 4(b) indicate the presence
of essentially laminar boundary layers. Pessimistic estimates
suggest that a combination of probe vibration and the relatively
high velocity gradients near the wall could have resulted in an
apparent turbulence/rms intensity of 3 percent. However, as
was pointed out previously, the ratio of rms to mean for the
hot films gives an estimate of the near-wall turbulence intensity,
and comparison with Fig. 4(b) shows that the hot-wire obser-
vations are consistent with these levels. This suggests that the
levels observed by the hot wire are not unduly affected by
vibration of the probe. In fact, these relatively high levels
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Fig.8 Fractional increase in rms intensity during a wake passing cycle,
equation (4), for the 75 percent C,, axial gap

(equivalent to the maximum value in the wake) arise over the
first part of the blade because the disturbances in the boundary
layer are more slowly dissipated than in the free stream due
to the more favorable production-dissipation balance. In ad-
dition, diffusion within the boundary layer normal to the sur-
face exposes the disturbances to a wide range of convection
velocities. Further downstream, therefore, the boundary layer
contains a much more uniform background level of low fre-
quency disturbances to which is added the periodic component
by diffusion from the wake segment overhead. The persistence
of disturbances in the laminar boundary layers of linear cas-
cades is well known (e.g., Hodson, 1983b) but not often re-
ported although Hart (1985) documented ‘‘turbulence
intensities”” of up to 10 percent without transition being ob-
served. This feature will be examined in more detail in Part
2.

The background level just noted and the response of the
boundary layer to the turbulence of the wake vary both along
the surface and across the boundary layer. For this reason,
Fig. 8 also presents a series of instantaneous cross sections
through the boundary layer but, in order to view the interaction
more clearly, the shaded contours are of the quantity
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The effect of transition on the rms
intensity through a boundary layer
(after Pfeil and Herbst, 1979)
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which represents the normalized variation of the ensemble rms
with respect to the minimum value.

In the first plot of Fig. 8 (#* = 0.1), the unshaded area
indicates the separation that exists between the wakes and in
the free stream; the peak turbulence that marks the center of
a wake is to be found near 75 percent s*. Even though a new
wake can be seen in the free stream near the start of the traverse
domain, the inner part of the boundary layer has yet to be
disturbed due to a time lag resulting from diffusion across the
boundary layer. This lag is relatively small as can be seen from
the surface distance-time plots, which show parallel traces in
the laminar boundary layer at very nearly the free-stream con-
vection velocity. Once transition begins, the patch beneath the
wake is not simply due to diffusion. The trailing edges of the
spots move slower than the wake segment and give a false
picture of the magnitude of the lag.

Care must be taken when interpreting these data since as
Fig. 4(b) shows, the peak rms intensities correspond to the
regions of highest intermittency and these are found not near
the wake centerline but nearer the edges of the wakes once
transition is well established. This phenomenon is responsible
for the high levels of normalized rms intensity that appear very
near to the surface between 60 and 80 percent s* in the plot
corresponding to time ¢* = 0.7. Using this location in time
and space as a starting point, it is relatively easy to trace the
history of this feature and to see that it arises because the
turbulent patch associated with a later wake catches up with
that due to the preceding wake. Although the turbulent patches
appear to merge near the surface (y/{dys> < 0.5), the contours
in Fig. 8 imply that, in the outer part of the boundary layer
and the free stream, the turbulent patches remain separate
within the traverse domain. The main conclusion to be drawn
from the data of Fig. 8 is that the transition process is un-
doubtedly initiated by the turbulence in the wake.

Figure 9 shows the variation in the denominator of equation
(4) throughout the boundary layer. The time mean value of
895 is shown by the dashed line. This figure presents data similar
to those of Fig. S but across the entire boundary layer rather
than just at the surface. During the laminar phases, the greatest
changes in the ensemble rms are near the middle of the bound-
ary layer. At the rear of the surface, the largest variation is
near 75 percent dys. However, the maximum variation occurs
near 70 percent s* since the rms intensity represents the com-
bined unsteadiness associated with stochastic processes such
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Fig. 10 Distance~time plots of rms intensity within the boundary layer
at varying surface-normal distances

as spot formation as well as with the turbulence. As Pfeil and

Herbst (1979) have shown (see inset), in the transition region
the velocity variation associated with a change of state will not
be constant across the boundary layer. For these reasons, there
is a saddle point between two peaks near 70 percent s*. This
also explains why the interaction of the wake with the boundary
layer does not appear as a continuous ridge in the contour
maps of Fig. 7. »

The hot-wire data also have been combined to produce dis-
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tance-time plots of the random unsteadiness. Figure 10 con-
tains a series of these plots at different heights (y/545) through
the suction surface boundary layer. The shaded contours are
of the rms intensity defined in equation (3). Figure 10, there-
fore, presents the data of Fig. 7 in another format.

Figure 10(a) is a distance-time plot of the turbulence intensity
outside the boundary layer (¥/8ys = 2). Typically, the peak
turbulence intensity within the wakes is of the order of 2 percent
and it passes over the surface at the predicted free-stream
convection velocity U,. When the wakes are viewed in this way,
it also is apparent that there is very little growth in the fraction
of the cycle time that is occupied by the wake. This is despite
the fact that turbulent mixing (diffusion) and the wake-jet
effect (convection) will tend to increase the time interval oc-
cupied by the wake. A simple model presented in Part 2 of
the present paper examines the importance of these mecha-
nisms and shows that the turbulent mixing is not large, that
the spreading due to the blowing action of the wake jet is larger
but still of the same order and that their combined effect will
not cause the wakes to merge inside the rotor passage. Figure
8 also showed that this was the case.

Within the boundary layer, there are parallel tracks of higher
rms intensity up to approximately 40 percent s*, after which
the peak values rise to form the V-shaped wedges associated
with transition. The angle of the wedges is least and the start
of transition furthest along the surface in the outer portions
of the boundary layer (y/8¢s = 0.75), Fig. 10(b). In Fig. 10(b),
the ridge of the V-shaped wedge continues to the end of the
traverse domain. Again, the data suggest that full transition
does not occur in the outer part of the boundary layer.

Nearer the surface (Figs. 10c and 10d), the areas of highest
random unsteadiness correspond to those noted in Fig. 8, which
were associated with the merging of adjacent turbulent patches.
Beyond the transition zone, tracks indicating the effects of the
wakes upon the turbulent flow also can be seen. The similar
form of the data in Figs. 4(b) and 10(c, d) implies that in the
inner part of the boundary layer, transition appears to take
place at the same instant at each spatial location. The boundary
layer cross sections (Fig. 8) also appear to suggest that once
the wakes have merged very near the surface, diffusion normal
to the surface speeds up the transition process in the middle
of the boundary layer. These observations are not true of the
entire boundary layer so that the location of transition depends
on the height within the boundary layer. This supports the
earlier work of Doorly and Oldfield (1985) who produced an
s-t plot that showed that the development of a turbulent patch
as indicated by surface-mounted thin-film gages lagged behind
the position of the wake in the free stream as indicated by
Schlieren photographs.

At the surface (Fig. 4b), the hot-film data show that tran-
sition is virtually complete by 82 percent s*, but the hot-wire
traverses (Figs. 7-10) indicate later completion in the outer
regions of the boundary layer. Because of these differences,
the merging of adjacent turbulent patches cannot be regarded
as a two-dimensional (surface distance and time) process since
diffusion from the free stream and normal to the surface plays
a part. However, the data do suggest that in the inner half of
the boundary layer, the process may be regarded as two di-
mensional. In addition, the changes in the integral parameters
of the boundary layer (Fig. 2) are consistent with the hot-film
and near-surface hot-wire data. Since it may be argued that
the outer part of the boundary layer contributes relatively little
to the overall aerodynamic and thermodynamic properties of
the boundary layer, the use of two-dimensional models is jus-
tified.

Conclusions
The existence of disturbed laminar, transitional and tur-
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bulent flow on a turbine blade has been demonstrated. The
start of the transition is unsteady and dominated by stator
wake turbulence, but does not begin immediately when the
wake impacts on the boundary layer. The transition process
is characterized by the appearance of high frequency bursts
above the lower frequency background disturbances. Several
bursts exist for a single wake segment and their formation is
stochastic rather than phase-locked. Although the transition
location varies with distance from the surface, behavior near
the surface is very similar to that in the center of the boundary
layer justifying the use of hot-film gages in this application.

References

Abu-Ghannam, B. J., and Shaw, R., 1980, “‘Natural Transition of Boundary
Layers—the Effects of Turbulence, Pressure Gradient and Flow History,”’ Jour-
nal of Mechanical Engineering Science, Vol. 22, No. 5, pp. 213-228.

Binder, A., 1985, ““Turbulence Production Due to Secondary Vortex Cutting
in a Turbine Rotor,”” ASME Journal of Engineering for Gas Turbines and
Power, Vol. 107, pp. 1039-1046.

Cebeci, T., and Carr, L. W., 1978, *“A Computer Program for Calculating
Laminar and Turbulent Boundary Layers for Two-Dimensional Time-Dependent
Flows,”” NASA TM 78470.

Dong, Y., 1988, “Boundary Layers on Compressor Blades,”” PhD Thesis,
Cambridge University, United Kingdom.

Doorly, D. J., and Oldfield, M. L. G., 1985, ““Simulation of the Effects of
Shock Wave Passing on a Turbine Rotor Blade,”” ASME Paper No. 85-GT-
112.

Doorly, D. 1., 1987, “Modeling the Unsteady Flow in a Turbine Rotor Pas-
sage,”” ASME Paper No. 87-GT-197.

Hart, M., 1985, ‘“Boundary Layers on Turbine Blades,”” PhD Thesis, Cam-
bridge University, United Kingdom.

Hodson, H. P., 1983a, ‘‘The Development of Unsteady Boundary Layers on
the Rotor of an Axial-Flow Turbine,”” AGARD Conference on Viscous Effects
in Turbomachines, AGARD CP-351, Copenhagen, Denmark.

214/Vol. 112, APRIL 1990

Hodson, H. P., 1983b, ‘““The Detection of Boundary Layer Transition and
Separation in High Speed Turbine Cascades,’’ Proceedings of the 7th Symposium
on Measurement Techniques for Transonic and Supersonic Flow in Cascades
and Turbomachinery, Aachen, Federal Republic of Germany.

Hodson, H. P., 1984, ‘““‘Boundary Layer and Loss Measurements on the Rotor
of an Axial Flow Turbine,” ASME Journal of Engineering for Gas Turbines
and Power, Vol. 106, pp. 391-399. .

Hodson, H. P., 1985, ‘““Measurements of Wake-Generated Unsteadiness in
the Rotor Passages of Axial Flow Turbines,”’ ASME Journal of Engineering
Sor Gas Turbines and Power, Vol. 107. ’

Hodson, H. P., and Addison, J. S., 1988, ““Wake-Boundary Layer Interac-
tions in an Axial-Flow Turbine at Off-Design Conditions,”” ASME Paper No.
88-GT-233. . :

Hunter, 1. H., 1982, ‘“Endwall Boundary Layer Flows and Losses in Axial
Turbine Stage,”” ASME Journal of Engineering for Power, Vol. 104.

LaGraff, J. E., Ashworth, D, A., and Schultz, D. L., 1988, ‘“‘Measurement
and Modeling of the Gas Turbine Blade Transition Process as Disturbed by
Wakes,”” ASME Paper No. 88-GT-232.

Narasimha, R., and Sreenivasan, K. R., 1979, ‘Relaminarization of Fluid
Flows,”” Advances in Applied Mechanics, Vol, 19, pp. 221-309.

Obremski, H. J., and Fejer, A. A., 1967, ‘“Transition in Oscillating Boundary
Layer Flows,”” Journal of Fluid Mechanics, Vol. 29, pp. 93-111.

Pfeil, H., and Herbst, R., 1979, ‘“Transition Procedure of Instationary Bound-
ary Layers,”” ASME Paper No. 79-GT-128.

Pfeil, H., Herbst, R., and Schroder, T., 1982, “‘Investigation of Laminar-
Turbulent Transition of Boundary Layers Disturbed by Wakes,”” ASME Paper
No. 82-GT-124.

Schubauer, G. B., and Klebanoff, P. S., 1955, “‘Contributions on the Me-
chanics of Boundary Layer Transition,” NACA TN 3489,

van Driest, E. R., and Blumer, C. B., 1963, ‘“‘Boundary Layer Transition:
Free-Stream Turbulence and Pressure Gradient Effects,”” AIAA Journal, Vol.
1, pp. 1303-1306.

Walker, G. J., 1974, **The Unsteady Nature of Boundary Layer Transition
on an Axial-Flow Compressor Blade,”” ASME Paper No. 74-GT-135.

Walker, G. J., 1987, ““Transitional Flow on Axial Turbomachinery Blading,”’
AIAA Paper No. 87-0010.

‘Whitehead, D. S., 1980, *“*The Calculation of Steady and UnsteadyTransonic
Fiow in Cascades,”’ Cambridge University Engineering Department Report A-
Turbo/TR98.

Transactions of the ASME

Downloaded 01 Jun 2010 to 171.66.16.66. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



Unsteady Transition in an Axial-
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Flow Turbine: Part 2—Cascade
Measurements and Modeling

Part 1 of this paper reanalyzed previously published measurements from the rotor
of a low-speed, single-stage, axial-flow turbine, which highlighted the unsteady
nature of the suction surface transition process. Part 2 investigates the significance

of the wake jet and the unsteady frequency parameter. Supporting experiments
carried out in a linear cascade with varying inlet turbulence are described, together
with a simple unsteady transition model explaining the features seen in the turbine.

Introduction

Traditionally, turbomachinery components have been tested
in cascades using stationary inflow, sometimes using a grid to
produce a turbulence intensity thought to be representative of
the levels in a real machine. Similarly, designers make use of
steady-state correlations based on many years experience of
testing cascades and real machines and, again, assume a tur-
bulence level thought to be representative. However, it has
been shown by many studies (e.g., Hodson, 1984; Doorly and
Oldfield, 1985; Walker, 1974), that the actual boundary layers
are unsteady and that the passage of wakes from upstream
blade rows allied to a high degree of inlet free-stream turbu-
lence results in behavior that cannot be predicted satisfactorily
by conventional methods.

Part 1 of the paper described experiments into this subject.
The turbine used for the work was a large, low-speed, single-
stage, axial-flow machine designed as a free-vortex stage with
zero inlet and exit swirl and 50 percent reaction at midspan.
The 36 stator blades and 51 rotor blades had aspect ratios of
1.5 and 2.0, respectively, and a hub-tip ratio of 0.7. This paper
is concerned specifically with the rotor midspan blade section
where the flow is known to be two dimensional (Hodson and
Addison, 1988). Experimental data were obtained at three sta-
tor-rotor axial gaps corresponding to 50, 75, and 143 percent
C,, (stator axial chord).

Previously published measurements, including time-resolved
hot-wire traverses and surface hot-film gage measurements,
were reassessed in the light of more recent findings. It was
shown that the passage of wake segments over the blade surface
boundary layer was dominated by the wake turbulence but it
did not cause immediate transition., When transition occurred,
it was characterized by the stochastic appearance of turbulent
spots. The spreading of the wake segment in the free stream
was small and the interaction of the wakes with the laminar
boundary layers shown to be quasi-steady. Although transition

Contributed by the International Gas Turbine Institute and presented at the
34th International Gas Turbine and Aeroengine Congress and Exhibition, To-
ronto, Ontario, Canada, June 4-8, 1989. Manuscript received at ASME Head-
quarters February 14, 1989. Paper No. 89-GT-290.
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location varied with distance from the surface, behavior near
the surface was very similar to that in the center of the boundary
layer justifying the use of hot-film gages.

In this part of the paper, the action of the wake jet, and
the significance of the unsteady frequency parameter are con-
sidered. The results of a linear cascade investigation and com-
puter predictions of wake behavior are presented and analysis
of the data leads to the formulation of a simple model for the
start of transition. It will be shown that this can explain many
of the features highlighted by the results of Part 1.

Role of the Wake Jet in Unsteady Transition

Wakes are characterized by their turbulence and velocity
profiles. The effect of the turbulence on boundary layer tran-
sition will be investigated in the cascade tests to be reported
later. The effect of the wake jet can be quantified by consid-
ering the work of Obremski-and Fejer (1975). They studied
transition on a flat plate in nonreversing periodic flow and
showed that the mechanism of transition had a strong de-
pendence on a nonsteady Reynolds number

_ AU/U)
Re,, = —-2 20
Crs = o/ Ugd)

which they related to the degree to which disturbances were
amplified during one cycle. A low value (Re,; << 26,000 for
zero pressure gradient) resulted in aperiodic formation of tur-
bulent spots with the unsteady flow merely playing a role in
encouraging or discouraging natural spot formation at certain
times of the cycle. A high value resulted in periodic spot for-
mation with the velocity perturbation assuming a dominant
role. If it is assumed that AU is of the order of the wake-jet
velocity Uj, then using the values applicable to the turbine
rotor midspan gives Re,; = 1500, which is significantly less
than the limit of 26,000. Therefore, the velocity fluctuation
resulting from the wake jet will not be strong enough to force
transition in its own right.

The extrapolation of these results to turbomachinery is not
strictly valid since the plate was subjected to a standing free-
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stream velocity wave while the passage of a wake over the
blade surface results in a convected disturbance (traveling
wave). However, the mode of action of the jet will be similar
and we can reasonably discount the velocity fluctuation as a
primary cause of transition although it will modify the envi-
ronment perceived by higher frequency disturbances from the
free stream and wake turbulence.

Significance of the Reduced Frequency Parameter

The surface distance-time plots of Part 1 indicated that the
wake turbulence penetrated the boundary layer without a sig-
nificant delay. However, the value of the reduced frequency
parameter

R wX

=" #))
where x and U are representative values, is typically about 3,
which suggests that the boundary layers should be truly un-
steady. Although equation (2) defines & in inviscid terms as
the ratio of the convective and periodic time scales, this ap-
parent paradox can be resolved by rewriting it as

oo 2 (X ed] 1 fx)? w8
""Ux{a} L]‘Rex{az [} @

It is noted that 8°/» is a diffusive (laminar) time scale and thus
the final term of equation (3) represents the ratio of the time
taken for information to diffuse through the boundary layer
to the periodic time of the unsteady flow (or the square of the
ratio of the boundary layer and Stokes’ layer thicknesses). For
a laminar boundary layer

8)2 25
i 4
o - g
so that equation (3) reduces to
- 1 | ws?
=~—|— 5
Y [ u] ©)

Thus the reduced frequency is both an inviscid and viscous
parameter. However, in the present situation, we are concerned
with the time taken for wake-turbulence to diffuse into the
laminar boundary layer. At the simplest level, this is more
accurately represented by using an eddy viscosity », rather than
the kinematic viscosity ». Since v, is much greater than » (v,
~ 10-100v), the diffusion time is significantly shorter, and the
effective reduced frequency given by

o =@ {1} (6)
Vi

is significantly less than unity. This indicates that diffusion
across the boundary layer is very rapid, and suggests that the
interactions can be treated as quasi-steady.

Measurements in a Linear Cascade

Since the interaction of wakes with the boundary layers can
be treated as quasi-steady, it is reasonable to investigate the
development of the suction surface boundary layer in a linear
cascade with stationary inlet turbulence and then extrapolate
the results to the unsteady case.

The cascade used was a high aspect ratio linear cascade of
seven epoxy blades with sections geometrically similar to the
rotor midspan of the rotating turbine stage described in Part
1. A biplanar turbulence grid consisting of a square lattice of
5/16 in. dia bars at 1 1/4 in. pitch was fitted upstream of the
parallel-sided inlet duct. The intensity of the free-stream tur-
bulence at inlet to the linear cascade was varied by altering the
separation between the cascade and the turbulence grid. The
levels used here were 0<(Tu,,);,< 10 percent measured at the
inlet plane in the absence of the cascade. In the central blade
passage, a hot-wire probe consisting of two 5 pm tungsten
wires crossed at 90 deg and aligned with the wires at 45 deg
to the mean flow at each point was used to measure the flow
velocity and mean turbulence intensity. Oil and dye flow vis-
ualization and hot-film gages were used to determine the state
of the suction surface boundary layer. Further details of the
cascade and experimental methods are given by Hodson (1984)
and Hall (1985).

The measured values of Tu,, corresponding to the stations
nearest the suction surface were scaled for the range of inlet
turbulence intensity. These were then used with the predicted
boundary layer parameters (using the boundary layer code of
Cebeci and Carr (1978) as in Part 1) to apply the start and
end of transition correlation originally presented by Abu Ghan-
nam and Shaw (1980). Figure 1 shows the start of transition
correlation and, superimposed, the predicted values of the
momentum thickness Reynolds number Rey and pressure gra-
dient parameter (modified Polhausen parameter) A, for this
blade. The sensitivity of the critical turbulence level to Rey,
and hence s*, is evident as is the relative insensitivity to Ag in
the region of interest (i.e., Tu > 1.5 percent).

Figure 2 shows the observed boundary layer states as deduced
from the flow visualization (separation and reattachment) and
hot-film gages (transitional behavior), and compares them with
the predictions. Overall, the agreement with the correlation is
reasonable. It can be seen that the position of the separation
line is only slightly affected by the changing levels of free-
stream turbulence. This indicates that the disturbances that

Nomenclature
b = wake standard deviation in T = blade passing p.eriod y = kinematic viscosity
the Eulerian frame t* = dimensionless time = #/T v, = eddy viscosity
C, = stator axial chord Tu = turbulence (or rms) intensity w = radian frequency
D(s*) = decay factor for cascade U = flow velocity @ = reduced frequency parame-
free-stream turbulence in- u = streamwise velocity within ter
tensity the boundary layer ~ = ...is of the order of...
L = characteristic length of a x = distance .
turbulent fluctuation y = surface normal distance Subscripts
Re = blade Reynolds number a = factor in transition model bl = within the boundary layer
Re,; = nonsteady Reynolds number B = wake standard deviation in e = edge of boundary layer
Re, = Reynolds number based on the time domain fs = free stream
(surface) distance v = factor in transition model in = inlet to blade row/cascade
Re; = Reynolds number based on 6 = boundary layer thickness Jj = wake-jet
momentum thickness A = changein ..... m = mean
s = (suction) surface distance Ao = (modified) onlhausen pa- max = maximum
s* = fractional surface distance rameter " 93U, ’ = fluctuation in.....
= §/Smax v d 0 = reference
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Fig. 1 Start of transition correlation of Abu Ghannam and Shaw ap-
plied to the turbine rotor suction surface
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Fig. 2 Variation of suction surface boundary layer states with cascade
inlet turbulence intensity

exist in the laminar boundary layer have relatively little effect
on the wall shear stress. The separation line appears to move
back slightly with increasing inlet turbulence due to an increase
in momentum transfer. This is consistent with the results of
Part 1 showing increased momentum transfer in the laminar
boundary layer on the turbine rotor due to wake turbulence.

The position of the start of transition was determined from
the first appearance of high-frequency disturbances in the hot-
film signals. The results show that the start of transition is
strongly affected by the levels of free-stream disturbances.
Although the data are limited outside the separation bubble,
they agree fairly well with the predictions, being between the
predicted start of transition and 10 percent intermittency. An
asymptotic forward limit of 36 percent s* is predicted for the
start of transition with increasing free-stream turbulence due
to a minimum critical Re, of 163. In the research turbine,
laminar separation was prevented because transition occurred
forward of the liftoff line. From the cascade behavior and the

predictions of the transition correlation, it is clear that the

levels of inlet turbulence intensity must exceed 9 percent in
order to provide levels of about 2 percent in the neighborhood
of transition and it is noted that these levels did not exist in
the free stream of the research turbine but only at the peak of
the wakes.

Wake Spreading Due to the Wake-Jet
In Fig. 10 of Part 1, distance-time plots of hot-wire data

Journal of Turbomachinery

a) Profile of a single wake at a series
of positions through the passage
(Contours are of entropy)

%//

b) Distance-time plot of entropy values
nearest the suction surface
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Fig. 3 Unsteady two-dimensional prediction of stator wake distortion
through the turbine rotor

were presented that suggested that time domain dispersion of
the wake in the free stream was minimal. One of the spreading
mechanisms that operates is the wake jet and, to show this
effect more clearly, an unsteady inviscid finite volume code
has been run, using entropy as a convected marker [in a similar
way to the earlier predictions of Hodson (1984a) and Giles
(1987)]. A wake velocity defect equal to 20 percent of the inlet
velocity and therefore equivalent to about twice the value meas-
ured for an axial spacing of 50 percent C,, was used in order
to study the effect. Details of the computational method will
be given in a future publication. Figure 3(a) is a composite
plot showing the shape of a single wake as it passes through
the rotor passage using contours of entropy. The results agree
well with the earlier predictions for the same machine by Hod-
son and Giles as well as the hot-wire passage measurements
of Hodson (1985). There is considerable distortion caused by
the differing convection velocities at the front and rear of the
wake segment. But if the values of entropy nearest to the
suction surface are plotted in the form of a distance-time plot
(Fig. 3b), parallel traces result and it is clear that spreading in
the time domain due to the wake jet is minimal.

Simple Transition Model

In order to understand the results described in Part 1 more
fully, a simple model has been devised. The details are sum-
marized in Fig. 4. The model is based on the assumption that
the principal effect of the wake is the promotion of early
transition of the boundary layer as a result of increased levels
of disturbances. It is further assumed that the effects initiated
by turbulence will be quasi-steady in nature as has been shown
to be the case in the research turbine. The effect of the wake
jet as a direct cause of transition has already been discounted
through consideration of the nonsteady Reynolds number. Its
indirect effect on transition through quasi-steady modification
of the stability of the boundary layer is considered to be small
when compared to the mean flow. This latter assumption is
justified by recalling that the start of transition criterion of
Abu Ghannam and Shaw (1980) showed that, when the levels
of turbulence are greater than 1.5 percent, the influence of
pressure gradient (Ag) is very much weaker than the influence
of the boundary layer Reynolds number (Reg). This start of
transition correlation is assumed to hold true in the quasi-
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Fig. 4 Summary of the assumptions used in the unsteady transition
model

Table 1 Wake parameters used in the transition model

Wake Parameter Axial Gap (% Cxs)

at Rotor Inlet Plane 50 75 143
Tumax Peak Turbulence (%) 9.5 7.5 4.0
Tufs  Freestream Turbulence (%) 1.25 1.5 2.0

B Wake Width 0.008 0.012 0.015
Uj/u Velocity Defect (%) |  10. 9. 7.5

steady case although it is noted that the transition length cor-
relation based on a fixed start of transition location is not
generally valid and most definitely cannot be used here. Bound-
ary layer parameters predicted by the code of Cebeci and Carr
(1978) are used, and the disturbances in the laminar boundary
layer are assumed to be associated with low Reynolds stress
and to have relatively little effect on the boundary layer pa-
rameters. The inlet turbulence profile is approximated by a
periodic series of Gaussian profiles with peak value Tup,, and
standard deviation b superimposed on a free-stream level Tug
as shown in Fig. 4. For the purposes of this model, the standard
deviation (wake width) is best considered in the time domain
where (8 is defined as the fraction of the wake passing period
during which an observer on the blade surface would see tur-
bulent flow in the free stream and therefore

BT = b/U )

where U is the local convective velocity. The values for the
three axial gaps derived from the results of Hodson (1983) are
given in Table 1. This results in inlet profiles for the 3 con-
figurations as shown in Fig. 5. Initially, only the 75 percent
C,, case will be considered since most data are available for
this turbine configuration.

The decay of the wake turbulence intensity through the pas-
sage is assumed to be proportional to that measured in the
linear cascade for the grid-generated turbulence. Thus the free-
stream turbulence level at a given point in space and time is

Tu, (s*, * + A*) = Tu, (%) [1 — D(s%)] ®)

where At* is the time delay due to convection, itself a function
of distance s*, and [1 — D(s*)] is the variation of turbulence
intensity measured in the linear cascade.

The simplest model would assume that the wake segments
are convected through the passage without spreading and that
transition can simply be calculated from the free-stream tur-
bulence at any point. This situation is shown in the distance-
time plot of Fig. 6, and clearly this has not modeled the be-
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Fig. 5 Variation of wake turbulence profile at rotor inlet with rotor-
stator spacing
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Fig. 6 Predicted start of transition — no wake spreading mechanism
(75 percent C,, rotor-stator axial gap)

havior measured by the hot-film gages or the hot-wire traverses.
It is predicted that laminar separation will reappear between
highly localized transitional regions. Even assuming that the
‘‘patches’’ spread with trailing edge speed 55 percent U, and
leading edge speed 88 percent U, as has been shown to be
typical of turbulent spots (e.g., Shubauer and Klebanoff, 1955),
the separation would still occur since the wake-induced patches
would not merge before the trailing edge. The cascade tests
have shown that separation will only be suppressed by levels
of mean inlet turbulence intensity (Tu,,);, greater than 7 per-
cent, and hot-wire traverses and flow visualization (Hodson
and Addison, 1988) have shown that separation does not exist
on the rotor of the research turbine. Since the interwake tur-
bulence level is ~ 1 percent, this cannot be responsible for the
suppression of separation, and the implication is that the peak
level is less highly localized. It is, however, reassuring to note
that the decay of the peak turbulence results in earliest tran-
sition very much in line with the measured location suggesting
that this combination of an approximate model for the decay
of wake turbulence intensity and the start of transition cor-
relation is valid.

We can'estimate the free-stream spreading of the wake seg-
ment in the time domain by writing

DWwe ., DB _
D~ or o~ Tud®) ©)

where Tu,(3) is the turbulence intensity at 3 from the wake
centerline in the free stream (Fig. 4). Additionally, there will

- be a spreading effect due to the wake jet, and a continuity

argument suggests that
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DWs DB Y

o " U%Dr Ty (10)
If the two effects are assumed to add, then
Dg U,
~ T —d 11
Di* u(B8) + 7 (11)

Using this assumption, the time behavior of the free-stream
turbulence through the cycle can be determined at points down-
stream. The resulting boundary layer behavior (not shown) is
little different to that seen for the case just described with no
spreading of the wake width. This agrees with the distance-
time plots resulting from the hot-wire traverses of Part 1 and
predictions previously described, which showed that there was
little time domain spreading of the wake turbulence in the free
stream. This result is important because it shows that the un-
steady effect of the free stream on the wake can be neglected
in a first-order approximation.

Since transition occurs inside the boundary layer and the
intensity of the fluctuations is maintained at a higher level by
the more favorable production-dissipation balance, it might
be expected that the spread of influence of the wake peak levels
would be correspondingly more vigorous, i.e.

Dg U;

~T + 4

D u(8) U

where Tu,, is a turbulence level typical of the heart of the

boundary layer and the Tu, > Tu,. The reduction in peak

turbulence intensity is assumed to be somewhat less in the
boundary layer than in the free stream such that

(12)

Tupfs*, t* + Ar*) = Tu,, (%) [1 - 9%2] (13)

where o is assumed to be a constant greater than 1. A constant
value is not strictly justified given the changing pressure gra-
dient on the blade but it is felt that it is a relatively small
approximation in comparison with all the others. By trial and
error, it was found that a value of « = 3 gave levels of tur-
bulence intensity typical of those measured in the disturbed
laminar boundary layer of Part 1. The boundary layer level is
only used to allow the increased mixing to be calculated. The
value used as input for the correlation (which is based on free-
stream levels) is derived from the peak value in the free stream
and the wake width within the boundary layer. The results
shown in Fig. 7 are very similar to the behavior previously
predicted (Fig. 6) since the influence of the wake peak has still
not spread far in the time domain. Similarly, the boundary
layer levels have not spread as quickly as the hot film or hot-
wire measurements of Fig. 4(b), Part 1 would suggest. Another
effect must be dominant.

Velocity fluctuations exist in all directions. Those in the
chordwise direction have already been considered and the
mechanism shown to be of insufficient strength to explain the
observed results. Those in the spanwise direction contribute
nothing to the chordwise mixing process as long as the flow
is two dimensional. However, following a mixing length ar-
gument, it is noted that a fluctuation normal to surface of
typical length scale L gives rise to a streamwise fluctuation

u' ~ L du

P (14

In a boundary layer where du/dy is significant, the dispersion’

resulting from this effect can overwhelm the other spreading
mechanisms. In order to model this in a simple way, we assume
that

.
B e Tun®) + (15)

Dt* U
where v is again assumed constant for convenience. Trial and
error is used to match the hypothesized boundary layer tur-
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Fig. 7 Predicted start of transition — wake spreading by streamwise
fluctuations and the wake jet
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Fig. 8 Predicted boundary layer behavior compared with hot-film
measurements (75 percent C,, rotor-stator spacing)

bulence level to the hot-wire traverse results, and this gives the
value of ¥ = 8 (using the value of o = 3 as previously shown).
For a typical value of Tuyf{s*, t*) ~ 2 percent, this would
imply a fluctuation length scale given by

u’ L u |U, 1
L ~ ——wh = = —
way s T, [ a] ouray (169
L
o v Ty, (5%, t*) ~ 16 percent (y =8) (16b)

This is not unreasonable, and is reassuringly close to the value
from conventional mixing length models (e.g., L/§ = 9 per-
cent; Cebeci and Smith, 1974). The result of applying the
approximation of equation (15} is shown in Fig. 8, where it is
compared with the hot-film results of Part 1. Again, the line
contours are of the free-stream wake turbulence, and the shaded
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Fig. 9 Predicted boundary layer behavior compared with hot-film
measurements

contours are of the boundary layer level, The shape of the
predicted start of transition line follows the observed results
quite closely and the spread of the predicted boundary layer
turbulence intensity corresponds well with the measured values.

Given that two constants have been estimated by trial and
error, the validity of the model can be judged by applying it
to the two other turbine configurations reported in Part 1 with
143 percent and 50 percent C,, rotor-stator spacings. These
results are shown in Figs. 9(a, b), respectively. Although there
is some error in the location of the transition point, it can be
seen that the trends for the start of transition are well predicted
showing a steepening of the ‘‘leading edge’’ of the wedge with
reducing axial spacing, as well as the spreading of the boundary
layer turbulence intensity.

Superficially, the predicted behavior and that observed on
the turbine rotor are inconsistent with the results of Doorly
(1987) and LaGraff et al. (1988) in turbine cascades with sim-
ulated unsteady inflow. They showed a wake-induced patch
spreading with trailing edge speed 50 percent U, and leading
edge speed 100 percent U, as if it were a single turbulent spot.
However, the differences can be explained. The cascades used
by these workers were both run at blade Reynolds numbers of
about 2.0 x 10°. This means that the boundary layer Reynolds
numbers are correspondingly higher and transition occurs much
earlier on the blade. Figure 10 shows the result of increasing
the values of Rey for the turbine rotor by 3; roughly equivalent
to running at the same flow coefficient but 10 times the Rey-
nolds number (3.0 x 10° since, for a laminar boundary layer,
Rey o Re,”2. The transition point moves up the blade and,
with this movement, the spreading mechanisms have less time
to operate. For the low Reynolds number research turbine used
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Convection at

v 50% U,
Predicted start of transition
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t*
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Fig. 10 Predicted start of transition for a high Reynolds number turbine
blade (Re = 3 x 108)

here, the shape of the inlet wakes and the magnitude of the
spreading is so great that the trailing edges of the spots formed
moved faster than the transition line recedes with the passing
of the wake. However, in the higher Reynolds number case,
the boundary layer sees larger differences between peak and
interwake turbulence and this means the start of transition line
moves back along the blade faster than the trailing edges of
the spots formed earlier. Under these conditions, the wedge
trailing edge speed becomes the same as the turbulent spots,
i.e., 0.55 U, and this represents a limiting value. The leading
edge steepens and would, in the limit, become 100 percent U,.

Further Discussion

The work reported in Parts 1 and 2 of this paper has looked
at the effect of blade wakes on the boundary layers of down-
stream rows and, especially, the forcing of early transition.
Of particular note is the fact that the wake jet seems to play
a minor role. Comparison with the work of Obremski and
Fejer (1967) has shown that the velocity fluctuation arising
from the jet will not be a direct cause of transition. The tran-
sition correlation of Abu Ghannam and Shaw (1980) shows
that, for the levels of turbulence intensity existing in a tur-
bomachine, changes in the pressure gradient parameter \y have
very little effect. Finally, experimental results and computa-
tional predictions show that spreading of the wake segment
by the jet action is not significant when viewed in the time
domain. Therefore, we can reasonably ignore the effect of the
jet when looking at wake-induced transition, and concentrate
on the effect of the turbulence in the wake segment,

The incidence of the wake turbulence onto the blade bound-
ary layer does not result in immediate transition. During the
early stages of boundary layer development, the production
of turbulent kinetic energy within the boundary layer is ex-
ceeded by the dissipation. There is a little transfer of momen-
tum but the hot-wire traverses show that the integral parameters
are not far from those predicted for a laminar boundary layer.
After a certain point, usually characterized by a critical mo-
mentum thickness Reynolds number Re,, transition occurs.
The start of this process is in reasonable agreement with cor-
relations based on flat plate experiments. In the presence of
disturbed laminar boundary layers, the hot films show that
this is characterized by the appearance of high frequency bursts
over a low frequency background. The increased momentum
transfer leads to large swings in the shear stress measured at
the surface by the hot films. The stochastic (as opposed to
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phase-locked) nature of this process is shown up by the peak
in the hot-film rms intensity in the region known to be tran-
sitional. Once the boundary layer is fully turbulent, the wakes
have relatively little additional effect as shown by the small
variation between maximum and minimum rms intensity meas-
ured by the hot-film gages and, consequently, steady predic-
tions are fairly accurate. )

The diffusion of the disturbances from the wake segment
into the laminar boundary layer can be considered quasi-steady
since », >> », i.e., diffusion times across the boundary layer
are dominated by the short time scales of turbulent diffusion
and are very much shorter than the blade passing period. The
hot-wire traverses also have shown that, although transition
is three dimensional (s, y, #), the differences between the surface
behavior measured by the hot films and the regions of high
shear in the middle of the boundary layer are small and hot
films, therefore, give reasonably reliable results. In the time
domain, as shown in the distance-time plots throughout this
paper, the wake is not spread in the free stream to any sig-
nificant degree by either the turbulence or the wake jet. How-
ever, inside the boundary layer, the higher levels of
disturbances, coupled with large velocity gradients, result in a
strong mixing process. For low Reynolds numbers, with the
earliest transition at a reasonable distance from the leading
edge, the transition ‘‘wedges’’ (which consist of several spots)
bear little resemblance to the single spots of Obremski and
Fejer (1967). However, when the blade Reynolds number is
higher and transition correspondingly earlier, the turbulence
has not spread as far in the boundary layer, and the wedges
begin to look more like single spots.

Problems remain to be solved before we can predict the
behavior of arbitrary boundary layers with confidence; chiefly,
the accurate prediction of spreading within the boundary layer
(a constant spreading rate as used here being too simplistic to
be of general use), a general method of predicting the decay
of the wake turbulence through the passage and a start of
transition correlation based on disturbance intensities within
the boundary layer. However, all these would seem to be within
reach and a semi-empirical approach with reasonable generality
should be feasible.

Conclusions

For practical applications, the wake jet has a minimal effect
on the transition of blade boundary layers. The interaction of
the wake turbulence with the boundary layer is quasi-steady
in nature and characterized by a modified form of the reduced
frequency parameter. Spreading of the wake segment in the
time domain is dominated by strong mixing within the bound-
ary layer while there is little spreading in the free stream. The

Journal of Turbomachinery

wakes have little effect on the behavior of the laminar and
turbulent boundary layers but the increased level of disturb-
ances within the boundary layer gives rise to early transition.
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Measurements With No Incident

The boundary layers on compressor blades are sensitive to the conditions at which
transition occurs and transition can be affected by the convection of wakes from
upstream blade rows. This paper and its companion, Part 2 by the same authors,
describes an experiment to study the effect of the moving wakes on the boundary
layer of a compressor blade. This paper describes the background and facility devised

to introduce wakes together with results obtained on the blades in tests without the
wakes present. Part 2 describes the measurements made with the wakes present and
presents conclusions for the whole project. Further details of all aspects of the work
can be found in Dong (1988).

1 Introduction

The boundary layer on the blades of an axial compressor
contribute to the loss, the blockage and the breakdown into
stall. The principal surface of concern is the suction surface.
Until recently boundary layer calculations had not normally
been part of the design process because of the poor accuracy
of the predictions., Instead the blades were chosen from a
limited number of families and the loss was evaluated by cor-
relations based on an overall loading parameter, such as dif-
fusion factor (Lieblein, 1965). The advent of the new generation
of blades with prescribed velocity distributions has altered this.
This type of blade is sometimes called supercritical, reflecting
that the interest grew from the wish to design blades with high
subsonic inlet flow and supersonic patches which avoided being
terminated by shock waves. A similar design approach is ap-
plied to wholly subsonic blades and the name supercritical is
often retained; another name is controlled-diffusion blading.
The general design principle is that on the suction surface there
is continual acceleration to a peak in the forward part of the
blade. This is immediately followed by a deceleration which
begins severe and is progressively reduced toward the trailing
edge. The decreasing rate of deceleration is chosen because as
the boundary layer thickens it is necessary to reduce the velocity
- gradient to avoid premature separation. This gives rise to the
characteristic “‘ski-slope’’ type of distribution of pressure or
velocity, steep at the beginning and progressively less steep to
the rear.

The idea of allowing the pressure gradient to relax as the
trailing edge is approached (at the expense of having an initial

'Formerly, Whittle Laboratory, University of Cambridge, United Kingdom.

Contributed by the International Gas Turbine Institute and presented at the
34th International Gas Turbine and Aeroengine Congress and Exhibition, To-
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222/Vol. 112, APRIL 1990

Downloaded 01 Jun 2010 to 171.66.16.66. Redistributio%cs)gmgcqm&%&g?icc)ep%e%r

steep gradient) is not new and was discussed by Carter (1961).
The advantages for wholly subsonic operation were correctly
perceived then, together with an important disadvantage. If
the boundary layer is close to separation over a significant part
of the blade chord (as is the case with a ski-slope type velocity
distribution) and some perturbation occurs, it is likely that the
flow will separate from well forward, with a catastrophic re-
duction in loading. On the other hand, a conventional blade
with the pressure gradient tending to increase near the trailing
edge tends to separate gradually with a progressive reduction
in loading.

The same propensity to stall abruptly is reflected in the design
itself. The desire to maximize the blade loading capability may
lead to the boundary layer being chosen to be close to the
verge of separation along the decelerating part of the suction
surface. But it is possible that, based on incorrect prediction,
the pressure gradient prescribed is in reality too strong so that
on test the boundary layer separates well before the trailing
edge. The most critical aspect of the boundary layer prediction
is associated with transition, its position on the blade, its length
and the boundary layer properties at its completion. If, for
example, the boundary layer thickness is underestimated at the
end of transition, a stronger pressure gradient might be spec-
ified than that actually sustainable and a radically altered flow
field will be measured.

Thie research described in this paper (Part 1) and in its com-
panion (Part 2) arose from a high speed rig test in which the
midspan performance of a supercritical-type stator did not live
up to expectation. It was suspected that the transition process
had been affected by the wakes of the upstream rotors, leading
to undesirable boundary layer development not predicted in
the design. As transition prediction at the present time relies
on empiricism, it is only natural to suspect the wakes as a
possible cause, since their presence had not been properly sim-
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ulated in the tests which provided the base for the existing
transition models (e.g., Dunham, 1972 and Abu-Ghannam and
Shaw, 1980). In the past, there have been studies carried out
of transition with disturbed inlet conditions. Walker (1968,
1974) looked at the boundary layer on a C4 stator, but this
was without some of the detail desirable and it was on a blade
with a velocity distribution very different from that used in
this work. Evans (1978) carried out a similar study but, because
the effect of wakes was not separated from the three-dimen-
sional flow influence, the results were not conclusive. Work
on a turbine rotor by Hodson (1984) had shown the significant
impact of wakes on the increase of profile loss compared with
that in a no-wake flow. More understanding of the wake in-
teraction with a laminar boundary layer has been gained by
the results obtained in the experimental work of Pfeil, et al.
(1983) on a flat plate and Doorly and Oldfield (1986) on a
turbine blade. However, the pressure field is an important
aspect of the transition process and no detailed study has yet
been known of the impact of wake interaction on the boundary
layer on a compressor blade.

Now to simulate the effect of an upstream blade row it is
essential to have an upstream obstruction which moves relative
to the blades under examination. To be able to study transition
it is necessary to have the correct Reynolds number and to
have blades large enough that the boundary layers can be
accurately measured. The demands for a representative test
were met with a low speed cascade tunnel having a system of
two belts running on pulleys, each belt holding one end of a
set of rods which passed upstream of the cascade, Fig. 1. The
rods were parallel to the span of the blades and of a diameter
such that the wake momentum thickness was comparable to
that of a blade of the same chord as the blades under test. To
correctly model the effect of a moving upstream blade row a
unique rod speed is associated with each inlet flow velocity.
The rods could not be driven at very high speed and the inlet
velocity was limited to about 10 m/s. To get the appropriate
Reynolds number the chord of the blades was large, about 450
mm in one case, 598 mm in another.

In testing linear cascades it is normal to have many blades
to give adequate blade-to-blade periodicity. The object of the
present tests was different; periodicity was relatively unim-

Nomenclature

Rods mounted on R

the moving belts fhgds Moy,
dl'recf- 9 in
§\£’)

m

A- sheets curved to the shape of the
streamlines

B- adjustable sides of the working section

C- pulleys, four on each side of the tunnel, carrying
belts. The belts run outside the working section.

Schematic representation of the working section with the fa-
cility to simulate moving wakes, roughly to scale

Fig. 1

portant and what mattered much more was the correct pressure
distribution along the blade surfaces. With a cascade of only
two blades it was possible to get the correct pressure distri-
bution using curved plates placed about half of one pitch
outside of the blades on either side, shown as A in Fig. 1. The
plates, which were considerably longer in the flow direction
than the blades themselves, were curved to the shape of the
streamlines derived from numerical calculations at their lo-
cation relative to the blades. The precise shape was adjusted
prior to the boundary layer measurements until satisfactory
agreement was obtained between the measured pressure dis-
tribution about the blades and that from a numerical predic-
tion. Sidewall bleed and a suction slot were used to get the
correct axial-velocity-density ratio.

The blade used for the tests described was of the so-called
supercritical type, but one designed for low Mach number
operation. The original design was with a solidity of 0.8 (for

C = blade chord
G = non'd imensional surface 6* = boundary layer displacement
static pressure thickness
C, = p—p)/ 0.50U,)] Tu = free-stream turbulence level, 5 ’u
H = boundary layer shape factor, Tu = Vu'?/U, S (1 — —) dy
H = 6*/6 u = velocity in the boundary 0 U,
p = surface static pressure layer 6 = boundary layer momentum
p1 = static pressure of the flow at u, = friction velocity, N(r,/p) th;CkneSS’
inlet Vu'? = root mean square (rms) S (ﬁ <1 _ E_)) dy
Re. = Reynolds number based on turbulence velocity 0\U U,
blade chord and inlet flow U = free-stream velocity A = total length along surface of
velocity, Re, = U,C/» U,_,, = time-mean free-stream veloc- the transitional boundary
Re; = boundary layer Reynolds ity layer
number based on momen- U, = inlet flow velocity = viscocity of air
tum thickness and local Y = distance normal to wall, 1, = wall shear stress
free-stream velocity, measured from wall v = u/p
Rey = Ub/v ¥ = intermittency factor, the p = air density
S = distance along blade surface fraction of the time the flow ¢ = blade solidity, defined as the
measured from blade leading is observed to be turbulent ratio of blade chord to its
edge 6 = boundary layer thickness, pitch
Sy = total length of blade surface defined in measurements as w = cycle (wake passing) fre-
distance distance from wall where the quency, Hz
Siea = spacing between the moving velocity first reaches a maxi- @ = reduced frequency (Q=wC/

rods used to generate wakes
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which the chord was 450 mm) but the first tests were with the
solidity altered to 1.67 (a chord of 598 mm). The blades were
tested in several ways. Each was tested with no upstream wakes
as well as with the wakes present. In the no-wake configuration,
the free-stream turbulence level was low, about 0.9 percent.
With the smaller blade, tests also were carried out with a
turbulence grid which raised the free-stream turbulence level
to about 6 percent.

As the work to be described is rather lengthy, this paper has
been split into two parts. The first part describes the apparatus
briefly and the tests which were carried out without the moving
wakes. Details of both the facilities, the instrumentation and
data processing and the results have been given by Dong (1988).
Part 2 describes the measurements with the moving rods and
then discusses all the results and gives some conclusions.

2 The Experimental Facilities

Figure 1 provides a schematic diagram of the cascade wind
tunnel used for this investigation. The desired blade surface
pressure distribution was established with the help of the curved
sheets (labeled as A) and the end plates (labeled as B), both
of which are flexible.

The blades were designed by Rolls Royce for a flow deflec-
tion of about 20 deg with an inlet flow angle of 43.6 deg and
a solidity (chord/pitch) of 0.8. Two sets of blades were used,
one with a chord of 450 mm and the other with a chord of
598 mm. Only the smaller blades were used at the design so-
lidity. The larger blades could not be accommodated with the
pitch length corresponding to design solidity and were used at
a solidity of 1.67.

A turbulence grid used to generate free-stream turbulence
was of biplane rods 50.8 mm in diameter with 60 percent open
area for the mesh. The grid was installed 5.6 blade chords (50
grid-rod diameters) upstream of cascade inlet plane. The spec-
trum of turbulence from high-pass filtered hot-wire signals was
obtained at different spanwise and pitchwise positions near
the cascade inlet plane. The turbulence generated was found
to be satisfactorily homogeneous, with an rms level of 6 percent
of the mean flow velocity (10 m/s). The streamwise integral
length scale of the turbulent eddies, calculated from the auto-
correlation function of the measured fluctuating velocity, was
about 61 mm, or 13.5 percent of blade chord.

The bulk of the measurement in the experiment was made
by a single sensor hot-wire (DISA 55p-15 boundary layer type)
with a constant temperature anemometry. A dual sensor cross-
wire (DISA 55 p63 type) was used to measure the wakes up-
stream of the blade leading edge. The hot-wire probe was held
by a rod sliding through the blade surface on which the meas-
urements were being made. The traverse gear mechanism was
mounted in the space between a blade and the curved sheets
(labeled A in Fig. 1) and was driven manually from outside

the tunnel through a flexible cable.

" “Because of the tunnel configuration it was only practical to
calibrate the hot-wire in situ before each traverse by using the
reading in the still air and the free-stream flow with wind on.
As the boundary layers on the blades were thin, the flow
velocity in the local free stream could be deduced from ma-
nometer readings of inlet total pressure and local surface static
pressure. The estimated errors involved in using still-air reading
for calibration would be less than 1.5 percent of the velocity
in the free stream. The wall-effect on the calibration was also
neglected as it was difficult to include a correction, see Dong
(1988). However, this was estimated to cause errors of less
than 3 percent of the free-stream velocity in a region very close
to the surface. These errors have a very small effect on the
integral properties of the boundary layer, typically less than 2
percent for the momentum and the displacement thickness. As

the same calibration technique was used in all the cases, which -

were used for back-to-back comparison to demonstrate the
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Table 1 Experimental conditions in cases without wakes

Inlet
Case Blade Chord Solidity Re, Turbulence Turbulence
Identifier (mm) g x10°  Grid Level (Tu)
1 450 0.8 3.1 No 0.9%
2 450 0.8 3.1 Yes 6.0%
3 598 1.67 4.0 No 0.9%
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Fraction of surface distance S/So
Fig. 2 Surface pressure distribution (Case 1)

effect of the wakes, such errors are not considered to signif-
icantly affect the conclusion.

The data were logged digitally and the values were stored
only when the rod speed was within 1 percent of nominal rod
moving speed. The sampling rate was automatically adjusted
so that 320 points would always span one wake passing period.
A phase-locked data-logging technique was used and 100 sam-
ples were used to derive ensemble-averaged quantities; it was
found that there was little improvement in using more samples.
The data acquisition facilities and the techniques were similar
to those used by Hodson (1984) and were described in detail
by Dong (1988).

3 Experiment Results Without Wakes

The three cases studied without wakes being present in the
inflow, Cases 1, 2 and 3, as summarized in Table 1.

3.1 Casel.o = 0.8; Re, = 3.1x105% Tu = 0.9 Percent.

The measured pressure distribution on the blade surfaces is
shown in Fig. 2, together with the predicted results. The ab-
scissa S/S, is the fraction of the surface distance from leading
edge to trailing edge. On the suction surface the predicted
results using an inviscid model are very close to the measured
data over about first 30 percent of the blade surface distance.
The measured data suggest that there is a laminar separation
bubble from about S/S;=0.3 to 0.5, where the pressure dis-
tribution differs from that predicted. When the viscous effect
was taken into the account in the prediction, by including the
displacement effect of the profile boundary layers, the pre-
dicted results are seen in excellent agreement with the measured
data over almost the entire suction surface. The inviscid model
also predicted the pressure distribution on the pressure surface
well, but again the inclusion of profile boundary layer im-
proved the predicted results. The good agreement is the evi-
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Fig. 3 Velocity profiles of suction surface boundary layer on blade
front part (Case 1: ¢ =0.8; Tu= 0.9 percent)

dence that the sidewall boundary layer effect had been
effectively controlled by the sidewall suction system and the
flow was two dimensional with axial velocity ratio close to
unity. Further evidence for this was found by comparing ve-
locity profiles measured at three different spanwise locations
on the blade surface, which showed close similarity (Dong,
1988).

The inviscid model predicted a velocity overshoot near the
leading edge of the suction surface (Fig. 2). An overshoot was
indeed measured, although its value differed slightly with that
predicted. It is not clear whether this discrepancy was due to
discretization error inherent in the numerical analysis, or
whether it was a result of errors in the manufacturing of the
blade. The deceleration following the overshoot, however, did
not appear to cause any boundary layer separation near the
leading edge, as the measured velocity profile in that region
testifies (Fig. 3). S/S,=0.014 is where the overshoot in velocity
is seen and the subsequent short deceleration ends at S/S,
= 0.03. Around the leading edge the curvature is very high
so the measurements of distance perpendicular to the surface
may be rather inaccurate. The boundary layer was also ex-
ceedingly thin and only a few measurement points across the
boundary layer were possible. Nevertheless, the results in Fig.
3 show convincingly that the velocity overshoot did not cause
the laminar boundary layer to separate. The value of the shape
factor H=2.88 (at S/Sy=0.014) and H=2.97 (at §/S,=0.094)
are higher than expected for a laminar boundary layer with
local free-stream acceleration. This may be due to the inac-
curate measurement in the thin boundary layer and, for the
boundary layer at §/S,=0.094, the upstream history influence.

Development of the boundary layer on the rest of the blade
suction surface was similar to that known for a typical com-
pressor blade, e.g., Evans (1971). Laminar separation was
found at S/S;=0.32, leading to transition near S/S;=0.47
(Fig. 4). As this occurred the boundary layer began to re-attach
to the surface, ending at S/S,=0.56 as a re-attached turbulent
boundary layer. Downstream of this station the value of shape
factor H in the turbulent part of the boundary layer varied
little, reaching 1.62 at the trailing edge.

Measurements on the pressure surface of the blade also
indicated a laminar separation, but the boundary layer ap-
peared to re-attach to the surface shortly without undergoing
transition. The laminar flow was therefore seen all over the

pressure surface. This was because the free-stream flow over

the rear 50 percent of the pressure surface was accelerating.

At the trailing edge station, the momentum thickness and
the energy loss for the boundary layer on the pressure surface
only amounted to about 16 percent of that on the suction one.
Excluding the mixing loss downstream of the blade trailing
edge, the combined loss from both surfaces was 0.75 percent
of the inlet dynamic head. When the estimated mixing loss was
added, the total loss increased to about 0.83 percent of the
inlet dynamic head.
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Fig. 4 Velocity profiles at the start (8/S;, =0.32) and the transition (S/
S, = 0.47) point of the separation bubble (Case 1: ¢ = 0.8; Tu = 0.9 percent;
Suc. Surf.)

3.2 Case2. ¢ = 0.8; Re, = 3.1x10% Tu = 6 Percent.

Experimental conditions in this case were identical to those
in Case 1 except for the level of free-stream turbulence gen-
erated by the turbulence grid described previously. Similarly
good agreement between measured and predicted pressure dis-
tributions to that seen in Fig. 2 also was obtained in this case,
so the similar figure was not shown here. The only important
difference from the previous case was that there was no evi-
dence of a laminar separation bubble on the suction surface.
Separation did not appear in the predicted results either be-
cause, with Tu specified to be 6.0 percent, transition was pre-
dicted to occur upstream of the position where the boundary
layer would otherwise separate with low level free-stream tur-
bulence.

Particular care was taken to measure the turbulence near
the leading edge as this was previously found to be much larger
locally inside the boundary layer than in the free stream and
thought to be able to cause early transition (Hart, 1985). In
the present case, the peak value of turbulence inside the bound-
ary layer was found to be nearly 14 percent of the inlet mean
velocity at the leading edge, more than twice as large as the
inlet value. Close study of the trace of instantaneous velocity
showed, however, that the main component of fluctuating
velocity had a very large time scale corresponding approxi-
mately to a length scale of about 80 percent blade chord. As
the boundary layer was extremely thin near blade leading edge
the effect on transition of fluctuations with such a large length
scale (which were misleadingly included as turbulence in the
estimation of RMS turbulence level) can be expected to be
small. Indeed, the measured results on the suction surface
showed that the boundary layer had a characteristically laminar
profile from the leading edge to the point S/S,=0.26, one
measurement station upstream of the laminar separation point
in Case 1. At §/5,=0.26 the local intermittency of the flow
was still below 0.1 and the velocity profile was little different
from an undisturbed laminar flow such as in Case 1, see Fig.
5, even though the peak turbulence (or unsteadiness level)
inside the boundary layer typically reached 10 percent of the
local free-stream velocity.

The measured distributions of the intermittency factor vy on
both surfaces of the blade are shown in Fig. 6. v was obtained
by measuring manually the fraction of the time the flow was
turbulent from the recorded velocity traces. All methods of
measuring v would involve some arbitrariness in prescribing
the threshold between the laminar and the turbulent interface.
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The method chosen was simple and helped indicate the de-
velopment of transition process. On the suction surface the
transition started slightly before the beginning of deceleration
at §/S,=0.19, and y exceeded 0.2 at S/S,=0.32. The distinc-
tive difference in the character of the boundary layer with low
and high inlet turbulence was observed further downstream
where transition promoted by the high level free-stream tur-
bulence suppressed the laminar separation at the same location
observed in Case 1 in Fig. 7.

Transition ended at about S/5,=0.56 on the suction surface
in Case 2. Despite different transition processes the turbulent
boundary layers at this point had quite similar profiles in Cases
1 and 2, as can be seen in Fig. 8. Subsequent development of
the turbulent boundary layer was also quite similar for the two
cases (Fig. 9). The shape factor H is a little higher for Case
2, except at the trailing edge station where it is slightly lower:
1.48 compared with 1.62. The reduction in shape factor H for
a turbulent boundary layer at an increased level of free-stream
turbulence is a recognized phenomenon (e.g., Evans, 1973);
what is unusual here is that it was only observed near the
trailing edge.

An examination of the measured pressure distributions on
the suction surface revealed slight differences between the two
cases (Dong, 1988). The positive pressure gradient in the tur-
bulent part of boundary layer for Case 2 was slightly larger
than that for the Case 1 up to 8/S,=0.9, and from then on
the trend was reversed. The cause of this difference is not
known but it might explain the small discrepancy in shape
factor.

The measured intermittency factor v distribution on the
pressure surface has also been included in Fig. 6; v is only
0.016 at S/S,=0.18 but rises rapidly afterward, reaching a
maximum of 0.95 at S/S,=0.75. The laminar separation on
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the pressure surface observed in Case ! was also missing in
Case 2 and the intermittency factor y was higher over the first
40 percent of the blade pressure surface than on the suction
one. The reason for this is that the local free-stream velocity
was much lower near the pressure surface, so the turbulence
level (measured as a fraction of the free-stream velocity) was
much higher, and this helped promote transition more effec-
tively. The lower free-stream velocity on the pressure surface
also made a lower boundary layer Reynolds number (the max-
imum Re; was only 369 at S/S5,=0.75), which, with the fa-
vorable pressure gradient existing on the rear half of the pressure
surface, prolonged transition process. The fall in the inter-
mittency from S/S,=0.75 toward trailing edge on the pressure
surface appeared in the region with flow acceleration in the
free stream. Jones and Launder (1972) pointed out that lam-
inarization of a turbulent boundary layer may occur if the local
value of the acceleration parameter K (=»/U?XdU/dS) ex-
ceeds 3.0 10~%, The average value of K in the last 25 percent
of the blade pressure surface is estimated to be 3.8 X 10~ which
exceeds the foregoing criterion, indicating that the transition
process had probably been suspended or reversed because of
the flow acceleration in the free stream.

The momentum and the energy loss thicknesses of the pres-
sure surface boundary layer in Case 2 are about 38 percent
greater than their counterparts in Case 1. However, they still
amount to only 22 percent of those incurred to the suction
surface boundary layer in the same case. The loss for both
surfaces combined (excluding the mixing) was 0.78 percent of
the inlet dynamic head in Case 2 compared with 0.75 percent
in Case 1. The small difference was due to the increased loss
on the pressure surface. '

3-3 Case3. ¢ = 1.67; Re, = 4.0 x10% Tu = 0.9 Percent.

The boundary layer development on the suction surface in
this high solidity, low turbulence case was found to be similar
to that in Case 1 and further description is unnecessary. The
pressure surface boundary layer at the trailing edge station
was found to be turbulent and the momentum thickness was
42 percent of that measured at the trailing station of the suction
surface. The relatively high ratio of the pressure surface mo-
mentum thickness to the suction surface one was a consequence
of testing the blade at more than twice the value of the design
solidity for the same profile. This resulted in strong deceler-
ation near the leading edge on the pressure surface, as is shown
in Fig. 10, where the boundary layer could have either gone
through a laminar separation-turbulent re-attachment process,
or natural transition.

Excluding the mixing loss (downstream of the trailing edge),
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the loss evaluated in this case using the measured parameters
at the trailing edge plane was 1.7 percent of the inlet dynamic
head. (The mixing generated loss was estimated to be about
12 percent of the unmixed loss.) This is more than twice as
high as those measured in the two previous cases, primarily
because the blade solidity was higher.

4 Discussion »
It is recognized that the laminar boundary layer on a com-
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pressor blade tested in a low turbulence at near design con-
ditions is usually terminated by a short separation bubble (e.g.,
Evans, 1971). The supercritical blade tested in this program
was no exception. A bubble model widely used in the prediction
of boundary layer development on either a wing section or a
compressor blade is that of Roberts (1980), which was based
on the original Horton (1969) model.

To test the accuracy of the bubble model, predictions were
made for Cases 1 and 3 using the National Gas Turbine Es-
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Fig. 11 Integral parameters of the suction surface boundary layer

tablishment (NGTE) boundary layer method, described by
Herbert and Calvert (1982), which includes in it the bubble
model. The calculation method uses the lag-entrainment
method for the fully turbulent boundary layer calculation —
the calculation of fully turbulent boundary layers is so well
developed and sufficiently good that this aspect does not de-
serve elaboration here. Horton’s bubble model (1969) was orig-
inally used in the NGTE method, but some of its coefficients
were replaced by those recommended by Roberts (1980), as
they were found to give predictions matching more closely the
measured results. The measured surface pressure distribution
was used as input everywhere except in the bubble region, where
the predicted one based on the inviscid calculation was used
in accordance with the requirements of using the bubble model.
In the calculation, a zero level of turbulence was specified,
rather than the 0.9 percent as measured, because this gave best
prediction of the bubble length for both Cases 1 and 3.

The predicted and the measured boundary layer integral
parameters on the suction surface of the blade in Case 1 are
compared in Fig. 11. It can be seen that the laminar part of
the boundary layer, including the start of the separation, has
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tions with length and point transition

been predicted reasonably well. The momentum thickness in
the separated laminar shear layer is assumed to be constant
by the model, at variance with the measured results. The pre-
dicted and the measured transition location differs by less than
3 percent chord length. The measured shape factor H at the
end of bubble region differs from the value predicted, but in
the turbulent boundary layer the agreement is rather good.
Despite these (small) discrepancies in the bubble region, the
bubble model gives a reasonably accurate value of the mo-
mentum thickness ¢ at the re-attachment point to enable the
turbulent boundary layer development to be reasonably well
predicted. Similar comparison made for Case 3 showed a sim-
ilar situation and the figure is therefore not included here. The
performance of the bubble model is on the whole quite good
and the prediction satisfactory for the low turbulence cases.
When there is relatively high level of turbulence in the free
stream, as in Case 2, transition is usually promoted before
laminar separation can occur. In that case, however, the mod-
eling of transition process is more difficult, as there are more
influential parameters. Models currently used in blade design
are empirical and the effect of the turbulence is accounted for
by correlating the Reynolds number at transition with a pa-
rameter representing the (nondimensionalized) value of RMS
turbulence. Transition is either assumed to be completed at a
single point, as in Dunham (1972), which is referred to here
as the point transition model, or over a length, as in Abu-
Ghannam and Shaw (1980), which is referred to here as length-
transition model. The point transition model is physically less
satisfactory in describing what is actually a rather lengthy
process. The alternative length transition model, then requires
a correlation to predict the end of transition. Abu-Ghannam
and Shaw (1980), following the approach of Dhawan and Nar-
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asimha (1958), suggested that both the length of transition and
the boundary layer properties at its end can be determined by
the conditions at the start and the local free-stream velocity
at the end of transition. In their correlation the effect of the
free-stream condition during the transition region was ne-
glected.

The performance of both the point transition model by Dun-
ham (1972) and the length transition model by Abu-Ghannam
and Shaw (1980) has been tested against the measured data of
Case 2. The point transition model was tested using the same
NGTE method used previously for Cases 1 and 3, with the
measured pressure distribution as the input and with a high
level of turbulence specified to comply with the experimental
conditions. The length transition model was tested with the
results provided by Newman (1987) using a Rolls-Royce pro-
prietary method similar to that of NGTE in its assumptions,
but including a length transition model based on that of Abu-
Ghannam and Shaw (1980). Newman’s calculation was based
on an inviscid-viscous iteration procedure where the pressure
distribution was predicted with the boundary layer displace-
ment effect taken into the account. The predicted pressure
distribution was found to be in excellent agreement with the
measure one (see Dong, 1988). In both calculations 6 percent
free-stream turbulence was specified. The predicted and the
measured integral boundary layer parameters on the suction
surface of the blade are presented in Fig. 12.

The start of transition is predicted at §/S;=0.17 with both
point and length transition models, in reasonably good agree-
ment with the measured result. With the length transition model
the momentum thickness @ in the late stage of the transition
region is significantly underestimated, which then affects the
prediction of subsequent turbulent boundary layer. On the
other hand, the point transition model results in an overesti-
mation of the momentum thickness over nearly 80 percent of
the blade surface. The predicted momentum thickness at the
trailing edge is sensitive to the transition model and a difference
of 38 percent of the measured value can be seen between two
predictions. Large discrepancies between the predicted and the
measured shape factor H are also seen in the transitional
boundary layer, though not at the trailing edge.

It is probably true that the point where transition is supposed
to occur and be completed can be chosen somewhere inside
the transition region to match the experiment data, for ex-
ample, the point where y = 0.5 is sometimes used. This requires,
however, an additional correlation to predict the distribution
of the intermittency factor and in essence this is similar to a
length transition model with similar difficulties.

The problem of modeling transition when there is a high
level of disturbance from the upstream, such as exist in a real
machine, will be discussed further in the second part of this
paper, when the main results with incident wakes present are
described.

5 Conclusions

A wind tunnel has been designed with a mechanism to sim-
ulate the wakes existing in a compressor. The large scale of
the tunnel made it possible to study transition on a cascade
with good measurement accuracy. The requirements of having
a periodic and two-dimensional flow were met by using two
curved sheets outside the blades, simulating local streamlines,
and a system of sidewall bleed.

With no wakes introduced measurements were made of the
boundary layers on a supercritical-type compressor blade at
two different solidities at design incidence and representative
Reynolds numbers.

With a low level of free-stream turbulence, Tu=0.9 percent,
a laminar separation bubble was found on the suction surface
at both values of solidity. Transition occurred in the separated
shear layer and the turbulent boundary layer re-attached to
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the surface shortly downstream. The turbulent boundary layer
remained attached to the trailing edge in both cases. On the
pressure surface of the low solidity blade a laminar separation
also was measured but the boundary layer re-attached without
becoming turbulent.

With the high level free-stream turbulence, Tu=6 percent,
the laminar separations were found to have been suppressed
as transition was promoted upstream of the separation loca-
tion. A transitional boundary layer occupied about 36 percent
of the suction surface and 82 percent of the pressure surface;
on the pressure surface the transition process was eventually
suspended or, possibly, reversed.

The velocity profiles of the highly disturbed laminar bound-
ary layers was barely altered until the local intermittency factor
v of the transitional flow exceeded 0.2. Despite the differences
in the transition processes in cases with low and high free-
stream turbulence, the momentum and energy thickness at the
trailing edge of the suction surface were similar in the two
cases.

The laminar separation model originally developed by Hor-
ton (1969) and improved by Roberts (1980) gave a reasonably
good prediction of the bubble length and the properties of the
turbulent boundary layer at the re-attachment point. This en-
abled the turbulent boundary layer over the rest of the blade
to be predicted reasonably accurately when the free-stream
turbulence was low.

Prediction of transition in the case with a high level of free-
stream turbulence was less satisfactory. Existing empirical cor-
relations used for blade boundary layer calculation gave a poor
prediction of boundary layer properties at the end of transition
and, as a result, the turbulent boundary layer development
was inaccurately predicted.
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Part 2 — Measurements With
Incident Wakes'

This paper follows directly from Part 1 by the same authors and describes meas-
urements of the boundary layer on a supercritical-type compressor blade with wakes
from a simulated moving upstream blade row convected through the passage. (The
blades and the test facilities together with the background are described in Part 1).
The results obtained with the wakes are compared to those with none for both low

and high levels of inlet turbulence. The transition process and boundary layer de-
velopment are very different in each case, though the overall momentum thickness
at the trailing edge is fairly similar. None of the models for transition is satisfactory
when this is initiated by moving wakes.

1 Introduction

The experimental data to be presented in this part of the
paper are the main results of an investigation of wake influence
on boundary layer transition on a supercritical-type compres-
sor blade. The schematic diagram of the wind tunnel used in
this work is presented in Fig. 1 of Part 1. Its design and other
aspects of the experiment facilities have already been described
in Part 1 and no further description will be given here. Results
obtained on the same blade tested under similar conditions but
without wakes also were given in Part 1 of the paper. A sum-
mary of the experimental conditions for each of the cases with
wakes is given in Table 1.

The description of experiment results in this paper will start
with Case 4, where the wake passing period was relatively long
and the details of transition process were seen more clearly.
The data were less complete for Case 4 than some others, with
measurements on the suction surface only between S/S, =
0.26 and 0.64. In Case 5, which is described next, the period
was shortened to half of that in Case 4 and the measurements
covered the complete suction surface and part of the pressure
surface. This made it possible to see how transition was ini-
tiated and developed to its completion with the presence of
wakes. For the other three cases, the results are described more
briefly, with attention focused on the influence of a particular
parameter in addition to the wakes: high free-stream turbulence
(Case 6) such as that existing in multistage compressors, lower
Reynolds number (Case 7) and increased solidity (Case 8).

'Part 1 by the same authors contains not only the description of the facilities
and the results with no wakes but also the Background, Nomenclature, Refer-
ences and Acknowledgments.

2Formerly, Whittle Laboratory, University of Cambridge, United Kingdom.

Contributed by the International Gas Turbine Institute and presented at the
34th International Gas Turbine and Aeroengine Congress and Exhibition, To-
ronto, Ontario, Canada, June 4-8, 1989. Manuscript received at ASME Head-
quarters January 4, 1989. Paper No. 89-GT-51.
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Following this, a discussion will be given on the implications
of these results for design and prediction.

Before proceeding to describe the main results, however, the
measured characteristics of the wakes generated by rods will
be shown first.

2 Experimental Results

2.1 Measured Characteristics of the Wakes. The inlet flow
with incident wakes was measured using a cross hot-wire probe
at three stations 8, 15 and 24 percent of blade chord down-
stream of the plane in which the rods move, the blade leading
edge being 28 percent chord downstream. The periodic tem-
poral variation of the velocity measured can be regarded as
the periodic spatial distribution of the velocity in the frame
moving with the rods, if the effect of the potential field due
to the presence of the downstream blade row is small. This
was found to be the case and only the results obtained at the
station closest to the blade leading edge are shown in Fig. 1.
Measured velocity distributions at the three stations were qual-
itatively similar to those found behind a rotor blade of a com-
pressor by Wisler et al. (1987).

On the raw trace, shown in Fig. 1(a), the sign of the velocity
overshoot (the streamwise component) seen in the wake region
suggests the presence of some vortex shedding. This is well
known for a cylinder, but recent work has revealed that it also
appears in the wakes of blades of a transonic compressor rotor
(Hathaway et al., 1986). The wakes generated by rods are
symmetrical, unlike those usually found in a compressor, but
this does not make the simulation unrepresentative. As far as
the transition and the boundary layer development are con-
cerned the major effect of the wakes is the high level turbulence
they contain, rather than the unsteadiness associated with the
ensemble-mean velocity variation. The velocity deficit of the
wake observed in this relative frame after ensemble averaging
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Table 1 Experimental conditions in the cases with incident

wakes
Case Chord Solidity Rod spacing Re. Reduced Freq. Turbulence
(mm) a Spoq (mm) X 10°  Q=wC/U, Grid
4 450 0.8 720 3.1 0.74 No
5 450 0.8 360 3.1 1.5 No
6 450 0.8 360 3.1 1.5 Yes
7 450 0.8 720 1.5 1.5 No
8 598 1.67 2.0 No

360

4.0

is about 18 percent at this measurement station. The peak level
of the turbulence is also 18 percent, a magnitude similar to
that found by Wisler et al. (1987) in a compressor representative
of a modern machine.

The distribution of the ensemble-averaged velocity in the
wake region appears rather different in a system whose axes
s and n are parallel and perpendicular to the mean flow in the
stationary frame at the inlet (Fig. 1(b)). First, there is an
overshoot in the s component, followed by an undershoot
relative to the free-stream flow as a wake passed by a meas-
urement station. The cause of this observation is explained
graphically in Fig. 1(c). Inside the wake flow is over- and
underturned relative to the direction of the mean flow in the
relative frame. As a result in the stationary frame the over-
turned part of flow has a resultant velocity higher than that
in the free stream, while the underturned part has a lower one.
A probe fixed in the stationary frame at the inlet therefore
sees the overturned part of the wake flow before it sees the
underturned part and as a consequence the temporal distri-
butions of the velocity components, when projected to the s
and n-direction, look like those shown in Fig. 1(b). The illus-
tration also indicates that inside the wake region U, is higher
than that in the free stream and is in a direction to form a so-
called “‘negative jet’’ (see Hodson, 1985), drawing the fluid
away from the blade suction surface toward the pressure one.
The negative jet produces an induced vortical motion inside a
blade row; see, for example, Kerrebrock and Mikolajczak
(1970). Evidence of this will be shown shortly when the meas-
ured results in the boundary layers on blade surfaces are pre-
sented.

The time-mean rms level of the total fluctuation at the meas-
urement station nearest to the leading edge is 7.8 percent of
the mean inlet velocity. The contributions to it by turbulence
and by unsteady periodic fluctuation are 7.2 percent and 3.0
percent, respectively. The contribution by the unsteady peri-
odic fluctuation is relatively small, partly because of the nature
of the velocity triangle and partly because of the turbulent
mixing effect inside the wake.

2.2 Cased: 0=0.8;5,,0/C=1.6; Re,=3.1x10% @ = 0.74;
No Turbulence Grid. Before measurements of boundary lay-
ers began in each case care was always taken to make the
pressure distribution on blade surface as close to its corre-
sponding case in no-wake flow as possible. The measured sur-
face pressure distribution is compared in Fig. 2 with that
predicted using an inviscid calculation method, and with that
measured in Case 1. The agreement is in general very good,
except in the region between S/Sy=0.33 to S/5,=0.64. This
was where a separation bubble appeared in Case 1 (see Part
1), and measurements of the boundary layer in Case 4 were
restricted to around this region.

Wake Interaction With a Laminar Boundary Layer. At
three measurement stations, S/S, = 0.26, 0.32 and 0.38, the
patterns of velocity-time (v-f) traces acquired at similar loca-
tions across the boundary layer were found to be quite similar.
A sample of them at S/S; = 0.38 is presented in Fig. 3. In
the free stream, the signature of the convected wake confirms
the presence of the negative-jet effect; the velocity shows first
a reduction relative to its mean value followed then by an
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Fig. 3 Velocity-time traces at different locations across the suction
surface boundary layer at §/S;, = 0.38 (Case 4)

overshoot as a wake passes by the station. The major impact
of the wake is seen, however, in the dramatic change of the
velocity inside the boundary layer.

There is an isolated region within an otherwise laminar flow
in Fig. 3 where velocity fluctuations characteristic of turbulence
appear. This isolated region, as it will be shown later, has
many of the characteristic properties of a turbulent spot ob-
served in a boundary layer; see, for example, Wygnanski et
al. (1976) or Cantwell et al. (1978). It will therefore be referred
to as turbulent spot throughout this paper. As a spot arrives
at the measurement station the flow accelerates abruptly near
the wall but decelerates in the outer part of the boundary layer.
After the spot has passed over the measurement station, how-
ever, the flow begins to return to its predisturbed state. Near
the wall the deceleration occurs at a rate much slower than
that at which the flow was accelerated as the spot approached.

It can be seen by comparing Figs. 3(a) and 3(b) that some
ensemble-averaged turbulence appears on the trace where the
flow is actually laminar, for example, in the region immediately
following the turbulent spot. This was caused by the ensemble-
averaging technique, which identifies any difference between
an individual sample (raw trace) and its periodic component
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Fig. 4 Ensemble average velocity and turbulence profiles on suction
surface at S/S; = 0.38 at different instants of a cycle for Case 4, time-
mean values shown with broken line. For comparison Case 1 (no wakes)
shown with solid lines.

as turbulence; it is not turbulence but is due to the low fre-
quency, cycle-to-cycle variations.

The appearance of a turbulent spot brings about dramatic
changes in the local overall boundary layer velocity distribution
and integral quantities, such as its displacement thickness 6*,
momentum thickness 6 and shape factor A. This can be seen
in Fig. 4 at S/S; = 0.38. The velocity profile before the arrival
of a turbulent spot (at /7= 12/16) indicates a separated lam-
inar boundary layer similar to that in the corresponding
no-wake flow, Case 1. When a turbulent spot arrives, as at
t/T=14/16, the profile in the inner region becomes much
fuller, whereas in the outer part of the layer the velocity de-
creases because of the thickening of the boundary layer in the
spot. At this time, the level of the ensemble-averaged turbu-
lence reaches about 16 percent of the time-mean free-stream
velocity U,_,, over a large part of the boundary layer. The
boundary layer thickens sufficiently that the measurements in
this case do not reach the boundary layer edge in terms of the
instantaneous velocity profile. Compared with ¢/T=12/16, the
momentum thickness § almost triples, whereas the shape factor
H drops from 5.16 to 2.12. Separation, seen in the laminar
boundary layer, is momentarily suppressed. All these changes
are the result of the boundary layer changing from laminar to
turbulent before subsequently reverting to the laminar state.
The laminar boundary layer behind the turbulent spot has a
much fuller velocity profile than the one before the arrival of
the turbulent spot, an effect noticed in the slow restoration
process to the predisturbed state seen in the v-f trace near the
wall shown in Fig. 3 and documented for spots in two-dimen-
sional boundary layers by Wygnanski et al. (1976) and others.

For aturbulent spot on a flat plate, the experimental evidence
shows that its leading and trailing edges travel downstream at
about 0.85 and 0.5 times of the free-stream velocity, respec-
tively (Cantwell et al., 1978). A spot moves downstream more
slowly than the free stream and grows linearly with the distance
it travels. The designation of the edges for a turbulent spot in
the present work was based on an ensemble-averaged v-f trace
near the wall. The criterion used by Doorly and Oldfield (1986)
has been adopted in the present work, with the leading edge
and the trailing edge of a spot defined to be where the velocity
shown on the velocity-time trace is halfway between the min-
imum (laminar) level and the maximum (turbulent) level at-
tained at the measurement station. The spot leading edge was
found to travel at 0.76, and the trailing edge at 0.57, of the
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time-mean local free-stream velocity, although small variations
existed from station to station. (The leading edge of the tur-
bulent spot in the work of Doorly and Oldfield, 1986, did not
travel at a constant fraction of the local free-stream velocity
but the trailing did at about 0.5.) On the other hand, the wake
was found to travel at roughly the same speed as the local
mean flow in the free stream. The turbulent spot created as a
result of wake interaction with the laminar boundary layer in
the present case is therefore akin to a self-sustaining turbulent
spot found to exist in a transitional boundary layer on a flat
plate, although the former is statistically two-dimensional while
the latter is three-dimensional. The same conclusion was drawn
by Doorly and Oldfield (1986) in their study of the wake in-
teraction with the boundary layer on a turbine blade.

The sizes of the wake and the turbulent spot it created varied
as they traveled downstream. Typically, the wake occupied 20
percent of the blade surface distance; for comparison at the
measurement station 4.2 percent chord ahead of the blade
leading edge the wake occupied a distance equal to about 18
percent of surface distance. The turbulent spot grew from
about 12 to 20 percent of S, between S/S; = 0.26 to 0.64, the
measurement region for Case 4. The velocity time traces at
different stations are shown in Fig. 5. On this figure, the
turbulent spot initiated by the wake is most obvious at the
more upstream stations; at S§/S, = 0.56 and 0.64, the tur-
bulence and disturbance of the wake-induced spots is over-
shadowed by turbulence arising from a breakdown of the sep-
arated laminar flow between these spots.This is discussed fur-
ther below. Also shown on Fig. 5 are the positions of the wake
center (shown at each position by a downward vertical arrow)
which can be detected at the boundary layer edge. Very clearly
the slower moving turbulent spot gets left behind by the wake,
which convects at the free-stream velocity.

The Behavior of the Flow in the Quiescent Region. At the
time, just before the arrival of a turbulent spot (¢/T=12/16),
the velocity profiles shown in Fig. 4 indicate that the local
boundary layer has returned to a state similar to that in the
no-wake flow (Case 1), which is separated and thus very un-
stable. The instability begins to manifest itself on the v-f traces
obtained near the wall at the measurement stations further
downstream, as can be seen in Fig. 5. Whereas at S/S; = 0.38
the velocity was almost disturbance-free during the period with
very low mean velocity, the trace at S/Sy = 0.43 exhibits small
sinusoidal fluctuations during similar times in the cycle. These
sinusoidal fluctuations are Tollmien-Schlichting (T-S) in-
stability waves, which are known to be prone to form on
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= 0.48 mm (Case 4)

separated shear layers. Based on the measured instantaneous
of velocity profile, the instability waves were estimated, ac-
cording to Gaster’s (1969) formula, to have a frequency around
440 Hz, which agrees well with the value of 430 Hz measured.
These waves grow rapidly further downstream and at S/S;, =
0.56 have begun to break down into turbulence. The transition
thus initiated has resulted in significant increase in the velocity
near the wall in the previously separated flow and a second
peak then emerges on the ensemble-averaged v-f trace near the
wall.

The flow first became fully turbulent in the corresponding
no-wake flow cases (Cases 1 and 2) at S/S, = 0.56. It can be
seen in Fig. 5, however, that at this position in Case 4 tur-
bulence has not spread over the complete cycle, and transition
has not yet been completed. The ensemble-averaged velocity
profiles were examined on an inner region log-law plot (Dong,
1988). The velocity distribution within the first peak (associated
with the wake-created turbulent spot) was found to be tran-
sitional in the sense that there was at most a very short region
where the velocity profile followed logarithmic law of the wall.
In contrast, the flow within the second peak, which resulted
from transition initiated by T-S wave breakdown, did possess
a substantial logarithmic law of the wall region, as did the
boundary layer in Cases 1 and 2 at the same location. Between
t/T=4/16 and 8/16, the nonturbulent region for Case 4 at
S$/8,=0.56, the flow showed no logarithmic region whatso-
ever, but instead a profile corresponding to the linear viscous
sublayer form

u/u,=const X (Yu,/»),

extending most of the way across the boundary layer. This
strange behavior in the calmed region after the spot is not
understood, but also was found in Case 5. In trying to un-
derstand the behavior of the spots formed on the blades, one
is aware of the difficulty associated with understanding tur-
bulent spots even in flat plate boundary layers and the lack of
knowledge about the mechanism in the calmed region that
follows them.

Some period of laminar flow was still observed at S/S, = 0.64,
the most downstream station used for the measurement in this
Case 4. The time-mean value of the momentum thickness 4 in
Case 4 at S/S; = 0.64 is about 12 percent larger than in Case
1, despite the fact that the flow at this station was still inter-
mittent, whereas in Case 1 it was fully turbulent from S/S, =
0.56. The average value of § in Case 4 is larger because the
low value in the laminar region is more than outweighed by
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the high value in the turbulent region initiated by the wake,
which has been turbulent from well upstream (Fig. 6).

Velocity Contour Pictures. The response of the boundary
layer along the blade suction surface to the wake interaction
can be seen more clearly by plotting out the ‘‘snapshots” of
velocity contours made of ensemble-averaged quantities in the

4.0 -

/c x 103 i
3.0 7

0.5 1.0

Fraction of Cycle Period

o Instantaneous value (Case4)
Time-mean value (Case4)
No-Wake Flow value (Case 1, fully turbulent at the station )

Fig. 6 Variation with time of ensemble-average momentum thickness
on suction surface at /S, = 0.64: (1) region of spot formed upstream
by wake; (2) laminar region; (3) turbulent region induced by transition of
separated flow (Case 4: ¢=0.8, 5,,/C=1.6)

2.0 “

12.0

way used by Gaster (1965) in his study of laminar separation.
Shown in Fig. 7 are snapshots at 4 of 16 instants with equal
intervals during a cycle period T. The solid lines represent the
contours of the ensemble-averaged velocity normalized by the
time mean velocity in the local free stream u/U,_,,. The dotted
lines represent the contours of the normalized ensemble-av-
eraged turbulence velocity vu'2/U,_ .. Qualitatively, variation
of the vertical location of u/U,_,, lin¢s reflects the change of
boundary layer extent, for example, thickening or thinning.
High values of vu’?/U,_,, indicate the traveling wake and the
turbulent spot it creates, as well as the turbulent boundary
layer.

Figure 7(a) shows the arrival of a wake and the turbulent
spot it creates just ahead of the separation bubble, which is
represented by a lump formed by the line u/U,_,,=0.05. The
separated flow re-attaches to the surface at about S/S,=0.47,
after which the dotted lines indicate that the boundary layer
is turbulent. It should be noted that the vertical coordinate is
stretched by a factor of 20 in relation to the horizontal one
and the vertical dimension of the bubble is very small compared
with the blade chord. In Fig. 7(b), the separation bubble is
seen to be partially suppressed as the turbulent spot arrives at
the position occupied by the bubble. The bubble is completely
suppressed at the instant shown in Fig. 7(c), as the region is
now covered by the turbulent spot in which velocity remains
relatively high near the wall. The local thickening of the bound-
ary layer, as it undergoes transition, is clearly visible. Finally,
Fig. 7(d) shows the re-emergence of the separation bubble some
time after the turbulent spot has passed by. The 5 percent
turbulence contour line upstream of S/S5,=0.5 in this figure
does not really indicate turbulence, but rather the high vu'%/
U,_,,is theresult of the ensemble-averaging technique on cycle-
to-cycle variation (noted earlier). It can be seen that the raw
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velocity traces presented in Fig. 5 show that the flow at this
moment was laminar at least up to S/S,=0.56.

2.3 Case 5: 0=0.8; S,,4/C=0.8; Re,=3.1x10°; =1.5; No
Turbulence Grid. The experimental conditions in this case
were identical to those in Case 4 except that the spacing between
the rods, and therefore the cycle period, was half of that in
Case 4. The surface pressure distribution was found to be in
good agreement with that predicted, as in Case 4. Measure-
ments were made at 13 different stations on the suction surface
and three on the pressure surface of the blade.

The measured results at the leading edge of the blade showed
that the turbulent spot was formed in the boundary layer where
the wake impinged on it. Initially this turbulent spot was just
the signature of the wake and it is not clear whether it was
self-sustaining. The first sign of the spot developing into the
self-sustaining patiern was found at S/Sy=0.094, where it be-
gan to lag behind the wake. As the cycle period in this case
was shorter than in Case 4, some difference in the subsequent
stage of transition was observed.

The Effect of Cycle Period. Figure 8(a) shows two v-t
traces near the wall at S/S,=0.38 for Cases 4 and 5; Fig. 8(b)
shows the corresponding ensemble average velocity profiles at
the instant just before the arrival of a turbulent spot in the
two cases as well as that for the corresponding no-wake flow,
Case 1. In Case 4 there is sufficient time for the boundatry
layer to revert to the separated state of Case 1, but with the
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Fig.9 Regions of suction surface occupied by wake and turbulent spot
(Case 5)

shorter cycle period in Case 5 another turbulent spot arrives
before this can occur. The velocity profile just before the arrival
of a turbulent spot in Case 5 therefore looks much fuller than
those in Cases 1 and 4.. Although not shown here, velocity
contour pictures similar to those shown in Fig. 7 did indicate
that not only was the bubble extent smaller in Case 5 than in
Cases 4 and 1, but also its location was further downstream
(Dong, 1988).

At §/S8; = 0.64 (the most downstream station used for
measurement in Case 4) the intermittency factor was about
0.85 in Case 5 and 0.92 in Case 4. It was higher in Case 4
because the flow behind the calmed region of a spot underwent
a separation-bubble induced transition (giving the second peak
in Fig. 5) and this increased the fraction of cycle period for
which the flow was turbulent. At the same location, the time-
mean value of the momentum thickness  was about 6 percent
higher in Case 5 than in Case 4. To explain the higher values
of ¢ one needs to look again at Fig. 6 for Case 4. The cycle
period in Fig. 6 has been divided into two equal parts, each
having a length the same as the cycle period in Case 5. In the
first part (marked as #,), where the turbulent spot created by
the wake is located, the v-f trace has a form almost identical
to that in Case 5, which implies that the mean level of 6 over
this time is similar in the two cases. In Case 4, the mean level
of @ over ¢ is clearly higher than that over ¢,, where the tur-
bulent boundary layer begins by transition in the otherwise
quiescent flow behind a turbulent spot. As the cycle period in
Case 5 is only half of that in Case 4, the second part £, of the
trace in Fig. 6 is replaced by another complete cycle identical
to the first part. Hence, compared with Case 4, the average
value 8 over the complete cycle in Case 5 is raised.

Completion of Transition Process. The convection of the
wake in the free stream and the turbulent spot it created inside
the boundary layer along the blade suction surface is described
in Fig. 9. The abscissa in the figure denotes the fraction of the
surface distance, while the ordinate denotes the instant of the
time during a cycle. A horizontal cut marks the leading and
the trailing edge of either a wake or a spot on the surface at
a particular time. The boundaries of the wake are defined in
terms of the ensemble-averaged turbulence velocity of the
boundary layer edge, which has a distinctively higher level
within the wake region. The definitions for the edges of the
turbulent spot are the same as the ones described in Case 4.
The wake occupies typically 20 percent of the blade surface
distance in the front part of the blade réducing to about 15
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Fig. 10 Schematic description in the quiescent or calmed region be-
tween spots

percent near the blade trailing edge. The decrease occurs be-
cause the wake leading edge is always at a downstream station
where the local flow has a lower mean velocity in a decelerating
flow,

The edges of the spot in the first 10 percent of the blade
surface are not marked in the figure because it was not possible
to use the same criteria to define a spot that was insufficiently
developed. Downstream of S/S;, = 0.64, on the other hand,
the boundary layer was nearly fully turbulent and the edges
of a spot became blurred on the v-f traces near wall. Between
S/8Sy = 0.094 and S/S; = 0.64, however, the turbulent spot
inside the boundary layer had grown from 12 to 20 percent of
the total suction surface distance, as a result of differences in
the traveling speeds of its leading and trailing edges.

A fully turbulent boundary layer occurs just downstream of
S/Sy = 0.64, which is significantly well upstream of where
two successive turbulent spots would merge. This indicates that
completion of transition in Case 5 has been caused by transition
in the quiescent region of the flow, like that found in Case 4.
Although the separation bubble in Case 5 is smaller than in
Case 4, the shear layer profile associated with it is still unstable
and any disturbance in the free stream can trigger transition.
Second, as the wake in the free stream leads the turbulent spot
inside the boundary layer, its high turbulence level can help
to promote transition in the quiescent region ahead of a tur-
bulent spot in the way illustrated schematically in Fig. 10. For
reduced frequencies below about 2.0, the wake in the free
stream cannot catch the trailing edge of a previous spot before
S§/8y = 0.50. This far downstream any remaining laminar
boundary layer between two successive spots is fairly unstable,
because of the adverse pressure gradient, so that the disturb-
ances carried by the wake may spread down and initiate tran-
sition. In Case 5, the wake-spot merging position is around
S/8, = 0.7, which is also the most upstream position where
the flow was seen to be fully turbulent. It should be recalled,
however, that on the blade tested the laminar separation bubble
is upstream of this and it is impossible to properly isolate the
effects of the strong pressure gradient, the presence of a small
transient separation bubble and the free-stream wake.

The overall effect of wakes on the suction surface boundary

layer was to increase the time-mean 6 at the blade trailing edge
by about 7 percent in Case 5 compared with the corresponding
flow without wakes (Case 1), surprisingly little in view of the
dramatic differences in the transition process in the two cases.

The Pressure Surface Results. The v-t traces obtained at
the first measurement station, S/S, = 0.31, on the pressure
surface were found to be quite similar to those on the suction
surface shown in Fig. 3, except near the free stream where the
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Fig. 11 Time-mean velocity and turbulence profiles at the trailing edge
of suction surface, both cases with wakes; Case 5 without; Case 6 with
turbulence grid

velocity variation sequence was reversed compared with that
on the suction surface (Dong, 1988). This would be expected
since the wake-induced motions near two surfaces were in
opposite directions; the ‘“‘negative jet’’ in the wake was drawing
fluid away from the suction surface giving a ‘‘positive jet”’
toward the pressure surface. However, the turbulent spots on
both surfaces are similar in their characteristics, which is evi-
dence that it is the high level turbulence contained inside the
impinging wake that is the main mechanism creating the tur-
bulent spot observed, forcing the boundary layer to undergo
transition at a very early location on the blade. The role played
by the unsteadiness associated with the variation of the mean
velocity of the wake, i.e., the effect of the negative jet on the
suction surface or the positive one on the pressure surface, is
relatively insignificant and may have no effect whatsoever.

Compared with Case 1 (without wakes or grid-generated
turbulence) the presence of wakes has increased the time-mean
momentum thickness at the pressure surface trailing edge by
about 44 percent. This large difference is because in Case 1
the boundary layer on the pressure surface was laminar over
the entire blade surface. The value of 6 at the pressure surface
trailing edge in Case 5 is, however, only 4.4 percent greater
than that in Case 2 (without wakes but with 6 percent grid-
generated turbulence) for which the pressure surface also had
a long transitional region.

2.4 Case 6: 0=0.8; $;0/C=0.8; Re,=3.1x10% @ = 1.5;
With Turbulence Grid. The experimental conditions in this
case were identical to those in Case 5 but for the addition of
the turbulence grid to give a mean free-stream turbulence level
in the region outside the rod wakes equal to about 6 percent
of the inlet time-mean velocity. Measurements made at three
stations on the suction surface, S/S,=0.38, 0.64 and 1.0, in-
dicated that the time-mean character of the boundary layer
was quite similar to Case 5. Transition was found to be just
completed at S/S,=0.64, not far from where transition ended
in Case 5. Because of the similarity, only a comparison of the
results at the trailing edge station has been shown in Fig. 11
where the time-mean velocity profiles are almost identical.

The extra free-stream turbulence might be expected to affect
the boundary layer development by promoting transition in
the quiescent region, thereby shortening the transition process.
The explanation seems to be that, with the relatively close
spacing of wakes in Cases 5 or 6, the calmed period after a
spot generated by one wake is terminated by the spot generated
by the next wake until about S/S; = 0.64. The flow is suf-
ficiently stable in the calmed region after the spot that free-
stream turbulence does not initiate transition. The velocity-
time traces showed that despite the presence of high level free-
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stream turbulence in Case 6 the flow outside the wake-created
turbulent spot was still predominantly laminar at $/S,=0.38
(Dong, 1988). In Case 2, without the wakes present but with
the turbulence grid, the high level of free-stream turbulence
resulted in a transitional flow with an intermittency factor of
0.44 at S/S, = 0.38.

The foregoing explanation also offers a clue to the paradox
observed by Doorly (1988). Doorly found that on a turbine
blade tested with grid-generated turbulence of only 5 percent,
the mean heat transfer rate in the region between S/S,=0.10
to 0.35 was higher than that in the case with both wakes and
the same 5 percent grid-generated turbulence present. For the
turbine blade, where the representative Reynolds number was
much higher, the 5 percent grid turbulence alone was found
to be sufficient to make the boundary layer fully turbulent at
S§/Sy=0.35. The wake-created turbulent spot would be fol-
lowed by the calmed region in which the flow would have been
more resistant to transition, thereby prolonging transition pro-
cess and reducing the mean heat transfer rate compared with
the case with only grid turbulence present.

2.5 Case 7: ¢=0.8; S,,¢/C=1.6; Re,= 1.5 x 10%; 2 =1.5; No
Turbulence Grid, Lower Reynolds Number. This test, re-
ported by Addison and Dong (1989), was conducted with the
inlet velocity (and consequently the chord-based Reynolds
number Re,) reduced to half of that in the previous cases. The
speed of the moving rods also was reduced porportionally to
maintain the design-condition velocity triangle at the cascade
inlet. The experimental conditions in this case were otherwise
identical to those in Case 4.

The measured results, obtained between S/S, = 0.19 and
S/8,=0.64, indicated that the pattern of the wake-boundary
layer interaction at this lower Reynolds number was basically
similar to those in Case 4 described earlier, see Dong (1988).
The principal difference was in the greater size of the separation
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bubble at the lower Reynolds number. The vertical extension
of the corresponding velocity contour lines scaled well with
Re. 1”2, as expected of a laminar boundary layer. The stream-
wise extent of the bubble, however, did not appear to be as
large as would be expected using Horton’s bubble model (1969)
in a quasi-steady way. In spite of the lower Reynolds number,
the bubble was suppressed as the spot created by the wake
arrived, and re-established afterward, very much in the way it
responded in the higher Reynolds number flow of Case 4 (Fig.
7). .

2.6 Case 8: ¢=1.67; S,,q/C=0.6; Re,=4.0x10%; 2=0.8;
No Turbulence Grid, Higher Blade Solidity. The solidity of
the blade tested in this case was more than double the value
of the previous one. The longer blade used also resulted in a
higher value of the reduced frequency, so the wakes were now
packed more closely relative to the blade length. Basically, the
observed phenomena of wake interaction with the boundary
layer were similar to those on the lower solidity blade. The
exception was that the separation bubble, which was seen in
the corresponding no-wake flow (Case 3), did not appear. The
time-mean value of the suction surface momentum thickness
at the trailing edge station was slightly below the value in Case
3. However, as Dong (1988) pointed out, the measured results
at the last two stations in Case 3 seem to be in error. The
boundary layer calculations for Case 1, a flow with low levels
of free-stream turbulence, were found to be accurate. A rea-
sonable comparison can therefore be made of the measured
results of Case 8 with the predicted ones of Case 3. If this is
done, the time-mean value of the momentum thickness in Case
8 is about 4 percent higher than that of Case 3, similar to the
difference found for the lower solidity blade with wakes (Cases
1 and 5). The overall effect of the wakes on the boundary layer
(and the loss in the flow) on this higher solidity blade also
seems to be small.

3 Discussion

The experimental results previously described have shown
that transition process in the presence of wakes is very different
from that seen in cases without wakes described in Part 1. A
concern of this investigation is the validity of existing empirical
transition models [e.g., Dunham (1972) and Abu-Ghannam
and Shaw (1980)], which were built on experimental data ob-
tained without moving wakes present, and the discussion will
focus on the significance of transition modeling in relation to
predicting boundary layer development.

The first question of interest is the definition of the start of
transition, since a turbulent spot appeared in the boundary
layer at the leading edge when a wake impinged on the blade.
One of the most important characteristics of the turbulence
observed in a turbulent boundary layer is that it is self-sus-
taining and it seems reasonable to choose this as a criterion.
According to this, transition has occurred at least as early as
8/8,=0.09, since by then the wake had begun to move past
the spot. At §/8¢=0.09, however, the measured results in Case
1 indicate that the laminar boundary layer had a boundary
layer Reynolds number Rey = 124, which is still below the min-
imum transition Reynolds number (163) assumed in both the
models of Dunham (1972) and Abu-Ghannam and Shaw (1980).
However, it has been observed that transition can be forced
to occur in a boundary layer with lower Reynolds number:
Elder (1960) showed in an experiment that a small scale, large
amplitude disturbance (=0.2 of the free-stream velocity) in-
stantly triggered a self-sustaining turbulent spot where the local
Re, was far below the minimum instability limit of 163 for a
flat plate. The correlations of Dunham and Abu-Ghannam
and Shaw cannot be expected to be adquate in describing
transition in the presence of wakes that contain very high level
turbulence, since the grid-generated turbulence used in the tests
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to obtain data for such correlations is not representative of
the influence of wakes.

However, the mean velocity profile and the integral prop-
erties of a boundary layer will remain close to those of a
corresponding undisturbed laminar flow as long as the local
value of the intermittency factor remains below about 0.2. The
error in the prediction of the boundary layer development from
the presence of small turbulent spots created by large amplitude
disturbances is likely to be small, provided the predicted lo-
cation of the start of transition lies within, or not too far
downstream of, the region where the local intermittency factor
of the flow is below about 0.2. If the transitional boundary
layer extends over a substantial part of the blade surface, then
the boundary layer development and all aspects of its prediction
do depend strongly on the early stages of the transition.

To assess the capability of an existing boundary layer method
in predicting the boundary layer development on the suction
surface of a compressor blade some calculations have been
made for comparison with those measured in Cases 5 and 8.
(Data are available up to the trailing edge for these two cases.)
For each case, two predictions were made, each using a dif-
ferent transition model. In one of them, the National Gas
Turbine Establishment (NGTE) boundary layer method was
used, which employs Dunham’s (1972) point-transition model;
i.e., transition is assumed to be completed at a single point.
For this, the measured pressure distribution was used as the
input and a level of 4 percent free-stream turbulence was spec-
ified. (This choice of 4 percent turbulence is in accordance
with the practice adopted for the use of the method in com-
pressors.) The other calculation method, provided by Newman
(1987), used the correlation of Abu-Ghannan and Shaw (1980),
called the length-transition model for convenience. (In other
respects, the boundary layer method supplied by Newman was
similar to the NGTE one). For this 6 percent free-stream tur-
bulence was specified in Case 5 and 4 percent in Case 8. The
surface pressure distribution for this was from a coupled in-
viscid calculation, which gave excellent prediction compared
with the measured data (Dong, 1988).

The comparison of calculated and measured momentum
thickness and form parameter for Case § is shown in Fig. 12.
It can be seen that transition is predicted to occur at S/Sy =
0.21 with the point-transition model and to begin at §/S;, =
0.18 with the length-transition model. Up to the predicted
location of transition the agreement with the measured results
is good, which is not surprising since the measured intermit-
tency factor in Case 5 was still less than 0.2 at §/8;=0.21 and
the flow therefore predominantly laminar. Downstream of this
point, the length transition model underestimates the growth
of the boundary layer, resulting in an 20 percent error in the
momentum thickness at the trailing edge.

In contrast, the use of a point transition model gives a good
prediction of momentum thickness over most of the blade
surface, despite the fact that such a crude model does not
describe the physical process of transition at all properly. The
assumption of a ““point’’ transition has allowed the calculation
to overestimate the rate of momentum thickness growth in the
initial part of the measured transition region after the predicted
location of transition. The measured mean value of § was only
held down by the laminar flow in the quiescent region and the
momentum thickness growth rate rose sharply as soon as tran-
sition occurred in the quiescent region of the flow. The gap

between the predicted and the measured results is therefore °

narrowed between about S/S;=0.4 to S/S;=0.56 when the
boundary layer was approaching the end of transition; since
the measured # does not differ too much from the predicted
value at that station, good agreement between the measured
and the predicted results is obtained in the rest turbulent
boundary layer.

The predicted H is much lower than the measured value
from the predicted location of transition until about
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S§/8p=0.56, that is throughout the transition region, with either
the point- or the length-transition models. Once in the turbulent
flow region the agreement becomes better. The same com-
parison made for Case 8 showed a very similar situation (Dong,
1988).

The fact that a crude point transition model can produce
good prediction for the overall boundary layer development
on the present supercritical compressor blade is of some sig-
nificance. One would like to know how generally this is ap-
plicable and, in particular, whether significant underestimation
of boundary layer growth may still be possible, using such a
transition model. Since the prediction of wholly laminar or
fully turbulent boundary layers in two dimensions is generally
accurate the question can be narrowed to whether transition
can end significantly further upstream of where it did in the
present work.

The location of a laminar separation bubble (at low free-
stream turbulence) on a supercritical-type blade is more or less
fixed around 30 percent to 40 percent chord. Thus the only
way for serious underestimation of boundary layer growth to
occur in the design process would be if the wakes were very
closely packed so that the merging of the leading edge of a
downstream wake with the trailing edge of a previous turbulent
spot occurs much nearer the blade leading edge (see the illus-
tration in Fig. 10). A measure of the closeness of the wakes
is the reduced frequency 2, which is defined as the ratio of
time a particle takes to travel through a blade row (with the
speed of inlet velocity) to the wake passing period. A reasonable
approximation for the average speed of the wake over the blade
is the inlet velocity; as an approximation the leading edge and
the trailing edge of a turbulent spot travel at 0.75 and 0.55 of
this inlet flow velocity. With these approximations it was found
that until the value of Q exceeds 2.5, the location of the spot
merging (and the end of transition) will lie downstream of
about 40 percent blade surface distance from blade leading
edge; beyond 40 percent the transition is caused by the sepa-
ration bubble. The possibility of underestimating boundary
layer growth therefore remains open for cases with Q sub-
stantially greater than 2.5. That transition models based on
blade test data obtained without wakes being modeled properly
are able to predict the overall development of the boundary
layer reasonably well in the presence of wakes is largely due
to the fact that the overall effect of the wakes are relatively
small for the supercritical-type compressor blade. Even without
wakes, such as in Cases 1 and 2, the laminar boundary layer
on the blade suction surface cannot last for long before it is
terminated by either a separation bubble, or transition pro-
moted by the free-stream turbulence. It is true that the presence
of wakes will initiate a much earlier start of transition, but the
transition process then is also much longer (typically 60 percent
of blade surface distance in Case 5, compared with less than
S percent in Case 1 and 40 percent in Case 2). The mechanism
responsible for this is the calmed region forming the laminar
boundary layer immediately behind a turbulent spot initiated
either by the wake or by high levels of free-stream turbulence;
in the calmed region, there is unusual stability with increased
resistance to undergoing transition. The prolonged existence
of some laminar flow on a blade offsets the increase in loss
resulting from some early turbulent flow due to the wake
interaction (see Fig. 6).

The overall effect of the wakes on the boundary layer de-
velopment on the suction surface on the compressor blade is
very different from that on the pressure surface, which is more
like the case of a turbine; see Hodson (1984). In the case of
a turbine the laminar boundary layer can exist over the entire
blade surface in the absence of wakes, even with high free-
stream turbulence. Wakes incident on the suction surface of
a turbine blade (or the pressure surface of the compressor blade
tested here) result in a long region of transitional boundary
layer and as a result the loss increases dramatically: 44 percent
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on the pressure surface in Case 5 here compared with Case 1;
S0 percent for the turbine rotor suction surface tested by Hod-
son (1984). For a compressor blade, the dominant profile loss
comes from the suction surface boundary layer, so the large
proportional increase in loss on the pressure side translates
into only a small increase in the overall loss.

The effect of wakes on the overall boundary layer devel-
opment was studied earlier by Walker (1968, 1974). In the later
paper, Walker argued that the relatively small effect of wakes
was a result of delay in the start of transition by the stabilizing
effect associated with the periodic unsteady effect of a wake,
but the evidence presented in this paper has shown that this
explanation is not correct. The present results also seem to
contradict those reported by Evans (1978), in which the loss
was found to be significantly higher in the midspan region of
a stator than that in a cascade of blades with similar profile.
Evans used stator blades with twice the chord of the rotor, so
the reduced frequency was high. Furthermore, Evans’ stator
was twisted in the wrong direction so that the sections were
mis-staggered at all the spanwise positions other than the mid-
span. The comparison also was made at a 3.5 deg incidence
at midspan which, together with the mis-staggering, would
have certainly enhanced three-dimensional effects. In fact, his
measured pressure distributions on the blades in the cascade
and in the machine indicated quite significant differences: There
was evidence of a turbulent separation on the stator, which
was not seen in the cascade, so almost certainly there would
have been separation of the flow in the corners of the stator
suction surface and endwalls. This separation would cause
significant displacement of the surface boundary layer toward
the midspan region; see Dong et al. (1987). '

The present work leads to the conclusion that the rotor wakes
could not have caused the measured loss at midspan for a
supercritical-type stator blade to be much higher than antici-
pated, as discussed in the introduction to Part 1. Results pub-
lished some time after this present work was started (e.g.,
Behlke, 1986) have shown that the use of supercritical-type
blade in a compressor could result in worsening of flow near
endwall regions compared with a more conventional blade row.
The main reason for this is that the supercritical blade is usually
designed with much higher loading (or lower solidity), since
cascade tests such as those reported by Hobbs and Weingold
(1984) demonstrated that they have such loading capability.
But whereas this can be achieved in a highly controlled cascade,
it may not be obtainable in the endwall regions of a compressor
where it is the endwall boundary layer that limits the perform-
ance for blades with low solidity. This could result in strong
endwall boundary layer separation with the blade surface
boundary layer migrating toward the midspan region.

The evidence that the wakes have a relatively small effect
on the overall boundary layer development does mean that
blade can probably be designed according to some existing
empirical loading criterion derived from tests in quite different
environment, for example, the Stratford criterion (1959). In-
deed, the blade tested was designed with a conservative loading
(H near 1.6 on the suction surface downstream of the velocity
peak), and the measured results did show reasonable agreement
with the prediction near the trailing edge, though not over
much of the surface where the measurements showed the flow
to remain transitional. As pointed out previously, if the value
of the reduced frequency is not higher than about 2.5, the
boundary layer can be predicted reasonably accurately using
a transition model like the one by Dunham (1972) plus 4 percent
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turbulence. A designer should always bear in mind, however,
that this does not mean that the existing transition model is
capable of describing the detail of the flow on a blade. It is
wise, therefore, to allow certain margin, especially when a
velocity distribution radically different from those proven by
tests is prescribed.

4 Conclusions

A supercritical compressor blade has been tested at design
incidence in a low-speed, large-scale cascade wind tunnel with
incident wakes from upstream. The wake was found to create
a turbulent spot where it impinged on the blade and this spot
quickly became self-sustaining, behaving very much like a tur-
bulent spot found in a transitional boundary layer on a flat
plate. The spot grew as it traveled downstream, being left
behind by the wake, which was convected by the free stream.
The laminar separation bubble, unlike that observed in a cas-
cade test without wakes present, was a periodically unsteady
phenomenon when wakes were present; the bubble disappeared
momentarily if the wake initiated turbulent flow before the
laminar flow could separate. In spite of causing very early
transition on the blade, however, the wake interaction with
the boundary layer also resulted in a stabilizing effect on the
laminar boundary layer behind a turbulent spot. This pro-
longed the extent of laminar flow seen on the blade surface
compared with the case without wakes. The presence of wakes
therefore did not have a very significant effect on the trailing
edge properties of the boundary layers, despite the differences
in the details of transition and development in the two cases.

The boundary layer at the trailing edge, and therefore the
loss, also seemed to be rather insensitive to the change in other
parameters such as the wake passing frequency, the extra free-
stream turbulence, or the blade solidity. The pattern of the
wake interaction with the boundary layer observed at low Rey-
nolds number was found to be quite similar to that observed
at representative design Reynolds number.

The use of a very simple point-model for transition was
shown to give predictions matching the experimental values of
momentum and displacement thickness quite well over most
of the blade surface, including near the trailing edge; the point
model was far better than the length-transition model. Never-
theless it is clear that accurate prediction of details of the
boundary layer development on a compressor blade is at pres-
ent still very imperfect, even for the near-design conditions.
This is because none of the available transition models is ca-
pable of describing properly the complex transition process in
the presence of wakes. Even the most sophisticated numerical
schemes for solving the boundary layer equations are currently
incapable of modeling the unsteady behavior with wakes, such
as intermittent transition and separation, which are known to
occur. The agreement in overall properties, such as thicknesses
at the trailing edge, must be regarded as fortunate rather than
evidence of correctness and reliability.

It follows that the optimization of blade profiles, using a
boundary layer method and a prescribed velocity distribution
method, still has limited reliability; whenever a new profile is
designed in this way caution must be exercised.

Based on the experimental evidence, it is concluded that the
observation of unexpectedly high loss measured in the midspan
region of a supercritical stator was more likely to be due to
the influence of endwall flow existing in the compressor, rather
than due to the effect of wakes.
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The Measurement of Boundary
Layers on a Compressor Blade in
Cascade: Part 4—Flow Fields for
Incidence Angles of —1.5 and
— 8.5 Degrees

Measurements, made with laser Doppler velocimetry, about a double-circular-arc
compressor blade in cascade are presented for — 1.5 and — 8.5 deg incidence angles
and a chord Reynolds number near 500,000. Comparisons between the results of
the current study and those of our earlier work at a 5.0 deg incidence are made. It
is found that in spite of the relative sophistication of the measurement techniques,
transition on the pressure surface at the — 1.5 deg incidence is dominated by a
separation ‘‘bubble’’ too small to be detected by the laser Doppler velocimeter. The
development of the boundary layers at — 1.5 and 5.0 deg is found to be similar. In
contrast to the flow at these two incidence angles, the leading edge separation bubble
is on the pressure surface for the — 8.5 deg incidence. Here, all of the measured
boundary layers on the pressure surface are turbulent—but extremely thin—while
on the suction surface, a laminar separation/turbulent reattachment bubble lies
between roughly 35 percent and 60 percent chord. This bubble is quite thin, and
some problems in interpreting the backflow data are discussed.

W. C. Zierke

S. Deutsch

Applied Research Laboratory,
The Pennsylvania State University,
State College, PA 16804

Introduction

For the last several years, we have been using a one-com-
ponent laser Doppler velocimeter (LDV) in conjunction with
pressure, five-hole probe, hot-wire, and flow visualization
measurements to document, in great detail, the flow field about
a double-circular-arc compressor blade in cascade. Although
quite sophisticated numerical codes now exist for the prediction
of turbomachinery flows, there are very few detailed experi-
mental data, under typical flow conditions, against which to
test them. Obtaining such data provides the overall rationale
for the experiment. A cascade flow was chosen as it is both
the simplest flow field to exhibit some of the complexities of
turbomachines—that is, the blade-to-blade interactions and
curvature effects—and the simplest turbomachinery flow to
set up in some universal manner—that is, periodic and two-
dimensional. With similar reasoning a double-circular-arc blade
was chosen, not because it was typical of current blade designs,

but because it was the easiest geometry over which to traverse .

the LDV.

We have previously reported measurements at an incidence
angle of 5.0 deg (stagnation point on the pressure surface) and
at a chord Reynolds number near 500,000 (see Deutsch and
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Zierke, 1987, 1988a, 1988b). In Part 1 of that three-part study,
we described the design and testing of a unique cascade facility
necessitated by the need for LDV surveys; in Part 2, we dis-
cussed the turbulent boundary layers on the suction surface;
and in Part 3, we examined the transitioning boundary layers
on the pressure surface as well as the asymmetric recirculating
flow field in the near wake.

From a computational point of view, one of the most fun-
damental changes one can envision on a compressor blade is
a change in incidence angle. Over the past two years, we have,
to study the effect of this variation, been acquiring detailed
flow data at an incidence angle of — 1.5 deg—an incidence
near design—and at an incidence angle of —8.5 deg—an in-
cidence that we believe is near the minimum loss for this ge-
ometry.

In the next two sections, we shall briefly review the config-
uration of the cascade tunnel, the LDV system, and the data
acquisition and reduction systems. We then present data from
the cascade tests and the pressure surface, suction surface, and
wake measurements. These are followed by a summary and
conclusion section.

The Cascade Tunnel

The cascade wind tunnel has a 0.37 m by 0.64 m test section
with a maximum air speed of 35'm/sec. Over the speed range
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SCREENS
HONEYCOMB

TAILBOARDS POSITION

LOWER

FLEX COUPLING

Table 2 Flow conditions

FALSE
BLADE UPPER CHANNEL SUCTION AXIAL FAN i 5.0° .1.5° .8.5°
UPPER FALSE BLADE SILENCER
TOP SUCTION £ 58.0° 51.5° 44.5°
,,‘/ By 4.0° 2.1° -0.6°
q Sk 1 ' Bom 39.9° 32.9° 25.9°
NI < FLow e, ] d 54.0° 49.4° 45.1°
N S SUCTION /J /J ) b 16.0° ,14'10 11.4°
o R [6] [oNs] [0 3N 6) [}
SPLITTER PLATES Vi 33.11 m/sec’ 32.88 m/sec 33.28 m/sec
WINDOW ¢ J Vs 17.59 m/sec 20.48 m/sec 23.74 m/sec
LOWER CHANNEL SUCTION FILTER Vo 22.88 m/sec 24.38 m/sec 26.39 m/sec
Ve 17.55 m/sec 20.47 m/sec 23.74 m/sec
VARIABLE DIFFUSER
Fig. 1 Cascade wind tunnel with flow controls
@ 0.151° 0.094° 0.028°
0.071° 0.024°
Table 1 Blade geometry 0.172¢ 0.018°
c 228.6 mm Cos 0.463 0.473 0.421
s 106.8 mm Cr 0.952 0.821 0.956
' D 0.658 0.555 0.452
tmax 12.5 mm
Re. 505,000 501,000 507,000
rLE 914 4 Hm
"TE 914.4 pm % measured values
b values computed at 131.9% chord
o 2.14 © values computed at 152.6% chord
AR 1.61 .
blade with 65 deg of camber and a 228.6 mm chord length.
Both the leading and trailing edges were machined to a 0.914
mm radius. The blade aspect ratio was 1.61. Camber line and
y 20.5° thickness relationships may be found in the Appendix to Part
K1 53.0° 1 of this study (Deutsch and Zierke, 1987). The cascade test
Ko -12.0° section also is shown in Fig. 1. The cascade had a solidity of
é 65.0° 2.14. The stagger angle was 20.5 deg. Table 1 summarizes the
. blade geometry, while Table 2 gives the flow conditions for
all three incidence angles.

of 24-35 m/sec, the tunnel operated with a free-stream tur-
bulence level of 0.18 percent. Figure 1 shows a schematic of

the open return facility.

The blade section used in the test was a double-circular-arc

Two-dimensionality and periodicity are normally controlled
in cascades by continuous blade pack suction but, because of
the need for LDV access, this was not possible here. Details

of our complicated alternative system may be found in Part 1
(Deutsch and Zierke, 1987). We found that we could create a

two-dimensional flow by employing a strong suction, which

was controllable in the blade-to-blade direction, just upstream

Nomenclature
AR = aspect ratio pI; - ig?;c oprrzlst:l;rrlition pressure u, = shear or friction velocity
¢ = blade chord length r = radius = A/
Cy = skin friction coefficient Re, = blade chord Reynolds num- p _
_ _Tw cVy Upr = maximum backflow velocity
T Vapl? ber = — U, = velocity at the boundary
C, = static-pressure coefficient Re; = momentum thickness Rey- V- ilae{g’c i?}l; wake edge
= lp/z pglz nolds number = 6U x = streamwise coordinate
. . y = coordinate normal to the
D = diffusion factor Rep, = momentum thickness Rey- blade surface or across the
Ho = fi hape factor = &* noldg pumber for onset of wake
iz = Hrst shape factor = transition y* = dimensionless coordinate
i = incidence angle = 8, -« s = blade spacing . normal to the blade surface
L,, Ly = pressure and suction surface Imax = maximum blade thickness in the inner boundary layer
length scales from the point u = streamwise velocity = yu,/v
of minimum velocity to a u* = dimensionless velocity in B = flow angle measured from
point where the velocity de- the inner boundary layer the axial direction; Falkner-
fect is Y2 (U, —ucy) A Skan streamwise pressure
LDV = laser Doppler velocimeter u, gradient parameter
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of the blade leading edge line. Tailboards were used to control
the relative exit angle of the flow. The two-dimensionality and
periodicity of the flow were determined by conducting meas-
urements of the inlet and outlet velocity profiles using five-
hole probes. These surveys were referenced to a Pitot-static
probe located 73 mm upstream of the blade pack leading edge
line. : .
Cascade inlet flow profiles were documented by five-hole
probe measurements approximately 36 mm upstream of and
parallel to the leading edge line. Outlet flow profiles were
measuréd parallel to the trailing edge line and 31.9 percent
chord downstream of this line. Inlet velocity surveys were made
after the outlet flow had been determined to be satisfactory.
Inlet surveys showed some streamline bending due to the pres-
ence of the blades and the inlet values presented represent an
average value of measurements over two blade spacings.

The Laser Doppler Velocimeter

All blade boundary layer and near-wake measurements were
made using a single component LDV, The LDV system was
described in detail in Part 2 of this study (Deutsch and Zierke,
1988a). For completeness, a brief description is included here.

For all the LDV measurements, a specially designed tra-
versing mechanism was used that matched the arc of motion
of an optics cradle to that of the blade curvature. All meas-
urements were made in the plane of the local blade normal.
Prior to the LDV measurements, a reference distance was
established by focusing the LDV measurement volume on an
insert, which securely fit over the blade. Repeatability in es-
tablishing a measurement reference was estimated to be +0.05
mm, and this uncertainty is probably the major source of
scatter in the velocity data.

A five-watt, Spectra-Physics, argon-ion laser and standard
TSI backscatter optical components were used Tor the meas-
urements. The ellipsoidal measurement volume was reduced
through the use of a (2.71:1) beam expander: The predicted
measurement length in the normal to the blade direction was
33 um. Optical shifting at 5 MHz was used throughout. Note
that to measure close to the blade surface, we tilted the optical
cradle at an angle of roughly 1 deg. Silicon carbide particles
having a mean diameter of 1.5 um were used for laser seeding.

LDV data acquisition and reduction were accomplished by
using a direct link to a VAX 11/782 computer. Mean velocity,
local turbulence intensity, skewness, and kurtosis were deter-
mined by ensemble-average and monitored for every point in
a profile. We have found in these boundary layers that an

Nomenclature (cont.)

ensemble size of 200 is sufficient for points at which the local
turbulence intensity is less than S percent, 500 when less than
10 percent, and 1000 thereafter. At each chord position, pro-
files were defined by statistically treating the data for six in-
dividual experiments. Error bands, presented on the LDV data
plots, represent 95 percent confidence levels as determined by
a Student’s ¢ test.

The preliminary data analysis is automated on the VAX
computer. The effect of the normal pressure gradient on the
boundary layer profiles is accounted for first. Details of this
technique are given by Deutsch and Zierke (1986) and follow
the approach suggested by Mellor and Wood (1971) and Ball,
Reid, and Schmidt (1983). Briefly the technique assumes that
the profile may be represented as

Umeas = U + Uiy — Ue
so that the edge velocity, U,, can be determined by extrapo-

lating the outer inviscid flow, u,,, to the wall (where
Upeas = 4 =0) in some reasonable manner.

Cascade Flow Field

Following the completion of the measurements of the flow
field for a 5.0 deg incidence angle, we rotated the entire test
section and established a new periodic, two-dimensional flow
field. Five-hole probe measurements yielded an incidence angle
of — 1.5 deg and a Re, of 501,000. The average inlet velocity
of 32.88 m/sec was computed from the (gage) measurements
of p;=—382.0 Pa and pr,=269.6 Pa. As measured with a
five-hole probe 31.9 percent chord downstream of the blade
trailing edge, the outlet flow yielded an axial-velocity ratio of
1.00 (on a day-to-day basis, the variation was within 3 percent)
and a flow turning angle of 49.4 deg—after averaging across
the three center blade passages. The deviation angle was 14.1
deg. Measurements also give a loss coefficient, &, of 0.094 and
a static-pressure rise coefficient, (C,),, of 0.473 while calcu-
lations using the equation of Lieblein and Roudebush (1956)

__2<e) _[ﬂ} {1_ m L}
“=\e/ cos((By)| cos(B) ¢! cos(By)
(3H12—1>

give an & of 0.071. Our calculation of the diffusion factor of
Lieblein, Schwenk, and Broderick (1953)

¥ = stagger angle
& = boundary layer thickness
(where u=0.99 U,)
o* = displgcement thickness II = Coles’ wake parameter .
= S 1_l> dy p = fluid density (1.205 kg/cm? meas = measure "
0 U, for air) p = pressure surface
8z = depth of backflow o = blade solidity = ¢/s TE = f;laitlll?ln Zlérl;ace
6p = deviation angle = 8,—«; 7, = wall or surface shear stress - _ axial dgirec%ion
e = fluid turning or deflection ¢ = camber angle = k;—«; 0 B tangential direction
angle = 8,—8, w = total-pressure loss coeffi- 1z inlegt (upstream five-hole
n = normalized distance across cient = Pri—Pr, probe measurement station)
the wake . VapV} 2 = outlet (downstream five-
b= momsntum thickness . hole probe measurement
= S 2 <l—l> dy Subscripts . station)
U, U, CL = at the wake centerline .
x = blade metal angle inv = inviscid Superscripts
v = kinematic viscosity (0.150 LE = leading edge — = average over the blade
cm?/sec for air) m = mean flow ' passage
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yields D = 0.555 and shows while a risk of separation still exists
for i= — 1.5 deg, the risk is not as great as for the flow field
with i=15.0 deg (where D =0.658). Figure 2 shows the velocity
triangles for all of the inlet and outlet flow measurements.

The blade static-pressure distributions for both the 5.0 and
— 1.5 deg incidence angles appear in Fig. 3. The vertical lines
in Fig. 3 show the locations of LDV measurements. Integrating
the distribution for i = — 1.5 deg gives a lift coefficient of 0.821.
We can compare this pressure distribution with the pressure
distribution corresponding to the 5.0 deg incidence angle. Al-
though the two distributions are similar, one can notice dif-
ferences that could strongly affect the boundary layers on both
the pressure and suction surfaces. For the — 1.5 deg incidence,
the favorable streamwise pressure gradient near the leading
edge of the pressure surface is much less severe and extends
only to 3 percent chord. Downstream, the flow consists of a
mildly adverse pressure gradient from 3 percent chord to 62
percent chord followed by an increasingly strong acceleration
to the trailing edge. The initially laminar boundary layer con-
fronts a slightly stronger adverse pressure gradient for this
second incidence angle. Transition should occur in this region
with a more probable chance of completion than that of the
transition on the pressure surface at the 5.0 deg incidence.

As for the 5.0 deg incidence case, the very large adverse
pressure gradient at the leading edge of the suction surface
implies a leading edge separation. Unlike the flow for the first
incidence, however, a small favorable pressure gradient exists
on the suction surface from 3 percent chord to 9 percent chord.
Thus the flow history of the suction surface boundary layers
for the first two incidence angles differs and the boundary
layers for the second incidence angle should be thinner. More-
over, although we were not able to measure the leading edge
separation ‘‘bubble’’ for either incidence, it is likely that the
separation bubble will be smaller for i= — 1.5 deg. Both pres-
sure distributions show a vanishing adverse pressure gradient
near 80 percent chord indicating a possible separation region
near the trailing edge of the suction surface.

Results from the surface flow visualization corroborate the
blade static-pressure distribution results on the suction surface.
With 95 percent confidence, the chemical sublimation method
shows a region of low shear stress at 45.1 percent + 2.3 percent
chord indicating that separation occurs a little earlier for the
—1.5 deg incidence than for the 5.0 deg incidence. On the
pressure surface, however, the surface flow visualization gave
some surprising results. With the same level of confidence, a
region of low shear stress was found between 14.0 percent +
5.5 percent chord and 38.2 percent = 5.2 percent chord. Thus
the results indicate a separation region rather than the antic-
ipated transition region. '

As shown on the blade static-pressure distribution in Fig.
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Fig. 3 Blade static-pressure distributions

3, we measured boundary layers at 12 chord locations on the
pressure surface. Figure 4 shows these boundary layer profiles.
At this incidence angle, the streamlines near the leading edge
show less curvature than they did at the 5.0 deg incidence.
Therefore, the inviscid region of the velocity profiles is quite
linear. Again, the error bands give 95 percent confidence bands
as determined by the Student’s ¢ test. These bands tend to
represent the repeatability of measuring at the same spatial
location for each of the six tests and are only visible when the
boundary layer is very small and the velocity gradient is very
large.

Suction surface boundary layers were measured at 11 chord-
wise locations. Figure 5 shows the velocity profiles and Fig. 3
shows the location of these profiles relative to the blade static-
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Fig. 4 Measured pressure surface boundary layers for i= — 1.5 deg

Fig. 5 Measured suction surface boundary layers for i= - 1.5 deg

pressure distribution. Once again, a linear, normal pressure

gradient is evident. As expected from the pressure distribution
and the surface flow visualization, separation occurs near the
trailing edge.

LDV measurements of the near wakes were made at 106.0
percent chord and 109.7 percent chord, while five-hole probe
measurements of the far wake were made at 131.9 percent
chord. Figure 6 shows the mean values and 95 percent con-

Journal of Turbomachinery

Downloaded 01 Jun 2010 to 171.66.16.66. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm

60.2

Sonunm
ey

' o

emungd®

N mmm——

T T

u, m/sec

!
-

.Mumlm'l. ik

e

T

=
T eaaeaa e

ey Swmmt

s
sfll
""“!.“ 8

70.6

) 'l L i
90310 20 30 40 50
u, m/sec

T.E.

fidence bands for the measurements of all three wake profiles.
Similarly to the 5.0 deg incidence, the near wakes are asym-
metric and show negative mean velocities at the wake center.
The far wake shows symmetry and a much shallower depth
than the near wakes. Surprisingly, however, the width of the
far wake is similar to the widths of the two near wakes.

A third periodic, two-dimensional flow field was established
by once again rotating the entire test section. Inlet five-hole
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Fig. 6 Measured wakes for i= —1.5 deg

probe measurements yielded an incidence angle of —8.5 deg
and a Re, of 507,000. The average (gage) measurements of
p1=—315.8 Pa and pr, =351.6 Pa result in an average inlet

velocity of 33.28 m/sec. The outlet flow showed a substantially
different flow field at this incidence angle than the flow fields
that existed at the first two incidence angles. The periodic flow
field showed very small wakes as measured with a five-hole
probe 31.9 percent chord downstream of the blade trailing
edge—indicating a substantially reduced region of separation,
relative to the first two incidence angles.

The five-hole probe measurements give an average turning
angle of 45.1 deg and a static-pressure rise coefficient, (C,),,
of 0.421. The velocity triangles are shown in Fig. 2. A deviation
angle of 11.4 deg and a loss coefficient, &, of 0.028 also indicate
a reduced region of separation relative to the values from the
first two incidence angles. Using the equation of Lieblein and
Roudebush (1956), we computed values for @ of 0.024 and
0.018 using the far-wake data at 131.9 percent chord and 152.6
percent chord, respectively. The diffusion factor of Lieblein,
Schwenk, and Broderick (1953) gives 0.452, which also shows
areduced risk of separation (relative toi=5.0degand i= — 1.5
deg where D equals 0.658 and 0.555, respectively).

The blade static-pressure distribution, for i= —8.5 deg, is
shown in Fig. 3. Note that the chord location of maximum
blade loading has moved from the leading edge (for i=15.0 deg
and i= — 1.5 deg), downstream to about 21 percent chord. The
large adverse streamwise pressure gradient near the leading
edge has shifted from the suction surface to the pressure sur-
face. This shift implies that a leading edge separation occurs
on the pressure surface for this incidence angle. The adverse
gradient on the pressure surface becomes less severe with down-
stream distance until near 75 percent chord, where a favorable
gradient gradually becomes more pronounced toward the trail-
ing edge. A strong acceleration of the flow exists on the first
18 percent chord of the suction surface and one would expect
laminar boundary layers in this region. Either transition or
separation should be expected on the aft 82 percent chord where
the flow decelerates. Unlike the pressure distributions for the
first two incidence angles, however, no extended region of zero
streamwise pressure gradient exists near the trailing edge of
the suction surface indicating no extended region of separation.

For this incidence angle, we attempted two types of surface
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flow visualization: the chemical sublimation method and the
oil film method. On the pressure surface, the oil film method
showed oil accumulating near the leading edge, which indicated
a possible separation and reattachment. On the suction surface,
both methods showed some interesting results. To 95 percent
confidence, the oil film method showed that the flow detached
from the surface at 35.3 percent = 2.0 percent chord and
reattached to the surface at 59.8 percent £ 2.3 percent chord.
Meanwhile, the chemical sublimation method showed transi-
tion to occur at 56.0 percent + 0.8 percent chord. Evidently,
the appearance of a separation bubble has triggered transition
from laminar to turbulent flow. The oil film method also shows
a possible separation very near the trailing edge and evidence
of the corner disturbances near the sidewalls. However, both
surface flow visualization methods show an adequate core
region of two-dimensional flow,

Figures 7 and 8 show the LDV measured velocity profiles—
both mean values and 95 percent confidence bands—on the
pressure and suction surfaces, respectively. The normal pres-
sure gradients are linear as they were when /= — 1.5 deg. Near
the leading edge of the suction surface, no discernible boundary
layer could be measured since the strong acceleration causes
the boundary layers to be very thin.

Wakes were measured in two locations in the near-wake
region and two locations in the far-wake region. Figure 9 shows
the LDV measurements at 106.0 percent chord and 109.7 per-
cent chord and the five-hole probe measurements at 131.9
percent chord and 152.6 percent chord. As one might guess,
these wake profiles look quite different from the wake profiles
for the other two incident angles. The near wakes are nearly
symmetric and show no mean negative velocities—again in-
dicating that no large region of separation occurs at the blade
trailing edge. The symmetric far-wake profiles become much
less deep but change very little in width.

Pressure Surface for a —1.5 Degree Incidence

The blade static-pressure distributions of Fig. 3 and the
measured velocity profiles of Fig. 4 showed some differences
between the pressure surface flow fields for i= — 1.5 deg and
i=5.0 deg. After accounting for the normal pressure gradient
and determining U, and §*, we plotted the velocity profiles in
outer variables. For the boundary layers at 4.3 percent and
9.7 percent chord, the comparisons between the data and the
similarity solutions of Falkner and Skan (1931) were poor
because the calculated values of 6* used to normalize y are
questionable in these extremely thin boundary layers. Com-
parisons at 20.5 percent and 30.3 percent chord show a con-
tinuing decrease in streamwise momentum of the measured
profiles relative to the Falkner-Skan profiles: Falkner-Skan
solutions could not be computed at 40.0 percent chord and
downstream since the values of 8 (a streamwise pressure gra-
dient parameter) indicated that laminar boundary layers would
separate at these chord locations. The profiles at 40.0 percent
and 49.7 percent chord are similar to the profiles on the suction
surface at i = 5.0 deg where the boundary layers are recovering
from a leading edge separation bubble.

At chord locations 49.7 percent chord and downstream, we
successfully fit the data to the wall-wake equation. However,
since the boundary layers at 49.7percent chord and 55.1 percent
chord showed negligibly small logarithmic region, transition
to turbulence may not be complete. The wake region vanishes
near the 80.0 percent chord location (the wake parameter of
Coles (1956), P;, becomes zero). Downstream, the values of
II become negative—corresponding to the increasingly strong
favorable streamwise pressure gradient.

A review of the flow visualization results shows a region of
low shear stress between 14.0 percent =+ 5.5 percent chord and
38.2 percent + 5.2 percent chord. These results, in conjunction
with the outer variable plots, seem to indicate the presence of
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a laminar flow separation bubble with at least a partial tran-
sition to turbulence. Completion of the transition to turbulence

may take place downstream of the separation bubble. This

speculation may seem strange since we found no flow reversal
in any of the boundary layers measured on this surface. Later
results, measured on the suction surface when /= — 8.5 deg,
however, seem to indicate that we may not have penetrated
the boundary layers far enough to find any backflow. The
empirical relationships of Abu-Ghannam and Shaw (1980) place
the onset of transition at 40.6 percent chord. This location
may be in the correct vicinity, but we should ignore it since
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these empirical relationships come from data of ‘‘natural”’
transition with no separation bubble. Transition, however,
does take place. Because the transition to turbulence results
in boundary layers with more streamwise momentum, a plot
of mean velocity versus percent chord at a fixed distance above
the blade can help determine the location of transition. Figure
10 shows this plot for y=0.254. The initial decrease corre-
sponds to boundary layer growth. A sharp rise from the 55.1
percent chord location to the 70.3 percent chord location cor-
responds to transitional boundary layers. The mean velocity
stops increasing and begins decreasing—indicating that tran-
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Fig. 9 Measured wakes for i= —8.5 deg

sition to turbulence is complete. We did not observe such a
complete transition at i=5.0 deg.

In order to better determine the locations of separation and
transition, we computed integral parameters using spline fits
of the data, Falkner-Skan solutions, a STANS solution, and
a least-squares fit of the data to the wall-wake equation. STANS
is a computer code developed by Crawford and Kays (1976)
to numerically solve the boundary layer equations. Figure 11
shows these parameter plots as well as our best estimate of
how the parameters actually vary—as determined by a com-
plete analysis of all the data. The plots of 6* and Rey in Fig.
11 give little evidence of any separation and transition. Up-
stream of the 40.0 percent chord location, the very thin bound-
ary layers give questionable values of the integral thicknesses
and the STANS solution seems to be the most reliable. At 30.4
percent chord, STANS computes a Rey of 250 and activates
its transition turbulence model.! At 36.5 percent chord, the
STANS solution fails to converge—indicating the onset of
separation. Downstream of the 40.0 percent chord location,
the calculations using both the spline fit and the wall-wake fit
give similar results. Note that the boundary layers become
thinner near the trailing edge as the streamwise pressure gra-
dient becomes more favorable.

Just before the separation bubble is reached and the STANS
solution diverges, a sharp rise in H,, occurs as seen in Fig. 11.
Separation of a laminar boundary layer is normally indicated
when H,, goes to 3.5 and this corresponds to 35.1 percent
chord. Downstream of the peak value of H,, (near 37.3 percent
chord where H,=3.9), the values of H|;, do not leave the
laminar regime and enter the turbulent regime until 52.0 per-
cent chord.

iCrawford and Kays (1976) suggest a value of Re, between 200 and 300 for
the onset of transition.
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Fig. 10 Variation of mean velocity, 0.254 mm from the blade, on the
pressure surface for i= — 1.5 deg

The clearest indication that a separation bubble truly exists
is shown in the plot of skin friction coefficient in Fig. 11.
Observing the STANS solution, we see that C; starts at infinity
at the leading edge, decreases rapidly, and finally vanishes near
37.3 percent chord. Downstream, the values of C; computed
from a fit of the wall-wake equation increase rapidly as we
might expect of transitional boundary layers. A further in-
crease in Cy occurs near the trailing edge where a large fa-
vorable pressure gradient exists. Here we decided to use the
values of Cythat come directly from the fit of the wall-wake
equation, since the calculations using the spline fit must employ
the equation of Ludweig and Tillman (1949), which may not
be valid in this region.

The turbulence intensities on the pressure surface show trends
similar to the turbulence intensity plots for the pressure surface
boundary layers when i=5.0 deg. The initial boundary layers
had velocity distributions with larger standard deviations than
one would deem as physically possible for laminar boundary
layers. As we discussed previously (Deutsch and Zierke, 19885),
the reason for these enlarged velocity distributions is not tur-
bulence intensity, but a combination of mean-velocity-gradient
broadening and a vibration of the LDV measurement volume,
From 30.3 percent chord to 60.5 percent chord, a peak in
turbulence intensity, as is usual for transition, occurs away
from the blade. Then, as the transition to turbulence ends, the
peaks move closer to the blade surface. These peaks move to
the blade surface sooner for i= — 1.5 deg than for i=5.0 deg.

Suction Surface for a — 1.5 Degree Incidence

After observing the measured velocity profiles of Fig. 5, we
concluded that the suction surface boundary layers fori= — 1.5
deg and i=5.0 deg were similar. Both surfaces included a
leading edge separation bubble and a.trailing edge separation
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Fig. 12 Variation of displacement

thickness, momentum thickness

Reynolds number, first shape factor, and skin friction coefficient on the

suction surface for i= — 1.5 deg

of the turbulent boundary layer. However, the turbulent bound-
ary layers for i= — 1.5 deg were thinner because of both the’
small region, with a favorable streamwise pressure gradient,
from 3 percent chord to 9 percent chord and the likelihood of
a smaller leading edge separation bubble.

Since all the boundary layers on this surface were turbulent,
we fit all of the profiles to both a spline and the wall-wake
equation. Outer variable plots showed another difference be-
tween this flow field and the suction surface flow field for
i=5.0 deg. The boundary layers immediately downstream of
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the leading edge separation bubble do not show signs of re-
covery—even though the boundary layers have clearly tran-
sitioned to turbulence. The small region of accelerated flow
and the smaller leading edge separation bubble seem to have
hastened the recovery process. Downstream, the boundary layer
at 60.2 percent chord shows a slight inflection; the inflections
become larger and finally negative mean velocities become
evident at 90.3 percent chord. Another difference in the suction
surface boundary layers for i= —1.5 deg and i=5.0 deg is
evident in the inner variable plots. While the wall-wake equa-
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Fig. 13 Instantaneous backflow measurements on the suction surface
for i= — 1.5 deg

tion fit the data for /= 5.0 deg well for all the boundary layers
prior to detachment, this is not the case for i= — 1.5 deg. The
boundary layers at 7.3 percent and 9.3 percent chord have a
substantial logarithmic region and fit the wall-wake equation
well, For 14.5 percent and 19.7 percent chord, the logarithmic
region becomes quite small and the fit to the wall-wake equa-
tion worsens. While we could fit the boundary layers at 30.1
percent, 40.5 percent, and 49.8 percent chord, the fits were
poor and no discernible logarithmic region is evident. Further
downstream, the boundary layers at 60.2 percent and 70.6
percent chord fit the wall-wake equation well in the region just
upstream of detachment.

Both the wall-wake and spline fits were used to compute
various boundary layer parameters. Figure 12 shows the
boundary layer growth in terms of §* and Rey. Except that the
boundary layers are thinner, they grow in much the same
manner as the suction surface boundary layers for i= 5.0 deg.
The shape factors in Fig. 12 show turbulent values from the
leading edge until 62.0 percent chord where the H|, takes on
a value of 2.2—an initial indicator of turbulent separation.
Using the relation of Sandborn and Kline (1961) for inter-
mittent separation

1
le = 1 + —6* y

8

gives a location of 70.9 percent chord and a first shape factor
of 2.73. Both of these indicators show separation for i= — 1.5
deg to be slightly downstream of the corresponding locations
for i=5.0 deg. Remember that the flow visualization showed
a region of low shear stress at 45.1 percent =+ 2.3 percent
chord—indicating that separation for i= — 1.5 deg is slightly
upstream of separation for i = 5.0 deg. Because of the difficulty
in finding a satisfactory run time for the flow visualization
tests, we might conclude that locating separation from flow
visualization is less accurate than locating separation by ana-
lyzing the LDV data.

Figure 12 shows how the skin friction coefficient changes
with chord location. Similarly to the suction surface for i=5.0
deg, Cyis zero at the leading edge because of the separation
bubble. The values of C rise sharply to a peak value larger
than was the case for i=5.0 deg: Again, we might expect this
large value of C; because of the region of accelerated flow.
The skin friction vanishes near 85.8 percent chord. Unfortu-
nately, the calculations of Cy using the spline fit and the Lud-
weig-Tillman equation give smaller and more scattered values.
From our experience, despite the very small logarithmic regions
in many of the boundary layers, we still have more confidence
in the values of Cythat come directly from fitting the data to
the wall-wake equation.

250/ Vol. 112, APRIL 1990

Since separation of turbulent boundary layers occurs over
a finite region and not just where Cy=0, we can examine the
entire process of separation by plotting instantaneous backflow
in Fig. 13. Figure 13 shows the instantaneous backflow at each
LDV measurement station for several distances from the blade.
The results are very similar to the data for /= 5.0 deg. Using
the definitions of Simpson, Chew, and Shivaprasad (1981), we
can locate incipient detachment (1 percent instantaneous back-
flow) at 60.8 percent chord and intermittent transitory de-
tachment (20 percent instantaneous backflow) at 72.1 percent
chord. As was true at 5.0 deg incidence, the position where
H,;=2.2 seems to indicate incipient detachment while the re-
lation of Sandborn and Kline (1961) seems to indicate inter-
mittent transitory detachment. Also, transitory detachment (50
percent instantaneous backflow) occurs at 82.1 percent chord—
very near the detachment point where C,=0.

The mean backflow data at 90.3 percent chord may be plot-
ted nondimensionally along with the mean backflow data at
94.9 percent chord for /= 5.0 deg using the maximum backflow
velocity as the velocity scale and the total backflow thickness
as the length scale. Both sets of data show good similarity
when plotted in this manner. The data collapse well with several
data sets measured by Simpson, Strickland, and Barr (1977)
and Simpson, Chew, and Shivaprasad (1981).

Some final physical insight can be obtained by considering
the turbulence intensity profiles. With one exception, these
profiles look very similar to the turbulence intensity profiles
for the suction surface when = 5.0 deg. Again, the small region
with a favorable streamwise pressure gradient seems to have
accelerated the recovery from the leading edge separation bub-
ble. Therefore, the maximum mean-shear rate remains very
close to the blade surface and the maximum turbulence inten-
sity also will remain very close to the blade surface. Just like
the turbulence intensities for i=5.0 deg, the turbulence in-
tensities for i= — 1.5 deg track the location of maximum mean-
shear rate in the turbulent separation region and the peaks
move away from the blade surface. Very large 95 percent
confidence bands occur at 90.3 percent chord when the mean
velocities become negative.

Wakes for a — 1.5 Degree Incidence

A similarity analysis of the near and far wakes give results
resembling the results for i= 5.0 deg. The near wakes at 106.0
percent and 109.7 percent chord fail to show similarity with
the Gaussian distribution of Lakshminarayana and Davino
(1980)

U,—u
Ue— U

Similarity does hold for the far wake at 131.9 percent chord.
As with the suction surface boundary layers, the difference
between the wakes at the 5.0 and — 1.5 deg incidence angles
is the smaller shear layer thickness for i= — 1.5 deg. Since the
displacement of the free-stream fluid is smaller for i= — 1.5
deg than for i=5.0 deg, the wake is not forced to migrate as
far from the extended chord line. Some strong curvature of
the wake centerline is evident in the near-wake region and this
indicates that some trailing edge loading does exist (as seen in
the blade static-pressure distribution in Fig. 3).

Turbulence intensity profiles for the two near wakes at
i=—1.5 deg look very similar to the near wake profiles for
i=5.0 deg. Both sets of profiles show asymmetric wakes with
the turbulence intensity peaks displaced from the wake cen-
terline. All of these wakes show a large scatter in turbulence
intensity data in the regions of mean backflow.

= o~ 069392

Pressure Surface for a — 8.5 Degree Incidence

The large adverse pressure gradient near the suction surface
leading edge for the 5.0 and — 1.5 deg incidence angles has
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Fig. 14 Variation of displacement thickness, momentum thickness
Reynolds number, first shape factor, and skin friction coefficient on the

pressure surface for i= — 8.5 deg

shifted to the pressure surface leading edge for the —8.5 in-
cidence angle as seen in Fig. 3. Thus the separation bubble is
now on the pressure surface. This separation bubble leads to
an immediate transition and causes all of the measured bound-
ary layers in Fig. 7 to be turbulent. After accounting for the
normal pressure gradient, we fit each velocity profile to both
a spline and the wall-wake equation. Despite the expected
transition caused by the leading edge separation bubble, the
first few boundary layers are very thin and only a few data
points were acquired within the boundary layer. Because of
these very few data points, we find it difficult to observe any
evidence of a recovery from the leading edge separation bubble.
Downstream, all of the profiles look like typical turbulent
boundary layers. The inner variable plots also are typical of
turbulent boundary layers. The wake region is quite small for
all of the boundary layers—although the size of the wake region
is probably distorted near the leading edge because of the very
few data points.

Data fits to both a spline and the wall-wake equation were
used to calculate various boundary layer parameters. Figure
14 shows the boundary layer growth in terms of 6* and Re,.
The boundary layers grow rapidly at first and then grow with
a decreasing rate until the favorable streamwise pressure gra-
dient near the trailing edge causes the boundary layers to be-
come thinner. The values of Re, also present a dilemma. While
we expect all turbulent boundary layers on this surface, the
values of Reg for the first few boundary layers seem too small
to support turbulence. Recall that Murlis, Tsai, and Bradshaw
(1982) found no logarithmic region, at zero pressure gradient,
for Reg less than 700 and Smits, Matheson, and Joubert (1983)
found no logarithmic region, at favorable pressure gradients,’
for Rey less than 261. Near the leading edge, we could expect
even larger minimum values of Re, since the streamwise pres-
sure gradients are adverse. However, despite the limited amount
of data, we did fit all of the boundary layers to the wall-wake
equation even though Re, did not reach 700 until 49.7 percent
chord.

The first shape factor plot in Fig. 14 shows another inter-
esting development. The values of H;, for all of the boundary

Journal of Turbomachinery

layers lie within the turbulent regime when we use the fit to
the wall-wake equation for calculating H;,. However, when
we use the spline fit to calculate H;,, the boundary layers
through 20.5 percent chord show values larger than 2.2. As
seen in Fig. 14, differences also occur in calculating C; when
using the two types of fits. From analyzing the boundary layers
on the previous surfaces and incidence angles, we have found
that obtaining Cy directly from fitting the data to the wall-
wake equation gives better results than obtaining C; from the
spline fit and the equation of Ludweig Tillman (1949). Since
a leading edge separation bubble must exist, Cyshould be zero
very close to the leading edge. We assume then that C, must
rise to the value at 9.7 percent chord as obtained from the fit
to the wall-wake equation—even though the values of C; cal-
culated this way do not imply a zero value of Cyat the leading
edge. The recovery from the leading edge separation bubble
may be complete before 9.7 percent chord. The values of C;
calculated from the spline fit and the Ludweig-Tillman equa-
tion do imply a zero value of Cyat the leading edge. However,
these values fail to show the expected trends at other chord
locations. Using the fit to the wall-wake equation, we see that
Cy does decrease in the region of adverse pressure gradient,
level off as the pressure gradient diminishes, and increase near
the trailing edge where a favorable pressure gradient exists.

. The turbulence intensity plots show typical results in the
absence of transition and separation regions. The maximum
value of turbulence intensity for all of these boundary layers
lies very close to the blade surface. The boundary layers close
to the leading edge do not show any signs of the recovery from
the leading edge separation bubble.

Suction Surface for a — 8.5 Degree Incidence

Recall that a strong favorable streamwise pressure gradient
was found on the first 18 percent chord of the suction surface
for i= —8.5 deg (see Fig. 3). Expecting laminar boundary
layers within this region, we found that the boundary layers
at.10.4 percent and 19.7 percent chord were too thin to meas-
ure. Without these measurements, we could only use our Falk-
ner-Skan and STANS solutions to study the behavior of the
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Fig. 16 Variation of displacement thickness, momentum thickness
Reynolds number, first shape factor, and skin friction coefficient on the

suction surface for i= — 8.5 deg

leading edge boundary layers. For all of the remaining bound-
ary layers of Fig, 8, we fit the data to splines (after accounting
for the normal pressure gradient) and attempted to fit the data
to the wall-wake equation. After this initial analysis, we plotted
the velocity profiles in outer variables in Fig. 15. The data at
30.1 percent chord compare very well to the Falkner-Skan
solution, which indicates the boundary layers remain laminar
until this location. The Falkner-Skan solution failed at 40.5
percent chord and the outer variable plot here showed a slight
point of inflection. At 49.8 percent and 55.0 percent chord,
the outer variable plots showed that the boundary layers were
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separated. The boundary layer seemed to have recovered by
60.2 percent chord, which signified the presence of a separation
bubble. Downstream, the boundary layers appeared turbulent
and eventually, the adverse pressure gradient led to a slight
point of inflection in the profile at 97.6 percent chord. We
were able to fit all of the boundary layers from 60.2 percent
chord to 97.6 percent chord to the wall-wake equation, but
only the boundary layer at 70.6 percent chord gave a convincing
fit. We can conclude that the separation bubble caused the
laminar boundary layer to transition to turbulence. However,
the recovery from this separation bubble and the near sepa-
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Fig. 17 Instantaneous backflow measurements on the suction surface
for i= — 8.5 deg

ration of the trailing edge turbulent boundary layer led to a
very small logarithmic region for most of the turbulent bound-
ary layers downstream of reattachment.

The boundary layer growth on this surface is dominated by
the existence of a substantial separation bubble. The chordwise
variation of 6* in Fig. 16 shows a sudden rise in the boundary
layer growth after the 30.1 percent chord location. The growth
levels off and then suddenly 6* decreases until just downstream
of the 60.2 percent chord location. Since the separation bubble
leads to a rapid transition to turbulence, we expect to see a
sharp rise in Rey just before reattachment. Figure 16 shows
this sharp rise between the 55.0 percent and 60.2 percent chord
locations. The STANS solution fails to predict any evidence
of separation. After the initially laminar boundary layer,
STANS predicts that the adverse streamwise pressure gradient
will induce a ““natural’’ transition between 22.9 percent and
44.2 percent chord. The numerical solution predicts no bubble
shape in the chordwise §* variation and only a gradual rise in
Re, from the laminar region to the turbulent region.

The variation of Hj, in Fig. 16 shows the most dramatic
representation of the separation bubble. Near the leading edge,
the Falkner-Skan and STANS solutions show values of Hj, in
the laminar regime. Calculations using the spline fit, as well
as the Falkner-Skan solution, show H,, increasing at the 30.1
percent chord location. H;, continues to rapidly increase—
according to the spline fit calculation—with a laminar sepa-
ration value of 3.5 occurring near 31.9 percent chord. As was
the case of 6*, H}, peaks near 51.9 percent chord. Between
the 55.0 percent and 60.2 percent, H}, drops very rapidly as
the separation bubble induces a sudden transition to turbu-
lence. The values of Hj, enter the turbulent regime near 59.0
percent chord. From 70.6 percent chord through 90.3 percent
chord, H;, remains nearly constant before rising to the tur-
bulent separation value of 2.2 at the trailing edge. Again,
STANS gives values of H,, that decrease in a region of natural
transition since no separation bubble was predicted.

The STANS solution gives the values of Cynear the leading
edge. As shown in Fig. 16, C; decreases asymptotically from
infinity at the leading edge. As with the other boundary layer
parameters, however, STANS5 predicts a natural transition,
which results in a sharp rise in C;. In actuality, this sharp rise
in C; should be delayed until C; vanishes near the peak lo-

cations of 6* and H,, at 51.9 percent chord. Then, as transition"

takes place, C;should rise to the values obtained from fitting
the data to the wall-wake equation. After the 70.6 percent
chord location, C, decreases in the region of adverse stream-
wise pressure gradient and nears a value of zero as the turbulent
separation process begins near the trailing edge.

On this surface, surface flow visualization tests proved es-
pecially useful in determining the location of the separation
bubble as well as the location of peak transition within the
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bubble. To 95 percent confidence, the oil film method placed
the location of laminar detachment at 35.3 percent + 2.0
percent chord and turbulent reattachment at 59.8 percent -+
2.3 percent chord. The chemical sublimation method located
the peak transition at 56.0 percent =+ 0.8 percent chord, to
the same level of confidence. The oil film method also showed
a possible separation of the turbulent boundary layer near the
trailing edge. Note that the chemical sublimation method in-
dicated transition for the separation bubble and separation
and reattachment for the very small separation bubble on the
pressure surface for i= —1.5 deg.

Because the transition to turbulence results in boundary
layers with more streamwise momentum, a plot of mean ve-
locity versus percent chord at a fixed distance above the blade
can help determine the location of transition. Most of the
transition process takes place between 55.0 percent and 60.2
percent chord where a sharp increase occurs in mean velocity.
Transition seems complete beyond the 70.6 percent chord lo-
cation as the mean velocity decreases from this location to the
trailing edge.

Besides the mean velocity data, the LDV measurements also
provide information on flow reversal. Figure 17 shows the
chordwise variation of percent backflow at several different
distances from the blade surface. The backflow data between
the 40.5 percent and 60.2 percent chord locations give the
appearance of a bubble. For all distances from the blade sur-
face, the maximum percent backflow occurs at the 55.0 percent
chord location where a value of 46.7 percent can be found
0.254 mm from the blade surface. However, larger values of
maximum percent backflow might occur closer to the blade
surface. For only one chord location could we measure the
velocity closer than 0.254 mm from the surface with the LDV.
At 49.8 percent chord, the maximum percent backflow rose
from 14.1 percent to 60.3 percent as we moved the LDV meas-
urement volume from y=0.254 mm to y=0.127 mm. The
major region of flow reversal seems to occur very close to the
blade surface. This same flow phenomenon seems to account
for our failure to measure any backflow on the pressure surface
at i= — 1.5 deg where a very small separation bubble almost
certainly exists. Finally, as the turbulent boundary layer near
the trailing edge approaches separation, we measured some
backflow at 97.6 percent chord—Ileading to an incipient de~
tachment point (with 1 percent instantaneous backflow) near

91.7 percent chord.
Figure 18 shows how the turbulence intensity profiles vary

with chord location. Within the initial laminar boundary lay-
ers, the turbulence intensity levels are low—the problems with
mean-velocity-gradient broadening and vibration (Deutsch and
Zierke, 1988b) of the LDV measurement volume are not ev-
ident since we just barely penetrated these boundary layers.
By 30.1 percent chord, the levels of turbulence intensity rise,
with a peak value located away from the blade surface. This
trend continues through 60.2 percent chord as expected in
regions of transition and separation. Note the small turbulence
intensity very close to the blade surface at 49.8 percent chord.
This location corresponds to the point of maximum H,;; and
percent backflow, just as the separation bubble induces tran-
sition to turbulence. Beyond 60.2 percent chord, the peak in
turbulence intensity lies very close to the blade surface since
the boundary layers are fully turbulent. Near the trailing edge,
at 97.6 percent chord, the peak once again moves away from
the blade surface as intermittent separation of the turbulent
boundary layers has begun.

Wakes for a — 8.5 Degree Incidence

Both the near wakes at 106.0 percent and 109.7 percent and
the far wakes at 131.9 percent and 152.6 percent were nearly
symmetric and show good similarity with respect to the Gaus-
sian distribution of Lakshminarayana and Davino (1980) (away
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from the wake edge). Having near-wake similarity seems in
contrast with our data from the first two incidence angles as
well as the data of Hobbs, Wagner, Dannenhoffer, and Dring
(1982). However, these data all showed larger regions of trail-
ing edge separation on the suction surface than did the data
for the current flow field. Evidently, the distance required for
the wakes to show self-preservation is extended farther down-
stream as the size of the trailing edge separation region is
enlarged.

The turbulence intensity profiles are quite different than the
profiles for the near wakes at i=5.0 deg and i= — 1.5 deg.
Although these profiles are not as symmetric as the mean-
velocity profiles, they show more symmetry than the turbulence
intensity profiles at the two previous incidence angles. Also,
the 95 percent confidence bands on the turbulence intensity
measurements are much smaller for i= —8.5 deg. As with all
wakes, however, the peaks in turbulence intensity track the
regions of large mean-velocity gradients and occur away from
the wake centerline.

Conclusions

In order to use the increasing number of viscous compu-
tational codes for turbomachinery applications, we must com-
pare the viscous solutions with detailed and precise data for
various flow conditions. The physical nature of these flow
fields must also be understood. Previously, we presented meas-
urements of the boundary layers and wakes about a double-
circular-arc compressor blade in cascade for an incidence angle
of 5.0 deg. In the current study, we have presented measure-
ments of the boundary layers and wakes on the same blade
for an incidence angle of — 1.5 deg—an incidence angle closer
to the zero-degree design incidence—and an incidence angle
of —8.5 deg—an incidence near minimum loss for this ge-
ometry. Because the stagnation point lay on the pressure sur-
face for the incidence angles of both 5.0 and —1.5 deg, the
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boundary layers for these two incidence angles were somewhat
similar. On the other hand, the boundary layers that developed
at an incidence angle of — 8.5 deg were quite different.

For i=5.0 deg, the initially favorable streamwise pressure
gradient on the pressure surface kept the boundary layers lam-
inar. Eventually, a natural transition took place when the pres-
sure gradient became slightly adverse, but this transition was
incomplete because of the flow acceleration near the trailing
edge. In a similar manner, for /= — 1.5 deg, laminar boundary
layers were evident through at least 10 percent chord even
though the pressure gradient was less favorable for this inci-
dence. Downstream, the pressure gradient was slightly more
adverse than for i = 5.0 deg. As a result, a very small separation
bubble forms, which causes at least a partial transition to
turbulence. Although we were unable to measure the backflow
region of the separation bubble because of its small size, our
analysis of the data showed the existence of this separation
bubble.

As noted, the stagnation point lies on the pressure surface
side of the leading edge for both the 5.0and — 1.5 deg incidence
angles. Thus a very strong adverse streamwise pressure gradient
forms near the leading edge with leads to a very small sepa-
ration bubble and an immediate transition to turbulence. How-
ever, the separation bubble is probably smaller for i= —1.5
deg than it was for i=5.0 deg. In addition, the i= —1.5 deg
flow field has a small region of flow acceleration between 3
percent chord and 9 percent chord that was not found for the
i=5.0 deg case. These flow conditions give a different flow
““history”’ for the — 1.5 deg incidence angle than for the 5.0
deg incidence angle and leads to thinner boundary layers for
i= —1.5 deg. The continuing adverse pressure gradient over
most of the suction surface leads to intermittent separation
near 60 percent chord and detachment near 80 percent chord
for both incidence angles. These separation regions produce
asymmetric near wakes with regions of strong backflow.

At i= —8.5 deg, the stagnation point has shifted to the
suction surface side of the leading edge. Thus near the leading
edge, a very strong adverse streamwise pressure gradient forms
on the pressure surface and a very strong favorable streamwise
pressure gradient forms on the suction surface. The resulting
separation bubble near the leading edge of the pressure surface
leads to an immediate transition to turbulence.

The boundary layers on the suction surface remain laminar
through about 30 percent chord. In the downstream region
with an adverse streamwise pressure gradient, the laminar
boundary layer separates, goes through a nearly complete tran-
sition to turbulence, and reattaches. Since this separation bub-
ble takes place over a region of about 20 percent chord, the
measurements provide sufficient detail for testing computa-
tional codes for a very complex flow phenomenon. Even though
this separation bubble is large relative to the ones on the other
surfaces and incidence angles, the region of flow reversal is
still confined to distances very close to the blade surface.
Downstream of this separation bubble, the boundary layer
begins the turbulent separation process near the trailing edge.

The complete set of measurements, at incidence angles of
5.0, — 1.5, and — 8.5 deg, provide an array of interesting fluid
mechanical ‘‘complications,” so that in spite of its geometric
simplicity, quite sophisticated Navier-Stokes codes will doubt-
lessly be needed to calculate the complete flow field.
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DISCUSSION

N. A. Cumpsty' and Y. Dong?

The authors have obtained a most impressive amount of
data in the four papers culminating in this one. May one ask
if the measurements could be made more accessible: The pre-
sentation in Figs. 4, 5, 7, and 8 is too compact for the results
to be very useful.

The main reason for writing this discussion is, at risk of
being repetitive, to draw attention to the need for caution.
This is based on our own measurements (Dong and Cumpsty,

'Department of Engineering, Whittle Laboratory, University of Cambridge,
Madingley Road, Cambridge, CB3 0DY, United Kingdom.

2New Products Division, Ruston Gas Turbines Ltd., Firth Road, Lincoln,
LN6 7AA, United Kingdom.
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1989). By introducing moving wakes into the two-dimensional
flow in a cascade of supercritical (controlled-diffusion) type
blades, we were able to see very substantial alterations in the
suction and pressure surface boundary layers. The effects were
most pronounced on the suction surface, since this boundary
layer was dominated by a separation bubble in the absence of
wakes or high free-stream turbulence. The wakes initiated tur-
bulence before the separation point and temporarily prevented
separation; after a wake had passed the flow reverted to lam-
inar and a separation occurred. After the turbulent spot there
was a calmed region, in which transition was delayed, and the
net effect of the wakes (and of high free-stream turbulence)
was to delay the completion of transition to a position further
downstream. The transition, and therefore, the subsequent
boundary layer development, depend on the size and frequency
of the wakes and the whole process is an unsteady one.

Our measurements, therefore, bring us to offer a caveat to
the assumption that the measurements by Zierke and Deutsch
will represent the flow inside a compressor. Extreme caution
should be exercised in the use of these data for the calibration
of viscous codes intended for application to compressors. This
is because the process of greatest uncertainty, transition, is
probably quite different in character for this steady low-tur-
bulence test configuration from that which will be found in
the majority of blade rows in a compressor.

Authors’ Closure

The authors would like to thank Professor Cumptsy and
Dr. Dong for their comments. In our opinion, these comments
are well taken if they prevent even one researcher from be-
lieving that matching our data ‘‘validates’’ his code for actual
turbomachinery flows. As we tried to make clear in our pub-
lications and presentations, we acquired our data for the sim-
plest of flows that exhibit some of the aspects of turbomachinery
flow. With this in mind, we would like to see our data used
in the same manner that, say, the Stanford Conference bound-
ary layer data would be used by a researcher interested in a
turbulent boundary layer with large heat addition—as a step
to gain confidence in his code by using it to solve a well-
documented and related, but simpler, problem.

The most surprising aspect of our work, considering its
relatively simple geometry, was the prevalence and importance
of separation ‘‘bubbles.”” Your results then, which are very
interesting, are perhaps not as surprising to us as they may be
to others. We could not agree with you more that the transition
process on turbomachinery blades will be extremely difficult
to model. Not only does the periodic unsteadiness in a tur-
bomachine change the character of this transition process, but
the three-dimensionality of the flow in a turbomachine also
can affect transition. Moreover, it appears likely to us that the
current turbulence models, which are after all derived from
steady flow experiments, also will prove to be inadequate.
Researchers must take great care in moving from the calcu-
lation of our simple flow field to the calculation of the flow
in actual turbomachines. In spite of this, we hope that our
data set will be useful as one step in understanding the physics
of and developing models for these complicated flows.

In answer to your question about the accessibility of the

" results, we are happy to say that the data for all three incidence

angles are available in tabulated form in the NASA Contractor
Report 184118; see Zierke and Deutsch (1989). Also, COSMIC
will soon make a computer tape of the data available.

Additional Reference

Zierke, W, C., and Deutsch, S., 1989, ‘‘The Measurement of Boundary Layers
on a Compressor Blade in Cascade, Volumes I and II,”” NASA Contractor
Report 184118.
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Viscous Flow in'a Controlled
Diffusion Compressor Cascade
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R. P. Shreeve

With Increasing Incidence

A detailed two-component LDV mapping of the flow through a controlled diffusion

Turbopropulsion Laboratory,

Department of Aeronautics and Astronautics,
Naval Postgraduate School,

Monterey, CA 93943

compressor cascade at low Mach number ( ~0.25) and Reynolds number of about
7x 10°, at three inlet air angles from design to near stall, is reported. It was found
that the suction-side boundary layer reattached turbulent after a laminar separation
bubble, and remained attached to the trailing edge even at the highest incidence, at

which losses were 3 to 4 times the minimum value for the geometry. Boundary layer
thickness increased to fill 20 percent of the blade passage at the highest incidence.
Results for pressure-side boundary layer and near-wake also are summarized. In-
Sformation sufficient to allow preliminary assessment of viscous codes is tabulated.

Introduction

Computational Fluid Dynamics (CFD) has enabled the de-
velopment of rational methods for designing axial compressor
blade elements. Several centers (Sanger, 1983; Hobbs and
Weingold, 1984; Dunker et al., 1984, for example) have re-
ported methods for designing ‘‘controlled-diffusion (CD)”’
blading. The approach is to use an inviscid flow computation
(in either the direct or indirect mode) to arrive at a blade shape
over the surface of which the adverse pressure distribution is
such that the computed boundary layer remains attached. Ex-
perimental results have clearly demonstrated (Hobbs and
Weingold, 1984; Dunker et al., 1984; Sanger and Shreeve,
1986) that the design technique works, but also have shown
that the CD blade shapes can sustain a wider range of stall-
free incidence than can Double Circular Arc (DCA) blade
shapes designed for the equivalent design point conditions.
Since stall-margin is extremely important in the design of mil-
itary aircraft gas turbine engines, it is fundamentally important
to be able to predict the off-design and stalling behavior of
CD blading during the compressor design process. Thus ef-
ficient computational methods are required that correctly de-
scribe flows containing viscous effects such as are shown in
Fig. 1. Figure 1 illustrates schematically features that may or
may not all be present within a given blading at a given inlet
air condition. However, whether or not there exists a leading
edge separation ‘‘bubble,”” and where (and over what length)
transition occurs in the boundary layer, will determine whether
(or where) separation will occur in the adverse pressure gradient
on the suction side of the blade. For a computer code to predict
correctly the off-design losses and onset of stall of a given
blading, the code must incorporate the ability to predict and
describe separation bubbles and the process of transition. The
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The purpose of the present investigation was to obtain data
with which to assess the ability of emerging codes to predict
the off-design behavior of (particularly) CD blading.

The work follows the earlier investigation of Sanger and
Shreeve (1986) wherein the design and experimental evaluation
of a particular CD stator cascade was reported. The reported
experimental results included probe surveys to obtain loss coef-
ficients, blade surface pressure distributions, and blade surface
flow observations using the china-clay technique, at seven in-
cidence angles over the useful range of the blading. Guided
by the previous results, in the present study, a two-component
Laser-Doppler Velocimeter (LDV) system was used to obtain
a detailed mapping of the flow throughout the blading at design
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Number of Test Blades = 20
Number of nlet Guide Vanes = 59

Fig. 2 Cascade wind tunnel section

and two higher incidence angles toward stall. Measurements
were obtained of the outer (inviscid) flow through the blade
passage, the suction-and pressure-side viscous layer growth,
and the initial wake development. In the present paper, the
experiment itself is described and results for the suction-side
viscous behavior (which provide the most critical test of a
computational description) are presented and discussed. Other
results are briefly reviewed. Sufficient information is given in
tables to enable a preliminary code assessment to be made by
application to the geometry of the experiment. A complete
account of the experiment and the results was given by Elazar
(1988).

Test Facility and Instrumentation

The subsonic cascade wind tunnel at the Naval Postgraduate
School was used in the present study. The configuration of
the wind tunnel, the test cascade and operating instrumentation
was the same as was reported by Sanger and Shreeve (1986).
The geometry of the test section is shown in Fig. 2. A 0.64 cm
Plexiglas window was located in the removable tunnel front
sidewall in the position shown. Adjustment of the inlet air
angle (8,) required adjustment of the lower endwall (By,),
upper endwall (8y) and inlet guide vanes. The test cascade,
with individual blades cantilevered from a mounting plate at-
tached to the fixed rear sidewall, moved horizontally as the
endwalls were adjusted. To facilitate LDV measurements close
to blade surfaces, two of the machined aluminum blades were
polished and two were black-anodized. The black-anodized

Table 1 Blade coordinates, cascade geometry and test conditions

X Y{pressure side) Y (suction side)
(mm) (mm) (mm)
0.000 0.114 0114 Blade Type Contralled Diffusion
0.056 0.213
0.145 0.005 [Number of Blades 20

2731 cm 0.564 0.112 0.498
1.128 0.257 0.780 Blade Spacing 7.62cm
1.692 0.394 1.024 .
2.256 0.526 1.240 Chord 1273 cm
2.819 0.648 1.425
3.383 0.759 1.577 Solidity 1.67
3.947 0.838 1.684
4.511 0.889 1.755 [ cading Edge Radius 0.114 cm
5.075 0.912 1.791
5.639 0912 1.798 Trailing Edge Radius 0.157 cm
6.203 0.894 1.781
6.767 0.869 1.730 Thickness %
7.330 0.341 1.651
7.894 0.805 1.549 Setting Angle 142 °£0.1°
8.458 0.765 1.430
9.022 0.714 1.295 Stagger Angle 144 °£0.1°
9.586 0.653 1.151
10.150 0.577 0.998 Span 25.40 ecm
10.714 0.485 0.843
11.278 0.371 0.686
11.841 0.226 0.528 Reynolds No.{chord) 700,000
12.405 0.048 0.368 Inlet
12.510 0.010 p 294K
12.609 0.310 Total Pressure 1,03 ATM
12.725 0.157 0.157 Mach Number 0.25
Exlt
{(Coordinate System as in Pigure 13) Static ure 1.00 ATM

blades gave the best results and were installed as blades 7 and
8 from the left end. The surface texture, after anodizing, was
estimated to be better than 1.5 microns. All measurements, at
each inlet air angle, were made using the passage formed be-
tween blades 7 and 8. The cascade contained a total of 20
blades with a span of 25.4 cm across a test section measuring
1.524 m (from left to right in Fig. 2). Forty pressure taps were
provided in blade 10 and six in blade I1.

Blade Cascade Geometry

The CD blade geometry, parameters for the cascade, and
the nominal test conditions for the experiment, are given in
Table 1. The coordinates of the cascade passage, shown in Fig.
3, can be derived using the blade coordinates (Table 1) and
the setting angle (14.2°). Passage coordinates were explicitly
tabulated by Elazar (1988). Figure 3 shows the measuring sta-
tions (1-19) where LDV surveys were made across the passage,
and where boundary layer surveys (made normal to the blade
surface) intersected the blade surfaces. As shown in Fig. 3, the
passage coordinate system was defined with the center of radius
of the trailing edge of the 7th blade as origin.

Nomenclature
AVDR = axial-velocity-density ratio U, = velocity component parallel
¢ = blade chord (12.73 cm) to blade surface at the edge & = boundary layer thickness
C, = pressure coefficient of the viscous layer &* = displacement thickness
¢’ = cascade (axial) chord (12.33 v = velocity component normal A() = uncertainty in
cm) to blade surface measurement ( )
C = constant (for fixed cascade V = velocity # = momentum thickness
geometry) X, X = horizontal displacement
dy = fringe spacing _ (defined in Fig, 3) .
d = distance normal to the X = blade coordinate (defined in Subscripts
blade surface Fig. 13) a = atmospheric
H = shape factor (displacement/ ¥, Y = vertical displacement ¢ = chord
momentum thickness) _ (defined in Fig. 3) i = initial LDV reading, closest
K = beam half-angle Y = blade coordinate (defined in to the surface
L = focal length Fig. 13) L = lower
M = Mach number Y, = location as a fraction of ax- ref = reference, upstream
P = pressure ial chord [=(Y +12.172)/ t = total or stagnation
Re = Reynolds number c’] U = upper
s = blade spacing (7.62 cm) Z = spanwise displacement W = endwall
T = temperature B = air angle (defined in Fig. 1) 0 = plenum
u = velocity component parallel v .= blade setting angle (defined 1 = upstream
to blade surface in Fig. 1) 2 = downstream
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Table 2 LDV system characteristics and estimated measurement un-
certainties

Tiem Descniption Method Uncertaint;
LASER
Type Argon-Ion X |Blade-toBlade Milling Machine 0.25 mm
Manufacturer  Lexel (Passage) Elec. Readout
Nominal Power 1.5 watts
x  iDistance from Milling Machine  [0.05 mm
WAVELENGTH Blade Surface Elec. Readout
Blue 488.0 nm - .
Green 514.5 nm Y |Vertical Milling Machine |0.25 mm
Scale
FRINGE SPACING y |Distance from Milling Machine |0.05 mm
Blue 4.51 pm Blade Surfuce Scale .
Green 476 pm
: z |Spanwise Milling Machine |1.25 mm
FOCAL LENGTH 762.0 mm ' Elec, Readout
Pitch, Roll, Yaw  |Electronic Level [0.1°
NUMBER OF FRINGES 28 of LDV System  |Sperry Model 45
HALF ANGLE 31° Pl Plenum Pressure  {Water 25 Pa
Manometer
MEASURING VOLUME p |Pressure Scanival 12Pa
Length 2.5 mm Transducer
diameter 133.0 um Pan Atm. Pressure Mercury 35 Pa
Barometer
IFREQUENCY SHIFT Tl Plenum Temp. Iron Constantan  [0.14 °C
2kHz - 40kHz ‘Thermocouple
Increments 1,2,5,10 MHz
LDV Counter 1 n-sec
SIGNAL PROCESSOR Clock
Type Counter K [Beam Half Angle 20 arcsec
Manufacturer TSI Mod 1990 (0.2%)
L [Focal Length 7.60 mm
COUNTER SETTINGS (1%)
Filters As Required A |Wavelength 0.1%
Gain As Required
Mode Coincident d [Fringe Spacing 0.3%
Single Measure/Burst
cycle / burst 8 V (Particle Velocity 033% @ 10m/s
Comparison 4% 0.65% @ 100 m/fs

Y (am)
&

LEGEND

Station Y
-14 # (cm)

() -15.982

2 3 4 5 6 7 8 9 10
X (cm)
3 Cascade passage geometry and LDV survey stations

5 4 3 2 1 0

Fig.

Laser Velocimeter System

Optics and Data Acquisition. A four-beam, two color TS1
Model 9100-7 LDV system was used. The system operated in
the backscatter mode. Characteristics of the system are given
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Fig. 4 Components of the LDV system

in Table 2. The components of the system are shown in Fig.
4. The laser was a Lexel, 4-watt argon-ion laser. A prism and
mirror system separated the two colors from which two beams
of each color were generated, equidistant from an optical axis.
The beams, and fringe pattern in the measurement volume,
were arranged vertical/horizontal or at 45°, depending on the
location of the measurement. Two Bragg cells shifted the fre-
quency of one beam in each pair to allow measurements in
regions of reversed flow. After the beam expander, the final
lens produced a focal measurement volume near the midspan
center plane of the wind tunnel test section, 762 mm from the
lens. Two photo-detectors collected light scattered by particles
passing the measurement volume via the same optics. Two TS1
Model 1990 counter-type signal processors received the output
from the photo-detectors and produced digital voltages pro-
portional to the Doppler frequencies of detected events. These
data were transferred by way of an interface to a Hewlett-
Packard Model HP 1000 computer operating with the TS1
data acquisition software program DRP3.

Traverse System. The laser and optics, mounted on an
optical bench, were supported on the bed of a large milling
machine installed on the laboratory floor next to the wind
tunnel. A view of the installation is given in Fig. 5. The mill
was aligned and leveled such that the manual X, y, z traverse
motions of the mill table moved the measurement volume of
the LDV system horizontally (blade-to-blade), vertically (nor-
mal to the leading-edge locus), and fore-and-aft (spanwise)
respectively. While the traverse was actuated manually, the x
and y coordinates were indicated on digital electronic readouts,
which were hand-recorded. The optical bench also could be
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yawed to direct the optical axis +3.5° with respect to the
spanwise direction.

Seeding. Olive oil droplets were used. The particle gen-
erator incorporated a TS1 Model 9302 atomizer driven from
a shop-air supply. Oil droplets carried by the controlled air
pressure were injected by way of a 6.4 mm wand through the
plenum of the wind tunnel below the inlet guide vanes (Fig.
2). Seeding only near the center plane of the flow beneath the
correct pair of guide vanes resulted in a distribution of seed
material across the 7th-8th blade space with no contamination
of the window, and no detectable disturbance to the inlet flow.
Preliminary tests were conducted to optimize the seed particle
distribution. An air pressure of 40 psi was selected to obtain
an average particle size of 0.9 microns with standard deviation
0.45 microns. At this setting, 95 percent of the particles were
smaller than 1.8 microns. These characteristics were considered
to be satisfactory by the criteria proposed by Durst et al. (1976)
or Dring (1982).

Positioning. A special jig, described by Elazar (1988),
was manufactured, which attached to the trailing edges of
blades 7 and 8 at midspan. The jig contained six holes, each
0.033 cm in diameter, on which the measurement volume could
be targeted. When the measurement volume was on target, the
four beams were clearly visible on the back wall of the test
section, and X, Y coordinates of the measurement point were
then known to the accuracy of the jig.

Measurement Uncertainty. The estimated measurement
uncertainties also are given in Table 2. The uncertainties in
the parameters K, L and \ were given by the manufacturer.
Fringe spacing (dy) was calculated following Durst et al. (1976)
as d; = N/sin K. The particle velocity uncertainty (AV/ V) was
calculated using

AV _Ady A Adp VA
v d "t d 84,

where At = instrument clock uncertainty (1 nanosec), and ¢
= 8d/V = time to cross eight fringes. Since the particles do
not follow the flow precisely, the uncertainty in the velocity
can be larger than the uncertainty in the particle velocity. The
uncertainty in positioning. the measuring volume on the blade
surface, which gave an equal uncertainty in the displacement
of the measurement from the surface in boundary layer sur-
veys, was shown by experiment to be less than 0.05 mm.

Experimental Procedure

Program Overview. A preliminary experiment was con-
ducted in which the test blading was removed from the test
section and the inlet and outlet endwalls were set straight at
f=40°. A flat plate was installed in the center of the test
section and the boundary layer development on the flat plate
was measured to verify all aspects of the LDV measurements.
Good agreement of the velocity profiles with the Blasius so-
lution was obtained where the boundary layer was laminar,
and agreement with other published measurements was seen
where the boundary layer was turbulent (Elazar, 1988). The
CD blading was then installed and detailed measurements were
obtained in turn at inlet air angles 8, =40° (the design con-
dition), B;=43.4° (about twice minimum loss) and 3, =46°
(near to stall) as determined by Sanger and Shreeve (1986). At
each inlet air angle, measurements were made to map specific
regions of the flow; namely, the inlet flow field 0.3 chords
upstream of the blade leading edge (Station 1 in Fig. 3); the
passage between the 7th and 8th blades (Stations 2-15 in Fig.
3); the boundary layers on the suction and pressure sides of
the 7th blade (nominally Stations 315 in Fig. 3); and the wake
downstream of the 7th blade (Stations 16-19 in Fig. 3).

Setup Procedure at Each Air Angle. Wind Tunnel Flow
Verification. At each inlet air angle, the inlet and outlet walls
and inlet guide vanes were adjusted to obtain near-uniform
wall static pressure (in the blade-to-blade direction) both up-
stream and downstream of the test cascade (Sanger and Shreeve,
1986). The blade-to-blade flow angle distribution was meas-
ured by surveys with a United Sensor Model DA-125 probe at
1.8 blade chords upstream, and by the LDV system at 0.3
chords upstream. The probe measurements provided verifi-
cation of the inlet flow conditions, which were surveyed ex-
tensively in earlier studies by McGuire (1983), Koyuncu (1984)
and Dreon (1986).

Probe results, spanning four blade passages at design inlet
air angle, were reported by Sanger and Shreeve (1986). LDV
survey results, 0.3 chord lengths upstream of the passage be-
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Fig. 7 Suction surface boundary layer and blade wake measurements
to verify two-dimensionality

tween blades 7 and 8 (as far as the window would allow), are
shown in Fig. 6.

Optical System Alignment. Proper beam crossing and
fringe patterns were verified at intervals while mapping the
flow at a fixed air angle. A complete optical system alignment
was carried out for each inlet air angle. It was preferred to
orient the crossing pairs of beams at about 45° to the flow
velocity vector. Thus, at the lower stations (1-5 in Fig. 3), the
pairs of beams were oriented vertical/horizontal whereas at
stations 6-19, the pairs were rotated through 45°. The inlet
flow and lower passage were surveyed without Bragg cells

" installed. The Bragg cells were installed and frequency shifting
was used at all other stations.

Traverse Positioning. For inlet, passage and wake surveys,
the alignment jig was attached to blades 7 and 8 and the table
was adjusted to target the measurement volume on a specific
target hole. When the pattern of four beams was clearly and
evenly visible on the back wall of the test section, the X, Y
coordinates of the target hole were entered into the digital
electronic readouts. The readouts then indicated the displace-
ment of the measuring volume in the X, Y coordinate system
whose origin lay at the center of curvature of the trailing edge
of the 7th blade.

For boundary layer surveys, first the optical table was yawed
+3.5° horizontally with respect to the table of the milling
machine. The measuring volume was positioned at the required
level (Y displacement), using the alignment jig. The meas-
uring volume was then traversed horizontally (X displacement)
until the four beams crossed on the blade surface. The crossing
was observed by eye and an uncertainty of less than 0.05 mm
was achieved with ease. The digital readouts were set to zero.
The x and y coordinates for displacements normal to the wall
were calculated from the local surface slope.
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Survey Procedures at Each Air Angle. Inlet Flow and Tun-
nel Reference Conditions. An LDV survey was made at Sta-
tion 1 (Fig. 3). The results at each inlet air angle are shown in
Fig. 6. Despite the proximity of the survey to the blades, the
velocity and flow angle were found to be uniform to within
+1 percent and =+0.75°, respectively. In Fig. 6, the local
velocity (V) is shown normalized to a reference velocity (Vi.p)
obtained from tunnel reference parameters at the time of re-
cording the measurement. Such referencing removes the effects
of temporal variations in wind tunnel supply and ambient
atmospheric conditions. It can be shown, using Appendix C
of Elazar (1988), that for small variations in supply and am-
bient atmospheric conditions

Vi = CNTo(Po—P)/P, )

where C'is a constant for a fixed test geometry (inlet air angle).
The value of C at each air angle was calculated as the average

value of V,/N/ T(Pyp— P,)/P, for the points in the inlet flow
survey. A/l velocities measured thereafter were normalized with
respect to the inlet flow reference velocity (V,y), calculated
using equation (1) with the tunnel and ambient conditions at
the time of the measurement.

Passage, Boundary Layer and Wake Surveys. Passage ve-
locities were measured at approximately 30 locations across
each of the 14 stations (Fig. 3) from the leading to the trailing
edge. Boundary layer surveys were made at predetermined
intervals locally normal to the blade surface, beginning at
Station 15 in Fig. 3 (in line with the center of curvature) and
at each station toward the leading edge until the boundary
became too thin. Both pressure and suction surfaces of the 7th
blade were measured. Wake surveys were made at four stations
downstream of the 7th blade (Stations 16~19 in Fig. 3).

Verification of Periodicity and Two-Dimensionality. In
view of the unusually large number of test blades (20), peri-
odicity between adjacent blade passages was to be expected
and had been demonstrated for the central passages in earlier
studies (Sanger and Shreeve, 1986). Periodicity was verified in
the present study by making LDV surveys downstream of the
7th and 8th blades. The blade wakes were indistinguishable
from each other (Elazar, 1988). Two-dimensionality also was
examined since the wind tunnel was not equipped with wall
suction. Previous studies (Sanger and Shreeve, 1988) had shown
that conditions far downstream of the blade trailing edges were
independent of spanwise displacement for + 5 ¢cm from mid-
span. However, conditions within the blade passage could not
be examined at that time. In the present study, LDV surveys
were made in the wakes and through the boundary layers at
the trailing edge of the 7th blade at midspan and at + 2.54
cm from midspan. Wake and suction surface boundary layer
results are shown in Fig. 7.

Data Reduction. The LDV data were acquired using pro-
gram DRP3 on the HP 1000 computer, stored on floppy disks
and transferred to the mainframe IBM 370-3033 for processing.
Tunnel reference measurements were recorded and entered
manually. Separate computer programs were written to reduce,
tabulate and plot results from passage, boundary layer and
wake surveys. Blade surface pressure measurements, acquired
and recorded using the HP 9845 controller, also were trans-
ferred to the mainframe for processing.

Results and Discussion

Inlet Flow. The inlet flow measurements are shown in Fig.
6. At each inlet air angle, the inlet velocity (V) was set to
approximately 85 m/s (Mach number = 0.25). The measured
free-stream turbulence level, the result of the many inlet guide
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vanes (59) far upstream, was 1.4 = 0.2 percent at all conditions.
The average flow angle measured, using the LDV system 0.3
chord lengths ahead of the blading (Fig. 6), was consistent
with measurements made using a pneumatic probe 1.8 chord
lengths upstream; namely, 40.0, 43.4 and 46.0°. At the up-
stream station, the flow angle varied less than 0.1° across one
blade space.

Flow Through the Passage. From blade-to-blade surveys
at 14 stations, from the leading to trailing edge, the streamline
paths through the passage were calculated by integrating the
volume flow rate, Similarly, the local volume flow to the inlet
volume flow for one passage gave the distribution of the AVDR
assuming negligible effect of compressibility. It was found
(Elazar, 1988) that no sudden changes occurred in the geometry
of the streamlines as the incidence was increased. Rather, a
progressive shift occurred away from the suction side of the
passage. This orderly change in behavior is evident in Fig. 8,
which shows the velocity and flow angle variations at the en-
trance- (Station 2) and exit (Station 15) of the passage. The
distribution of the AVDR from the reference inlet station to
downstream of the blading is shown for the three inlet air
angles in Fig. 9. The magnitude of the variation (to a maximum
value of 1.05 just downstream of the blade) was consistent
with previous results (Sanger and Shreeve, 1986) which gave
overall values of 1.04-1.06 based on probe survey measure-
ments well downstream (1.7 chord lengths) and well upstream
(1.8 chord lengths) of the blading. Based on the results in Fig.
9, a linear variation of the AVDR from 30 percent chord
upstream through the blade passage should be used for code
assessment.

Also derived from the passage surveys was the velocity at
the edge of the viscous layer as the suction and pressure surfaces
were approached. The results are shown in Fig. 10. The edge
velocity was taken either as the maximum value of the velocity
(where gradients were large and the boundary layer was thin,
on the suction side near the leading edge, for example) or as
the velocity where the turbulence level departed from its free-
stream value (where gradients were small and the boundary
layer was well defined, on the pressure side near the trailing

APRIL 1990, Vol. 112/ 261
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edge, for example). The curves in Fig. 10 are shown without
data points for clarity in comparing results at increasing in-
cidence. Figure 11 shows, for comparison, the edge velocity
derived from measurements of surface pressure, with the as-
sumption that pressure was constant through the viscous layer
and that the flow was incompressible; namely, U,/ V=

V(a-cy.

It is clear from Fig. 11 that while the two measures of edge
velocity agreed quite well at design incidence (8; = 40°), they
departed from each other as the incidence was increased, no-
tably on the suction side of the blade. In particular, the surface
pressures indicated higher peak velocities than were measured
using the LDV system. Since a large transverse component of
acceleration would be present locally, the ability of the seed
particles to track the streamlines must be questioned, However,
it also is noted that the first computations by Shamroth, using
a Navier-Stokes code applied to the specified geometry and
test conditions (Shamroth, 1987), also did not predict the peak
suction pressures, which were measured pneumatically. As
shown in Fig. 12 however, excellent agreement was obtained
between the predicted and measured pressures at all incidence
angles, except near the suction surface leading edge. Earlier
comparisons of measured pressures with inviscid code calcu-
lations (Sanger and Shreeve, 1986) had shown disagreement
toward the trailing edge, but had tended to confirm the extreme
suction peaks.

Suction-Side Boundary Layer. Illustrative examples of the

results of detailed boundary layer surveys are shown in Fig.
13. Equivalent results to those shown for 38, =46° were ob-
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tained at 3, =40° and 8, =43.4°. The figure shows results for
the velocity components normal (v) and parallel (1) to the
surface, and the turbulence level.

The presence of a separation bubble, detected earlier using
the china-clay technique (Sanger and Shreeve, 1986) was con-
firmed by the LDV measurements. However, no information
on the flow within the separation bubble was obtained since
no particles were detected within the region. The absence of
data near to the wall in surveys at Stations 3 and 4 in Fig. 13
was the result of detecting no observable events. It can be seen
at Station 3 that the particles were found only in the outer
part of the shear layer over the bubble, consistent with the
earlier suggestion that they might not follow the rapid accel-
eration around the leading edge of the blade. The presence of
a negative component of velocity normal to the surface was
consistent with the flow tending toward reattachment down-
stream of the bubble. If the absence of negative components
of velocity normal to the wall was taken to indicate the com-
pletion of reattachment, this point moved from about 15 per-
cent to 30 percent to 40 percent of chord as the air inlet angle
was increased from 40° to 43.4° to 46°, respectively. Down-
stream of the completion of reattachment, the normal com-
ponent of velocity was negligibly small. The peak turbulence
level in the shear layer over the bubble reached over 16 percent,
decreased during reattachment and became steady at 8-9 per-
cent in the boundary layer to the trailing edge.

It was noted that the maximum turbulence level moved grad-
ually away from the wall during reattachment to be at about
45 percent of the boundary thickness at the trailing edge. Qual-
itatively, similar trends to those illustrated in Fig. 13 were
found in the results at 8, =40° and 8, =43.4°, Thus the effect
of increasing incidence was to progressively delay reattachment
from the separation bubble, and to generate a progressively
thicker viscous layer. However, the viscous layer remained
attached all the way to the trailing edge even at the largest
inlet air angle. It is probable that the appearance of separation
occurring just ahead of the trailing edge, when using the china-
clay technique (Sanger and Shreeve, 1986), was the result of
gravitational effects on the oil mixture with which the surface
was wetted, in a region of low dynamic pressures. Considerable
effort was made to verify the present LDV observations, in-
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Fig. 13 Results of boundary layer surveys on the suction surface at
g=46°

cluding verification of both mean velocity and fluctuation lev-
els, by conducting redundant measurements within the blade
wake with a hot-wire (Baydar, 1988). Excellent agreement be-
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Fig. 14 Suction-side boundary layer growth

tween hot-wire and LDV was obtained. It also is noted that
whereas regions of instantaneous backflow were measured in
the near-wake using LDV, and a time-averaged backflow was
recorded at Station 16 at 8=40°, no backflow was detected
at Station 15 at all three inlet air angles.

The growths in the boundary layer thickness and displace-
ment thickness and the distribution of the shape factor on the
suction side of the blade are shown in Fig. 14. The thickness
was defined as the point at which the velocity component
parallel to the surface reached 99 percent of the edge velocity.
The displacement thickness was calculated by integration to
where the edge velocity occurred. Downstream of the bubble,
the layer was seen to grow steadily. Each increment in flow
incidence gave approximately equal increments in boundary
layer growth. At the highest incidence, the suction-side bound-
ary layer occupied more than 20 percent of the blade passage
at the trailing edge. At each incidence, the shape factor reached
a minimum after reattachment and then increased to the trail-
ing edge. The results at the design angle were different than
those at the higher incidence angles, and gave larger values
(closer to separation!) near the trailing edge. The largest value
reached was 2.25 at Station 13, 10 percent of chord ahead of
the trailing edge. At each angle, the shape factor decreased
slightly from this point aft, to the trailing edge. The differences
between design and off-design incidence angles suggest a non-
linear behavior near the leading edge of the blade. This is
supported by the measurements of the edge velocity shown in
Fig. 10. Results for the integral properties at each axial meas-
urement station are given in Table 3.

Pressure-Side Boundary Layer. Similar data were obtained
for the pressure-side boundary layer velocity and turbulence
profiles, thickness, and integral properties. The velocity and
turbulence profiles (Elazar, 1988) indicated that the pressure-
side boundary layer began laminar and became turbulent
through natural transition. The pressure-side layer was much
thinner, resulting in fractionally larger uncertainties in the
derived integral thicknesses. Results for the integral properties
are given in Table 3. (Data are included at three other stations
between 6 and 9.) The boundary layer thickness, displacement
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Fig. 15 Pressure-side boundary layer growth

thickness, and shape factor are shown plotted in Fig. 15. Again,
a qualitative difference was noted in the results for the bound-
ary layer shape at design incidence, although the overall thick-
ness was not measurably different at the three angles. In contrast
to the suction side, the shape factor increased toward the trail-
ing edge over the final 5 percent of chord. This, and the be-
havior observed on the suction side near the trailing edge, was
likely to be the upstream influence of the base and near-wake
flow resulting from trailing edge bluntness.

Near-Wake. The near-wake was found to be asymmetric
in both time mean and turbulence properties. Consistent with
the observation that the suction surface boundary layer re-
mained attached as incidence was increased, was the obser-
vation that the region of backflow in the wake decreased in
size as the incidence was increased. Wake velocity and tur-
bulence measurements were confirmed by Baydar (1988), using
hot-wires, and velocity profiles compared well with multisensor
pressure probe measurements by Dreon (1986). Initial attempts
to derive loss coefficients, using only data obtained during
LDV traverses of the near-wake, were not useful. An as-
sumption had to be made either for the pressure to use in
computing stagnation conditions (the pressure was not meas-
ured where traverses were made), or for the average angle to
use in Lieblien’s incompressible loss equation (equation 264
in Johnsen and Bullock, 1965). In either case, the magnitude
of the uncertainty was comparable to the value of the loss.
Thus the LDV measurements were consistent with earlier probe
measurements of losses (Sanger and Shreeve, 1986 and Dreon,
1986) but were much less certain in magnitude.

Conclusions

Two-component laser velocimeter measurements of the flow
through a CD compressor cascade at low Mach number
(~0.25), Reynolds number of about 7 x 10°, and increasing
incidence (inlet air angles of 40°, 43.4°, and 46°) have shown
that the flow remained attached on the suction side of the
blade, to the trailing edge, at all air angles. The suction-side
boundary layer increased in thickness in approximately equal
increments to fill 20 percent of the blade passage at the highest
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air angle, at which losses were measured to be 3-4 times their
minimum value for the cascade (Sanger and Shreeve, 1986).
On the suction side of the blade, there was a laminar separation
bubble with turbulent reattachment moving downstream as the
air angle increased. On the pressure side, there was natural
transition and little change in growth as the air angle increased.
In view of the completeness of the flow mapping, with passage
surveys at 19 stations and boundary layer surveys at 12 stations
along two blade surfaces, the data are well suited for viscous
code assessment and calibration. The present results, obtained
with a CD cascade having no separation present downstream
of the bubble on the suction side, are considered complimen-
tary as a test case with earlier results for more highly loaded
DCA blading with some separation present (Deutsch and
Zierke, 1987, 1988).
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DISCUSSION
N. A. Cumpsty' and Y. Dong?

The authors have obtained a most impressive amount of
data. We would like to offer some comments and questions

about the experiment and data and to offer some cautionary

observations based on our own experiments.

(1) Concerning the design of blades, we wonder why the
velocity distribution has a peak near the leading edge even at
design inlet angle of 40°? The conventional wisdom (see, for
example, Hobbs and Weingold, 1984) is that one should have
continuous acceleration up to a peak velocity quite well back
on the blade, followed by a steep deceleration. The peak near
the leading edge is presumably responsible for the separation
bubble in the forward part. Was there a particular reason for
giving results in Fig. 13 at 6° of incidence above that for design?

(2) The laser technique was unable to give measurements
in the separation bubble. Would the authors care to comment
on the relative advantage of boundary layer measurements on
blades obtained with the laser compared with, say, a hot-wire?
Were any tests done near the leading edge with an inlet angle
of 46° to verify that the seeding giving most of the signal was
of the correct size to follow the steep gradients without sig-
nificant error?

(3) The data, as presented, are to a very small scale (Figs.
11 and 13) and for one incidence only (Fig. 13). Is there any
summary conveniently available that interested persons could
have with more complete and easier-to-use presentation?

(4) Our most important comments are based on our own
measurements (Dong and Cumpsty, 1989), which, at risk of
being repetitive, we must outline. By introducing moving wakes
into the two-dimensional flow in a cascade of similar con-
trolled-diffusion-type blades, we were able to see very sub-
stantial alterations in the suction and pressure surface boundary
layers. The effects were most pronounced on the suction sur-
face, since this boundary layer was dominated by a separation
bubble in the absence of wakes or high free-stream turbulence.
The wakes initiated turbulence before the separation point and
temporarily prevented separation; after a wake had passed,
the flow reverted to laminar and a separation occurred. After
the turbulent spot there was a calmed region, in which tran-
sition was delayed, and the net effect of the wakes (and of
high free-stream turbulence) was to delay the completion of
transition to a position further along the chord. The transition,
and therefore, the subsequent boundary layer development,
depend on the size and frequency of the wakes and the whole
process is an unsteady one.

Our measurements, therefore, bring us to suggest a caveat
on the penultimate sentence of the Elazar and Shreeve’s con-
clusions. Extreme caution should be exercised in the use of
these data for the calibration of viscous codes intended for
application to compressors. This is because the process of
greatest uncertainty, transition, is probably quite different in
character for this steady, low-turbulence test configuration
from that which will be found in the majority of blade rows
in a compressor.

Authors’ Closure

In response to each of the preceding points:

(1) The reported cascade was designed somewhat before
“‘conventional wisdom”’ was arrived at (Sanger, 1983). From
the point of view of providing a test case for viscous analysis
codes however, this may prove to be fortunate. It is useful to
have data for a case in which a leading-edge separation bubble

'Whittle Laboratory, University Engineering Department, Madingley Road,
Cambridge, CB3 ODY, United Kingdom. ]

2New Products Division, Ruston Gas Turbines L.td., Firth Road, Lincoln LN6
7AA, United Kingdom.
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does occur but trailing-edge separation does not, even with
much increased incidence. From the point of view of blade
design, the off-design behavior of the reported cascade is in-
teresting in that downstream of reattachment, the adverse pres-
sure gradient progressively decreases as the incidence is
increased. This is not a bad characteristic if off-design per-
formance is a critical issue. )

The data at 6° above design incidence were shown as a
selected example of the data obtained because the scale of the
viscous effects was largest at this angle and they could therefore
be seen most easily. The selection was otherwise arbitrary.

(2) Since an early goal was to obtain data corresponding
to incipient stall, the intrusion of probes into the blade passages
was considered to be unwise. Experience with hot-wires and
LDV in the present cascade has nevertheless shown that there
is no advantage whatsoever to using hot-wires over using the
LDV system where optical access is available and the flow is
steady. Such a conclusion might be different if an experienced
LDV operator and a precision traverse (such as the milling
machine table that we used) were not available, or frequency
analysis of unsteady effects was required in the experiment.

The size of the seed particles was measured very carefully
(Elazar, 1988) and, with reference to previous work (Dring,
1982), it was concluded that the particles would follow the
streamlines very closely except, possibly, around the leading-
edge curvature. Thus the observations that the surface pressure
implied higher peak velocities around the leading edge than
were measured for the particles in the flow in that region, and
that particles were absent from the leading-edge separation
bubble, which began just downstream of the leading-edge cur-
vature (Sanger and Shreeve, 1986), were consistent with ex-
pectations.

(3) A complete listing of the LDV data will be given in a
technical report (Shreeve and Elazar, 1989).

(4) The measurements and observations reported by Dong
and Cumpsty (1989) are certainly interesting since most blading
in a machine operates in the wakes of other blades. However,
two points need to be made. First, understanding the unsteady
situation requires that you first understand the steady one.
From the point of view of CFD descriptions of cascade be-
havior, we do not have today a code that can predict with
certainty a steady viscous cascade flow field if it contains
transitions and separation in any form. It will be much more
difficult to predict the unsteady viscous flow correctly. Our
reported measurements do provide a test case for a steady flow
description and can be used as a limiting test case for an
unsteady code description. It would not be prudent however
to interpret the results of such predictions as being totally
representative of flow within a machine, but rather as being
an engineering baseline from which to start.

Second, while introducing wakes, as Cumpsty and Dong
have done, takes a step closer to creating the machine envi-
ronment, it is nevertheless only a partial step. In multistage
machines, the multiplicity of wakes present a truly complex
unsteady flow to aft blade rows. However, even the second
blade row in a machine sees wakes that are quite different than
those produced in Cumpsty and Dong’s experiments. As has
been shown in the present work (Elazar, 1988), the compressor
(cascade) blade wake is highly asymmetric in nature, retaining
a pressure side and a suction side with different turbulence
levels, and being free of the alternating vortex structure that
can occur in symmetric blunt body wakes. Whether these dif-
ferences are important or not can only be resolved by additional
systematic experiments of the type that Cumpsty and Dong
have reported.

Additional Reference

Shreeve, R. P., and Elazar, Y., 1989, ‘‘Laser Velocimeter Data From a Con-
trolled Diffusion Compressor Cascade for Viscous Code Validation,’’ Technical
Report NPS67-89-001, Naval Postgraduate School, Monterey, California.
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The off-design performance of axial turbines is usually predicted by calculating the

incidence losses using empirical correlations. Periodic review and improvement to
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Introduction

The aerodynamic design of a turbine is usually carried out
in such a manner that minimum losses occur at design point
operation. This implies that the leading edges of turbine airfoils
are designed to match the direction of the oncoming flow: a
condition referred to as optimum or zero incidence on the
airfoils. However, most of the turbines are required to operate
at conditions away from their design point including engine
starting, idling, variable power and speed. As a result of the
off-design operating conditions, the inlet flow velocity vectors
are mismatched with the leading edge angle of the blades caus-
ing additional losses, commonly referred to as incidence losses.
For multistage turbines, the mismatching of the gas and blade
angles may occur because the losses in an upstream component
may cause the downstream stage to operate at off-design con-
dition. Correlations to calculate the magnitude of the incidence
losses are required when the off-design performance of a tur-
bine must be predicted and performance maps generated. Tur-
bines should be designed in a certain fashion to offer
satisfactory operation over a wide range of rotational speeds
and pressure ratios. Accordingly, flow and blade parameters
influencing the incidence losses should be identified and their
effects on losses predicted in order to enable the turbine de-
signer to produce airfoils which are more tolerant to off-design
operation. In addition, an accurate prediction of the incidence
losses and the off-design characteristics of a turbine is of con-
siderable importance for restagger and growth studies of an

existing turbine design, as well as in the matching of flow,

conditions between a compressor and a turbine.
The methods for predicting off-design performance in tur-
bines are usually based on empirical correlations which need
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these prediction methods, to reflect recent turbine designs and test results, are
essential for the accurate assessment of losses in turbine airfoils. The purpose of
the present work is to evaluate existing turbine incidence loss correlations, and present
an improved prediction method for profile and secondary losses at off-design con-
ditions which correlates better with the available experimental results. The incidence
losses are shown to be a function of leading edge diameter, pitch, aspect ratio and
channel convergence.

to be revised periodically to reflect recent trends in turbine
design and new test results. Prediction methods at off-design
condition, similar to the design case, can be divided into two
categories. In the first method, overall efficiencies for families
of turbines with similar characteristics, e.g., degree of reaction,
aspect ratio, blade profiles, are expressed in terms of param-
eters such as stage loading and flow factor (Latimer, 1978).
The second approach, which is commonly used, is based on
incidence correlations for each loss component. Perhaps the
best known and most completely documented method is due
to Ainley and Mathieson (1951) who introduced a correlation
for positive stalling incidence to calculate the profile losses
over a wide range of incidences. Craig and Cox (1971) proposed
a similar method to Ainley and Mathieson with the exception
that the negative stalling incidence and minimum loss incidence
have been correlated independently of the positive stalling
value. Mukhtarov and Krichakin (1969) introduced the effect
of leading edge diameter on profile losses and a correction for
secondary losses due to incidence. The effect of the leading
edge wedge angle was added by Martelli and Boretti (1987) in
the stalling incidence correlation of Ainley. Chen (1987) pre-
sented a correlation for low pressure steam turbine blade sec-
tions where the incidence loss is expressed in terms of flow
incidence and blade inlet angle.

The purpose of this paper is to first review in details the
incidence loss correlations of Ainley and Mathieson and
Mukhtarov and Krichakin, being the most comprehensive and
documented methods. The correlations are then evaluated and
compared with the available test results on incidence losses in
turbine airfoils. A new improved prediction method for the
profile and the secondary losses at off-design conditions is
described.

Blade Incidence Terminology
Figure 1 shows the terminology used in this paper for in-

APRIL 1990, Vol. 112/ 267
SME

copyright; see http://www.asme.org/terms/Terms_Use.cfm



incidence
Losses
Losses with Losses
respect to with respect
eff) toi
T
|
—P: T(des) 4
] | ] ]
=10 -5 0 +5 +10

Incidence, | = o, . B,

Leading Edge Diameter

o,,o'q

Ba (+)
i(des) = @, (des) - By
i = 0y - By ay
iet) = o, - o (des)

Fig. 1 Turbine blade incidence terminology

cidence on turbine airfoils. After the design inlet gas angle
a(des) is obtained from the calculation of velocity triangles,
the turbine designer is faced with the selection of the blade
inlet metal angle 8, in order to construct the airfoil shape. The
inlet metal angle or leading edge bisector is chosen in a certain
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Fig. 2 Selection of inlet blade angle for typical turbine blades after
Aronov and Mamaev

way to result in ‘‘minimum profile losses’’ at design condition:
a requirement which is not easily determined prior to the def-
inition of the airfoil geometry and the computation of the
resulting surface pressure distributions and losses. Aronov and
Mamaev (1971) presented a correlation (Fig. 2) to estimate the
inlet metal angle during the initial phase of the airfoil geometry
design. The selected inlet metal angle should be later verified
once the surface velocity distribution is computed, by checking
the magnitude of the leading edge overspeed. The design in-
cidence, also referred to as induced, optimum or minimum
loss incidence, is defined as the difference between the inlet
design gas angle and blade angle.

The total incidence experienced by the blade at off-design
conditions i, is defined as the difference between the inlet gas

airfoil axial chord
airfoil chord s

lift coefficient

airfoil leading edge diameter
airfoil height

incidence (defined in Fig. 1)
Mach number

total pressure

static pressure

dynamic head = (P-p)
Reynolds number based on
true chord and exit gas con-
ditions

[

i

Il

?I?Q'U "UZN.&meF
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I

i

airfoil pitch

v = ratio of specific heats
trailing edge thickness A = change
airfoil maximum thickness ¢* = kinetic energy loss coeffi-
total pressure loss coeffi- cient = (actual gas exit
cient AP/q where g is (gen- velocity/ideal gas exit veloc-
erally) taken at blade exit ity)? ’
airfoil Zweifel coefficient .
absolute/relative gas angle ~ Subscripts
for vane/blade with respect 1,2 = inlet and exit conditions
to axial direction p = profile
metal angle for vane or s = secondary
blade m = mean.
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angle and the blade angle. The effective local blade incidence
i(eff) is the deviation of the gas inlet angle with respect to the
design gas inlet angle and the stalling incidence i(stall) is the
incidence at which the loss is equal to twice the minimum loss.

The incidence losses are defined similarly (Fig. 1) depending
upon whether the / or i(eff) is taken as datum. The incidence
losses are expressed in terms of changes in total pressure loss
coefficient Y or kinetic energy loss coefficient ¢*.

Review of Existing Correlations

Ainley and Mathieson (1951) published a comprehensive
method of predicting the design and off-design performance
of axial turbines. Their method was first refined by Dunham
and Came (1970) and lately by Kacker and Okapuu (1981).
Improvements to Ainley and Mathieson correlation focused
on revising the profile, secondary and tip clearance loss coef-
ficients at design conditions. A full review and comparison of
Ainley and Mathieson, Dunham and Came and Kacker and
Okapuu correlations is given by Sieverding (1985). No serious
attempt has been made in the literature to review the Ainley
and Mathieson off-design correlation in light of published
cascade and rig data.

In order to calculate the losses at off-design conditions, the
different loss components affected by changes in inlet gas angle
are first obtained at design conditions.

Profile Losses:

Ypu-0=
tmax .@.
Bl (B ¢ “
{YP(51=0)+ |— ) Yrer=en = Yo=ol§ \ 55~
0]

where Y5, _g) and Y4, .oy are the profile loss coefficients of
nozzle and impulse blades, respectively, and could be obtained
from figures in Ainley and Mathieson (1951) and Kacker and
Okapuu (1981). The foregoing equation is valid for airfoils
having a trailing edge thickness to pitch ratio of 0.02, Reynolds
number of 2 X 10° and Mach number less than 0.6. Corrections
for other values of the previous parameters could be found in
Kacker and Okapuu (1981).

Secondary Losses:

c\ [cos o C.\ 2 cos? o
Ysu-0=0.0334 <Z> (cos ,81) s ) cosla, @
¢
where
C, =2 E (tan a; +tan o,)cos oy 3)
1
o, =tan > (tan og—tan o) @

Equation (2) is valid for aspect ratio 4/c greater than 2. Cor-
rection for lower aspect ratios is given by Kacker and Okapuu
(1981).

Having determined the profile and secondary loss coeffi-
cients at design conditions according to equations (1) and (2),

Ainley and Mathieson’s correlation for off-design prediction:

consists of first calculating the stalling incidence. They found
that the positive stalling incidence on turbine blades can be
correlated satisfactorily with pitch to chord ratio (s/c), exit
flow angle (o) and B8,/ a,. The stalling incidence for an equiv-
alent cascade of pitch to chord ratio (s/c) of 0.75 is determined
from Fig. 3(a), the correction on exit angle for the s/c = 0.75
equivalent cascade being determined from Fig. 3(b). For the
actual value of s/c, the stalling incidence is then obtained
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Fig.4 Variation of profile loss with incidence for typical turbine blades
after Ainley and Mathieson

from Fig. 3(c). The profile loss coefficients over a wide range
of incidence can be deduced from Curve A in Fig. 4 for Re
= 2 x 10° and M2<0.5. By using equation (2) to calculate
the secondary losses at off-design conditions and curve A in
Fig. 4 for the profile losses, Ainley and Mathieson found that
estimates of total loss at high negative incidence are lower than
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measured values. Instead of applying a correction to the sec-
ondary loss correlation, they revised the variation of profile
loss with incidence as curve B in Fig. 4 in order to obtain a
better match with tests. They concluded that curve B (Fig. 4)
should be used to calculate the losses at incidences in the range
of —1.5 < i/i(stall) < 1.0. For values outside this range, the
secondary losses are assumed constant and equal to the values
when i/i(stall) equal — 1.5 and 1.0, respectively.

Mukhtarov and Krichakin (1969) presented an incidence cor-
relation for profile and secondary losses. Their procedure can
be used for subsonic and transonic blade designs with optimum
solidity and having geometrical parameters similar to the in-
vestigated cascades. Although the range of the blade param-
eters was guoted, geometric information and origin of most
cascade tests were not given. The correlations are based on the
kinetic energy loss coefficient.

They defined the profiles losses at any incidence as follows

[(1~¢H) =1~ $D)ats = ygesy + AL = D7), &)

where (1 - ¢2)a1=al(des) is the profile loss at the design inlet gas
angle and is the summation of friction and trailing edge losses.
Correlations to calculate (1 — ¢%)a;=a) 4., Were given with cor-
rections for Mach number and Reynolds number. Based on
the experimental data, the profile incidence loss coefficient
was found to be a function of incidence, convergence ratio,
leading edge diameter and compressibility

A1 - ¢9),= A

y—1 5 y*l
1+ —M

Agie A cos B;\ 2 2 ! vl
? (g>0.67 cos o W e
2

s
y=1l.n y+i
_ ( cos 3, )2 T+ 5 Migew 1\ 5=
-1
COS Oy(ges), 1+ Y 5 M%
Y 1 2 v+1
1 M —
N B <cos 52) 2 T ! v-1
d 0.67 _
<_) COs o (+ 2 lMﬁ
s 2
sinz(a 1 al(des)) (6)
(041 > al(des) A= 0.024
B=0.144 )
Oz1<a1(des) A =0.0007 .
B =0.206
The secondary losses at any incidence are defined similarly as
[(1 - ¢2) = (1 - ¢2)a| =] (des) + A(l - ¢2)]s (8)

where (1 — ¢Ha;=a, 4es) the secondary loss at the design inlet
gas angle, is defined by correlations in Mukhtarov and Krich-
akin (1969) as function of blade height and loading, Reynolds
number and compressibility. The secondary loss correction due
to incidence is obtained from the following empirical relation

AL = %)= A2 = (1 = D)urg —arygeg) [5-6X + 76x7 +400X°]  (9)
where

X = Q) — Oj(des) ( cosf, ) 13

180 — (0ty(gesy + B2)  \COS Qe

Equation (9) is valid for —0.15 = x < 0.15.
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Incidence Loss Cascade Database

The development of an empirical loss system, either at design -
or at off-design conditions, is normally done in two steps. In
the first step, two and three-dimensional cascade data are col-
lected for turbine airfoils having a wide variety of geometric
and flow parameters, After the ‘‘cascade database’’ is created,
the parameters which are believed to exercise a dominant in-
fluence on the incidence losses in turbine airfoils are selected.
The selection of the parameters is generally based on the avail-
ability of adequate test results related to these variables, the-
oretical and/or physical reasoning and a broad examination
of existing statistical evidence. Once an incidence loss corre-
lation is developed, a similar ‘‘turbine database’’ is built in
order to test and demonstrate the ability of the prediction
method to match the off-design performance of real turbines.
In the process of calibrating the correlations against turbine
data, corrections and loss multipliers are sometimes used to
reflect the differences between the cascade and the turbine

- environments.

Ainley and Mathieson’s correlation is one of the few methods
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Fig. 6 Effect of incidence on profile losses

which is widely used throughout the gas turbine industry to
predict the off-design performance of turbines. Recent test
results highlighted the inability of Ainley’s correlation to ad-
equately predict the change of turbine efficiency with pressure
ratio and speed. Example of such cases is given in Fig. 5 for
a two-stage and a single-stage transonic turbine. Due to the
lack of sufficient and well-documented test results on turbines
at off-design conditions, it was decided to first examine in the
present paper the existing correlations against published cas-
cade data in an attempt to explain the reason for the deviation.
Cascade tests and results are well recognized to provide a
satisfactory basis for estimating the losses in an actual machine.
In addition to their simplicity and low cost, they offer the
flexibility of investigating the separate incidence loss compo-
nents (profile and secondary) as affected by varying inde-
pendently each of the influencing geometric and aerodynamic
parameters.

An extensive survey of published data on measured incidence
losses in two and three-dimensional turbine cascades was car-
ried out. Appendices 1 and 2 tabulate the main cascade pa-
rameters and losses as extracted from the listed references and
from in-house data. The information provided in the tables
formed the cascade database that has been used in the present
study to evaluate the existing correlations and propose an im-
proved prediction method.

The profile or two-dimensional losses in Appendix 1 are
given in terms of changes in kinetic energy loss coefficients as
most of the test results were given in this form. In addition to
the design incidence and incidence with respect to the design
flow angle, the geometric parameters which are believed to
have a strong effect on the profile incidence losses are given;
e.g., leading edge diameter, pitch and convergence ratio. The
profile incidence losses are plotted in Fig. 6 as function of the
effective incidence. The incidence losses are seen to be asym-
metrical about the zero incidence angle with a loss that is larger
for positive than for negative incidence. This is due to local
separation on the suction surface at large positive incidence
and the smaller area of separation at the same value of negative
incidence. High convergence ratio blades such as Cascades 11

and 16 (Appendix 1) show a wider range of incidence over °

which the loss is low, compared to low convergence ratio blades,
such as Cascades 12 and 15, respectively. The data also show
that airfoils with large leading edge diameter are less sensitive
to incidence.

Appendix 2, lists the various cascades and results related to
secondary losses in turbine airfoils at off-design conditions.
The endwall losses, expressed in terms of total pressure loss
coefficient, are determined by subtracting the measured mid-
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span (profile) loss from the measured full-span (total) loss.
The secondary losses are plotted in Fig. 7 as a function of the
incidence with respect to the inlet metal angle. Similar to the
profile losses, airfoils with high acceleration such as Cascade
1 and 2 (Appendix 2) are less sensitive to incidence compared
to near impulse blades such as Cascade 5 and 6. Cascade 11
with a leading edge diameter to chord ratio of 0.3 shows a
modest increase of losses with incidence compared to Cascade
1 with a (d/c) of 0.04.

Profile Incidence Loss Correlation

The Ainley and Mathieson (AM) and Mukhtarov and
Krichakin (MK) correlations for profile incidence losses were
first examined against the available cascade data compiled in
Appendix 1.

The AM correlation for profile losses, equation (1), is used
after applying the corrections suggested by Kacker and Okapuu
(1981) to reflect advances in aerodynamic design and analysis.
Although equation (1) is given for i = 0, which means that
the inlet flow angle is equal to the metal angle at design con-
ditions, the curves in Fig. 4 imply that the incidence losses are
with respect to the minimum profile losses. Accordingly, when
applying equation (1) and using Figs. 3 and 4 (Curve B), §;
and i are substituted with «,(des) and i(eff), respectively, to
correct for the induced incidences corresponding to the cascade
data in Appendix 1. After calculating the profile loss at design
and at off-design conditions for the various cascades, the pres-
sure loss coefficient (Y) is converted to kinetic energy loss
coefficient by means of the following equation

— 1 1 "
-5 ()]

Y - —{ = an
1- (1+ 7—2—M§>w—1

Figure 8 compares the measured profile incidence losses with
those calculated by AM correlation. Predicted losses higher
than 0.1 are shown on the maximum horizontal scale. As seen,
a significant number of cascades falls outside the error band
and AM correlation tends to generally overpredict the incidence
losses. This could be explained by the fact that Ainley and
Mathieson’s correlation is based on conventional airfoils de-
sign of the 50’s which were less tolerant to incidence than
recent blades designed with improved channel analysis pro-
cedures and advanced boundary layer computational methods.
Some of the cascade losses which-have been overestimated are
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Fig. 8 Evaluation of Ainley and Mathieson profile incidence loss cor-
relation

at negative effective incidence. An example is Yamamoto and
Nouse (1988), Cascade 18, who tested a turbine cascade with
a design turning angle of 107 deg and a leading edge diameter
to chord ratio of 0.22 over a range of negative incidence up
to 60 deg and concluded that AM correlation overpredicted
the measured incidence losses by a factor of almost 4. The
deviation at negative incidences could be well due to the in-
troduction of Curve B in Fig. 4, in order to account for sec-
ondary losses. As mentioned earlier, this was needed in order
to match the total measured incidence losses in the lack of
incidence data on secondary losses at that time.

The MK predictions are compared with the test results in
Fig. 9. The compressibility effects built in the MK correlation
is calculated by satisfying the continuity equation between inlet
and exit and obtaining the corresponding inlet Mach number
at the various gas angles. Although the leading edge diameter
is an independent parameter in the MK correlation, the agree-
ment is not satisfactory and the profile incidence losses are
overpredicted by their method at positive and negative inci-
dences.

In developing the new profile incidence loss correlation, it
was decided to retain, with some modifications, the main in-
fluencing factors proposed by Mukhtarov and Krichakin., The
leading edge geometry, defined as diameter pitch ratio, was
shown to affect the incidence characteristics of turbine blades.
This is a major shortcoming of Ainley and Mathieson’s method,
where the stalling incidence is independent of the leading edge
shape. Stalling of a blade is due to boundary layer separation,
which results from peaks in the velocity distribution in the
leading edge region. The formation of these peaks is dependent,
among other factors, on the leading edge geometry. Ainley’s
correlation is probably valid for a family of blades with similar
leading edge shapes. The degree of flow acceleration in the
blade passage, defined as a convergence ratio, is given with
respect to the inlet metal angle as compared to the gas angle
for MK correlation. After analyzing independently the effect
of the aforementioned factors on incidence losses, a functional
relationship was derived in order to give the correct expected
trend and a good collapse of the experimental data. Figure 10
gives the improved profile incidence loss correlation and Fig.
11 shows a comparison of the experimental and predicted losses
to facilitate the evaluation of the present method with previous
correlations (Figs. 8 and 9). As seen from the figures, the
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Fig. 9 Evaluation of Mukhtarov and Krichakin profile incidence loss
correlation

present correlation predicts reasonably well the incidence losses
when compared to AM and MK methods. It is worth noting
that some of the test results are not well predicted by any of
the three correlations. This could be due to possible errors in
the data or in the approximation made by the investigator in
order to separate the profile from the total measured loss. The
latter is particularly true if the flow is highly three-dimensional
at midspan and thus deduced profile losses are exaggerated
(Yamamoto and Nouse, 1988).

The improved correlation is represented according to the
following equation

Ap2=0.778 x 10~°x’ +0.56 X 10~ "x "2
+0.4%x1071%34+2,054x 10~ 19’6

800>’ >0 (12)
A¢12,= —5.1734x 1075’ +7.6902 x 107% 2
where 0>x’>—800
, ~16 /cos B\ 72
X" (g> (cos ﬂz) (o1~ @] 03

The effect of compressibility, Reynolds number and turbulence
levels were neglected when developing the new prediction
method. Compressibility can affect the profile losses in two
ways, by causing shocks at blade leading edge and by affecting
the flow acceleration within blade channels. It was felt that in
the absence of incidence loss data related to the previous fac-
tors, it is sufficient to include their effects when calculating
the profile losses at design conditions, using the corrections
of Kacker and Okapuu (1981). The blade leading edge wedge
angle and axial loading distribution are additional factors which
could influence the incidence loss characteristics. A typical high
pressure ratio turbine blade with high incident Mach number
will probably be more sensitive to inlet gas angle change as
compared to a subsonic design. Again studies and test results
related to these effects have been very scarce in the open lit-
erature.

Secondary Incidence Loss Correlation

The comparison of the predicted secondary incidence losses
with experimental results was carried out, using the pressure
loss coefficients normalized with respect to the design condi-
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Fig. 11 Evaluation of improved profile incidence loss correlation

tions. The secondary losses at design conditions were taken at
the design inlet gas angle or at the inlet metal angle depending
on the data available. According to Ainley and Mathieson,
there is no incidence effect on secondary losses other than
those associated with increased or reduced turning in their
correlation, equation (2), for positive or negative incidences,
respectively. Figure 12 compares the measured losses with those
obtained by AM correlation. The method underpredicts the
losses for cascades having low aspect ratio when operated at
large positive incidence. This is due to their assumptions of

constant secondary losses for values of i/i(stall) greater than

1, as mentioned earlier. The MK correlation is compared in
Fig. 13 with the experimental results. The data are scattered
around the error band and are generally better predicted by
the MK as compared to the AM correlation.

The new secondary incidence loss prediction method is mainly
based on the same influencing factors as the MK correlation
with the addition of the blade leading edge diameter effect.
Figure 14 shows the new correlation given by the following
equation
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Fig. 12 Evaluation of Ainley and Mathieson secondary incidence loss
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Fig. 13 Evaluation of Mukhtarov and Krichakin secondary incidence
loss correlation

; A
( ) =exp(0.9 x”) + 13 x”2+400 x"*
Y(des) 5

0.3>x">0 (14)
Y
=exp(0.9 x”)
<Y(des)>s P
0>x">-04
where
o — cos ~15 £\ —03
X" = 1= B a (15)
180~ (B, +B32) \cos B, c

In Fig. 15, the improved correlation is evaluated in a manner
similar to Figs. 12 and 13 for ease of comparison. The intro-
duction of the leading edge diameter effect provided a better
collapse of the data and hence a’slight improvement over the
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MK correlation. It is felt that the leading edge diameter has
an influence on the losses by affecting the developed horseshoe
vortex at the leading edge.

For the secondary, as well as the profile incidence losses
data, test results on the exit flow angle change with incidence
were not reported and accordingly the deviation effect was
neglected by assuming a metal angle at exit when using the
different correlations.

Conclusions and Recommendations

The prediction methods for the off-design performance of
turbines are generally based on empirical correlations which
calculate the profile and secondary losses when the airfoils are
operated with incidence. These correlations should be period-
ically reviewed and updated to reflect recent trends in turbine
design and new cascade and turbine rig data.

Due to the lack of sufficient and well-documented test results
on turbines at off-design conditions, it was decided, as a first
step, to examine the existing correlations against recently pub-
lished cascade data. Cascade tests and results have proven to

274/Vol. 112, APRIL 1990

give a satisfactory basis for estimating the losses in an actual
machine. An extensive survey of the literature was conducted
to collect data on incidence losses in turbine cascades. Predicted
losses from the correlations presented by Ainley and Mathieson
and Mukhtarov and Krichakin were compared with the ex-
perimental results of 36 cascades. The correlations failed to
adequately predict the measured losses.

An improved incidence losses prediction method, which cor-
relates better the available cascade data, is presented. The losses
were shown to be influenced by the airfoil leading edge di-
ameter and the degree of acceleration in the blade channel.
Additional factors likely to affect the incidence loss charac-
teristics were addressed, however not included in the corre-
lations due to the lack of sufficient data. The Mach number,
Reynolds number, turbulence level, leading edge wedge angle,
exit flow angle and axial loading distribution are examples of
such factors.

The ability of the improved prediction method to match the
off-design performance of turbines is still to be demonstrated.
Future efforts will be directed toward establishing a data bank
of measured turbine off-design maps. Compared to cascade
data, reliable test results for turbines are usually scarce in the
open literature, mainly due to the proprietory nature of the
data. It is important to be selective in picking up the appro-
priate test results. The turbine selected must be a good com-
petent design, otherwise the map gets distorted by the peculiarity
of the design, such as separation or unintended incidence at
design point, due to poor matching of blade and vane row.
Once the turbine database is generated, the present correlations
will be verified and calibrated in order to reflect the real ma-
chine environment. In this process, it is to be expected that
empirical factors will be developed and applied to the proposed
correlations so as to ultimately obtain a satisfactory procedure
for predicting the off-design performance of axial flow tur-
bines.
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APPENDIX 1

Table 1 Profile Incidence Losses: Cascade Database

Cascade Ref. d/c  s/c cosB; i(des)  ieff) Ag¢,*
cos 3,
1 in house 100 .92 1,78 -5.0 10.0  .0087
1 1000 .92 1.78 -5.0 0.0  .0000
1 100 92 1.78 -5.0 —-10.0 .0025
2 in house 052 .75 1.68 ~55 250 .0499
2 052 .75 1.68 -5.5 10,5 .0075
2 052 .75 1.68 -55 —15.0 .0018
2 052 75 1.68 —-5.5 —35.0 .0047
2 052 .75 1.68 —~5.5 —41.2 .0063
3 in house 052 .80 1.55 -55 200 .0550
3 052 .80 1.55 ~5.5 5.5  .0050
3 .052 .80 1.55 ~5.5 -10.0 .0035
3 052 .80 1.55 -5.5 —-20.0 .0018
3 052 .80 1.55 -5.5 —-30.0 .0047
4 in house 052 .84 1.41 -7.0 15.2  .0910
4 052 .84 1.41 -7.0 10.2  .0360
4 052 .84 1.41 ~-7.0 2.0 .0040
4 052 84 1.41 -7.0 —4.8 .0010
4 052 .84 1.41 -7.0 —29.8 .0040
4 052 84 1.41 -7.0 —49.8 .0100
5 in house 044 79 1.27 -2.0 11.1  .0730
5 044 79 1.27 -2.0 7.1 .0130
5 044 79 1.27 -2.0 2.0 .0020
5 044 79 1.27 -2.0 -3.9 .0030
5 .044 79 1.27 ~2.0 -89 .0040
6 in house 045 82 1.07 -3.0 7.1 .0930
6 045 .82 1.07 -3.0 3.1 .0090
6 045 82 1.07 ~3.0 -2.0 .0020
6 045 .82 1.07 -3.0 -7.9 .0090
6 045 .82 1.07 -3.0 -12.9 .0180
7 Aronov et al 072 72 1.85 -10.0 20.0 .0560
7 072 72 1.85 —~10.0 10.0  .0080
7 072 .72 1.85 -10.0 0.0 .0000
7 072 72 1.85 -10.0 —10.0 .0040
7 072 72 1.85 —-10.0 -20.0 .0080
8 Aronov et al .032 .83 227 ~5.0 15.0 .0150
8 032 .83 2.27 ~5.0 5.0  .0045
8 .032 .83 2.27 ~5.0 0.0 .0000
9 Aronov and 054 .68 1.35 ~0.8 0.0 .0000
9 Mamaev 054 .68 1.35 ~0.8 -29 .0023
9 .054 .68 1.35 ~-0.8 -7.0 .0023
9 054 .68 1.35 -0.8 —-10.9 .0034
9 054 .68 1.35 ~0.8 —12.6 .0040
10 Aronov and 054 .68 1.60 -0.2 7.6 .0028 "
10 Mamaeyv .054 .68 1.60 -0.2 4.1  .0022
10 054 .68 1.60 ~0.2 0.0 .0000
10 054 .68 1.60 ~0.2 -39 .0028
10 054 .68 1.60 ~-0.2 -56 .0022

*Measured losses
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Table 1 (Continued)

Cascade Ref. d/c  s/c  cosfB; i(des) i(eff) A,
cos f3,
11 Aronov and .054 .68 1.85 0.0 16.3 .0077
11 Mamaev .054 .68 1.85 0.0 12.8 .0041
11 .054 .68 1.85 0.0 8.7 .0024
11 .054 .68 1.85 0.0 4.8  .0024
11 .054 .68 1.85 0.0 3.1 .0009
12 Aronov and .054 .68 1.07 -4.0 4.0 .0059
12 Mamaev 054 .68 1.07 -4.0 -0.1 .0000
12 054 .68 1.07 —-4.0 -—4.2  .0008
12 054 .68 1.07 -40 -7.8 .0000
12 054 .68 1.07 —4.0 —-12.4 .0050
13 Aronov and .054 .68 1.30 —4.0 11.6 .0139
13 Mamaev 054 .68 1.30 —4.0 1.5 .0046
13 054 .68 1.30 —4.0 3.4  .0023
13 .054 .68 1.30 —-4,0 -0.2 .0000
13 054 .68 1.30 -4,0 —4.8 .0006
14 Aronov and 054 68 1.54 3.0 13.4  .0210
14 Mamaev 054 68 1.54 3.0 9.3 .0050
14 054 68 1.54 3.0 5.2 .0030
14 054 .68 1.54 3.0 1.6  .0005
14 054 68 1.54 3.0 -3.0 .0010
15 in house 053 75 1.07 0.0 10.6  .0430
15 053 75 1.07 0.0 3.2 .0035
15 .053 5 1.07 0.0 -32 .0015
16 in house .053 75 1.41 0.0 21.1 0510
16 053 .75 141 0.0 200 .0350
16 053 .75 1.41 0.0 14.1 L0300
16 053 .75 1.41 0.0 11.5  .0150
16 053 .75 1.41 0.0 104  .0110
16 053 .75 1.41 0.0 -—-45 .0015
16 053 .75 1.41 0.0 -8.3 .0030
16 053 75 141 0.0 —-13.8 .0015
16 053 75 1.41 0.0 —-144  .0085
16 053 75 141 0.0 —16.7 .0080
16 053 .75 141 0.0 —26.0 .0065
16 053 .75 141 0.0 —25.0 .0120
17 Hodson and 032 56 1.33 0.0 0.0 .0000
17 Dominy 032 .56 1.33 0.0 8.6  .0211
17 032 .56 1.33 0.0 —20.3 .0301
18 Yamamoto 222 84 145 -6.2 0.0  .0000
18 and Nouse 222 84 1.45 —-62 —-4.2 .0034
18 222 .84 1.45 -6.2 —-11.7 0171
18 222 84 1.45 —-6.2 —28.3 .0238
18 222 84 1.45 —-6.2 —45.8 .0432
18 222 .84 1.45 -6.2 —54.2 .0560
19 Vijayaraghavan .118 1.12 1.53 -7.0 7.0 .0028
19 and 18 112 1.53 -7.0 0.0  .0000
19 Kavanagh 118 1.12 1.53 -7.0 -7.0 .0019

*Measured losses
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APPENDIX 2

Table 2 Secondary Incidence Losses: Cascade Database Table 2 (Continued)
Cascade Ref. d/c h/c cos @, i [Y/Y(des)l,* Cascade Ref. d/c h/c cos 3, i [Y/Y(des)]*
¢os f,. ‘ cos 3,
1 New .040 1.17 3.16 0.0 1.0000 10 in house .100 2.23 1.78 5.0 1.1100
1 .040 1.17 3.16 31.0° 23300 10 .100. 2.23 1.78 -5.0 .8900
1 .040 1.17 3.16 42.0 3.5400 10 100 2.23 1.78 —15.0 .5500
1 .040 1.17 3.60 44.0  1.4400 '
11 Patterson .300 1.00 1.88 0.0 1.0000
2 New .285 4.00 3.33 0.0 1.0000 1! and Hoeger .300 1.00 2.48 4.3  1.0200
2 .285 4.00 3.33 32.5  1.2800 11 .300 1.00 3.77 9.7  1.0200
2 .285 4.00 3.33 48.0 1.6400 11 .300 1.00 4.93 13.0 1.0700
2 .285 4.00 2.89 49.5  2.7300
2 285 4.00 3.33 54.0 2.5300 12 Scholz .300 3.00 2.04 1.4  1.0400
2 285 4.00 4.03 60.5 2.3200 12 .300 3.00 2.74 5.7 1.0600
12 .300 3.00 4.02 10.3  1.0500
3 New .285 2.30 3.33 545 1.5200 12 .300 3.00 5.63 13.4  1.1700
4 New .285 1.50 2.97 52.5 1.5300 13 Scholz .300 5.00 2.10 1.8  1.0100
13 .300 5.00 3.01 7.0  1.0200
5 Todd 120 2.50 1.58 0.0 1.0000 13 .300 5.00 4.02 10.3  1.0400
5 120 2.50 1.46 -10.7  1.1800 13 .300 5.00 5.83 15.0  1.1500
5 120 2.50 1.46 9.0 2.2300
5 120 2.50 1.46 14.0  3.4400 14 in house .044 1.00 1.27 5.1 1.5000
14 .044 1.00 1.27 0.0 1.0000
6 Todd .037 2.50 1.27 0.0 1.0000 14 .044 1.00 1.27 -5.9 7100
6 .037 2.50 1.17 11.3 47000 14 .044 1.00 1.27 -10.9 .6400
7 Wolf 122 4.00 2.40 8.5 1.0800 15 in house .045 1.00 1.07 0.1  1.0000
7 122 4.00 2.40 —26.5 8300 15 .045 1.00 1.07 -5.0 .6400
7 122 4.00 2.40 —11.5 1.0800 15 .045 1.00 1.07 -10.9 .3900
7 122 4.00 2.35 18.5 1.3800 15 .045 1.00 1.07 —15.9 .3200
8 Wolf 122 1.00 2.35 28.5 1.4300 16 Hodson and .032 1.77 1.33 0.0 1.0000
8 122 1.00 2.35 38.5 1.8500 16 Dominy .032 1.77 1.33 8.6 1.3900
8 122 1.00 2.40 8.5 1.1300 16 .032 1.77 1.33 ~-20.3 .5300
8 122 1.00 2.35 -26.5 .9200
8 122 1.00 2.35 —11.5 1.0400 17 Yamamoto 222 1.37 1.45 -6.2 1.0000
8 122 1.00 2.35 18.5 1.3700 17 and Nouse 222 1.37 1.45 —10.4  1.0000
8 122 1.00 2.35 28.5 1.4600 17 222 1.37 1.45 -17.9 .5600
8 122 1.00 2.35 38.5  1.9200 17 222 1.37 1.45 —34.5 6700
17 222 1.37 1.45 —52.0 1.0000
9 Wolf .155 2.20 1.44 3.5  1.1300 17 222 1.37 1.45 —60.4  1.1100
9 .155 2.20 1.88 —28.5 .5500
9 .155 2.20 1.88 -16.5 .6100
9 155 2.20 1.88 -7.5 7200
*Measured losses *Measured losses
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The Trailing Edge Loss of
Transonic Turbine Blades

Trailing edge loss is one of the main sources of loss for transonic turbine blades,
contributing typically 1/3 of their total loss. Transonic trailing edge flow is extremely
complex, the basic flow pattern is understood but methods of predicting the loss
are currently based on empirical correlations for the base pressure. These correlations
are of limited accuracy. Recent findings that the base pressure and loss can be
reasonably well predicted by inviscid Euler calculations are justified and explained
in this paper. For unstaggered choked blading, it is shown that there is a unique
relationship between the back pressure and the base pressure and any calculation
that conserves mass, energy and momentum should predict this relationship and the
associated loss exactly. For realistic staggered blading, which operates choked but

J. D. Denton

Whittle Laboratory,
Cambridge University
Cambridge, England CB3 OEL

L. Xu with subsonic axial velocity, there is also a unique relationship between the back

Beijing University of Aeronautics & pressure and the base pressure (and hence loss) but the relationship cannot be
Astronautics, quantified without knowing a further relationship between the base pressure and

Beijing, China the average suction surface pressure downstream of the throat. Any calculation that

conserves mass, energy and momentum and also predicts this average suction surface
pressure correctly will again predict the base pressure and loss. Two-dimensional
Euler solutions do not predict the suction surface pressure exactly because of shock
smearing but nevertheless seem to give reasonably accurate results. The effects of
boundary layer thickness and trailing edge coolant ejection are considered briefly.
Coolant ejection acts to reduce the mainstream loss. It is shown that suction surface
curvature downstream of the throat may be highly beneficial in reducing the loss
of blades with thick trailing edges operating at high subsonic or low supersonic
outlet Mach numbers.

1 Introduction

In subsonic flow the trailing edge loss of turbine blades is
usually small compared to the boundary layer losses and is
often neglected for blades with thin trailing edges. However,
it is well known that as the exit Mach number is increased
toward unity the loss coefficient rises sharply and the base
pressure falls. The boundary layer loss should, if anything,
decrease with Mach number so the increased loss must come
from the complex shock pattern formed around the trailing
edge. The loss usually continues to rise with Mach number for
low supersonic outflow, M, < 1.2, but may level off and even
decrease at high exit Mach numbers for some types of blade.
It also is known (Xu, 1985) that the trailing edge loss increases
roughly linearly with trailing edge blockage and so becomes
more important for the thick trailing edges that must be used
on cooled blades. The trailing edge blockage may be as high
as 20 percent on some such blades and the associated loss may
then be the main source of loss for the turbine. In fact it is

probably true to say that high trailing edge loss is the main’

reason for the current use of two-stage subsonic HP turbines
instead of single-stage transonic turbines in modern civil air-
craft engines.

Contributed by the International Gas Turbine Institute and presented at the
34th International Gas Turbine and Aeroengine Congress and Exhibition,
Toronto, Ontario, Canada, June 4-8, 1989. Manuscript received at ASME Head-
quarters February 1, 1989. Paper No. 89-GT-278.
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The flow pattern at a supersonic trailing edge is on the whole
well documented and understood (for example, Sieverding et
al., 1983). The general features of the flow are illustrated in
Fig. 1. The flow immediately upstream of the trailing edge will
usually be supersonic on the suction surface and close to sonic
on the pressure surface. Immediately behind the trailing edge
is a region of relatively low velocity fluid at nearly uniform
pressure, the base pressure. This base region is roughly tri-
angular in shape at high Mach numbers and is bounded by
shear layers in which the velocity rises rapidly from the low
value in the base region to the supersonic flow in the free
stream. The shear layers start where the flow separates from
the blade surfaces close to the start of the trailing edge cur-
vature and the resulting change in direction generates expan-
sion waves which propagate into the main flow. In some cases,
the expansion may be immediately followed by a weak shock,
the lip shock, which brings the flow to the base pressure while
in others the expansion may be directly to the base pressure.
The flows from the suction and pressure surfaces must meet
downstream of the trailing edge and this occurs in the conflu-
ence region at the downstream end of the base region. After
meeting, the flows must turn to a common flow direction. In
doing so they generate shock waves which again propagate
into the flow. One of these shocks will propagate toward the
suction surface of the adjacent blade and has a large effect
upon its pressure distribution, while the other will run down-
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Fig. 1 Structure of supersonic trailing edge flow

stream away from the blades. Downstream of the confluence
region the flow may be either subsonic or supersonic and a
turbulent, unsteady blade wake is often clearly visible on
schlieren photographs.

Although the basic flow pattern is well understood, the mag-
nitude of the base pressure and hence the quantitative details
of the flow are extremely difficult to predict. Once the base
pressure is known the resulting inviscid flow pattern, including
the shape of the base triangle can be relatively easily con-
structed by the method of characteristics (for example, Bos-
schaerts et al., 1987). The blade loss can then be obtained from
a continuity, energy and momentum balance between the trail-
ing edge plane and a mixed out uniform flow far downstream.

The flow in the base region and shear layers is undoubtably
highly viscous and that in the wake may also be unsteady.
Hence, it has usually been assumed that the level of base
pressure is determined by viscous effects and that quantitative
predictions must rely upon empirical data or, in the long run,
on solutions of the viscous flow equations. An example is
Carriere’s (1970) method, which uses empirical data for the
amount of turning at the confluence. Most of the empirical
data available have been obtained on isolated aerofoils in a
supersonic free-stream flow and Xu (1985) shows that these
may not be representative of the flow in turbine blades. A
simpler and more practical alternative is to obtain the base
pressure directly from an empirical correlation. Such a cor-
relation has been obtained by Sieverding (1983) and predicts
the base pressure as a function of back pressure, trailing edge
wedge angle and suction surface curvature downstream of the
throat. The trailing edge thickness, blade boundary layer thick-
nesses and surface Mach numbers at separation do not enter
directly into the correlation.

Nomenclature

Two-dimensional Euler solvers have been used for many
years to predict the inviscid flow through turbine blade rows.
For subsonic flow, they can give good predictions of the blade
surface pressure distribution but for supersonic flow they usu-
ally give little detail of the complex trailing edge shock system.
This is because such methods smear shock waves over several
grid points and insufficient grid points are used in the trailing
edge region to adequately resolve the complex shock system.
The solutions obtained also depend on how the trailing edge
is modeled and Singh (1984) has developed a method in which
the pressure at the trailing edge is made to fit Sieverding’s
correlation.

Although they are nominally inviscid these Euler solutions
always contain significant levels of numerical viscosity and as
a result the computed flow is not exactly isentropic, even in
subsonic flow. Despite this lack of entropy conservation, Euler
solutions should, if correctly formulated in finite volume form,
exactly conserve mass, momentum and energy throughout the
flow field. It is this feature that enables them to predict the
correct shock loss despite the inevitable shock smearing. The
level of numerical viscosity determines the amount of shock
smearing since the velocity gradients adjust themselves so that
the combination of numerical viscosity and velocity derivatives
generates the entropy needed to satisfy the conservation equa-
tions across shock waves; i.e. the Rankine-Hugoniot equa-
tions. If the numerical viscosity is too large the shocks will be
highly smeared, if it is too low overshoots and undershoots
will occur but in either case the overall loss will be correct.
The idea that Euler solutions can generate the correct overall
loss despite local errors in the solution is central to the theme
of this paper.

Sieverding (1979) noted that the numerical loss predicted by
an Euler solver was of a similar level to the measured loss for
a family of high-speed steam turbine rotor tip sections and in
fact ranked the sections in the correct order of loss. At the
time, this was regarded as an interesting coincidence. More
recently, Xu and Denton (1987a) found that an inviscid Euler
solver gave better predictions of base pressure and loss than
either Sieverding’s correlation or a prediction based on a com-
bination of Carriere’s and Nash’s methods for predicting the
base pressure.

In confirmation of these findings, Fig. 2 shows a comparison
of experimental data and an inviscid Euler calculation for the
loss coefficient versus Mach number curve of the cascade tested
by Haller (1980). The agreement at M,< 0.8 is fortuitous be-
cause in subsonic flow the calculated loss results from nu-
merical errors, especially around the leading edge, and from
incorrect prediction of the pressure acting on the trailing edge
while the measured loss is due to the blade boundary layers
and to subsonic base pressure drag. It is not claimed that an
Euler solver can predict the latter. However, the increase of
loss at exit Mach numbers around unity is due to increased
trailing edge loss in both the calculations and the experiments,

C = blade chord
C, = specific heat capacity at con- P, = average suction surface pressure
stant pressure downstream of throat 6 = boundary layer momentum

M = Mach number P, = base pressure, average pressure thickness

s = blade pitch acting on trailing edge .

t = trailing edge thickness V = flow velocity Subscripts

0 = blade opening B = stagger angle 1 = inlet flow

m = mass flow rate 6 = flow deviation 2 = downstream flow

T, = Stagnation temperature §* = boundary layer displacement ¢ = coolant flow
P, = stagnation pressure thickness t = at throat
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and is reasonably well predicted. This is despite the fact that
the grid used (48 X 19 points) was far too coarse to reveal
details of the shock system at the trailing edge. In fact, it is
not possible to say with certainty that the calculation predicted
any shock waves at all. This paper is concerned with the ex-
planation of this remarkable result.

2 Unstaggered Trailing Edge

Although a cascade of unstaggered plates with thick trailing
edges is scarcely representative of a real turbine blade such a
geometry serves as a useful introduction to the ideas involved.
A single plate in a parallel-sided wind tunnel is representative
of an infinite cascade in this case and this greatly simplifies
experimental testing. As a result a single thick plate has often
been tested experimentally (for example, Sieverding et al., 1983;
Xu and Denton, 1987b; Motabelli, 1988), as a model of a
turbine blade trailing edge on the argument that the local
features around the trailing edge are not greatly affected by
the neighboring blades. It does not seem to have been realized
that the base pressure and loss for such a geometry are exactly
predictable by simple theory.

The flow around such a model in a wind tunnel is sketched
in Fig. 3, where the sequence of pictures illustrates the changes
in flow as the tunnel back pressure is lowered with constant
inlet stagnation conditions. At a certain back pressure, the
passage between the plate and the tunnel walls will choke and
at lower back pressures than this the mass flow will not change;
this will occur well before the tunnel exit flow is supersonic.
As the back pressure is lowered from the choking value, the
trailing edge shock system will develop and move backward,
as illustrated, until at a certain back pressure the normal shock
will jump downstream to the exit of the wind tunnel. The axial
Mach number behind the trailing edge is now supersonic and
further reductions in the back pressure cannot affect the trail-
ing edge flow. Thus there exists a range of trailing edge flows
for which the passage is choked but the flow, well downstream
of the trailing edge, is subsonic but only a single flow pattern
can exist when the flow well behind the trailing edge is fully
supersonic.

Over the range where the passage is choked, the overall loss
and the base pressure can be calculated by a simple mass,
momentum and energy balance between the throat and a mixed
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Fig. 4 Control volume analysis of an unstaggered cascade

out uniform flow far downstream. The analysis does not ex-
clude viscous effects downstream of the trailing edge so the
uniform mixed out flow will exist even if only a long way
downstream.

Consider the flow through the control volume illustrated in
Fig. 4. The flow in the gap between the plates is assumed to
be choked and uniform, the blade surface boundary layers are
neglected at this stage but are considered in Section 4. The
mass flow is fixed by the choking condition at the throat area;
hence

mNG Ty _ F(1) = constant ¢))
(s—1) Py )

where F(M) is the dimensionless mass flow function as a func-
tion of Mach number, M. For a given geometry and stagnation
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conditions, this equation completely fixes the mass flow rate,
m

Assuming adiabatic flow the stagnation temperature, 7}, will
be constant throughout. If we specify the mixed out Mach
number M, then

™G _ gy @

N P02
Dividing equation (2) by equation (1) gives

Py _ (=N F1)
Py, s F(M,)
Thus the mixed out stagnation pressure is completely deter-
mined once the downstream Mach number is specified. This
result has been obtained from the continuity and energy equa-
tions and so far we have not used the momentum equation.
The latter may now be used to obtain the base pressure. Having
found Py, from equation (3), P, and ¥, can easily be found
from the specified M,.
Applying the momentum equation to the control volume,
we have

mvVi+ P (s—t) + Pot=mV, + P,s 3)

This gives P,, the average pressure acting on the trailing edge.

The result that the base pressure and loss can be exactly
determined without involving any viscous effects seems at first
sight to be contrary to common sense. However, it is not
implied that viscous effects are not important in determining
the detailed flow pattern, which may well be dominated by
viscous or even by unsteady effects within the control volume.
The viscous effects are merely a ‘“means to an end.’> Their
magnitude must adjust itself to satisfy the overall conservation
equations and the boundary conditions. A simple analogy is
provided by a hydraulic jump in the free surface flow of liquids.
The flow in the jump can be seen to be highly turbulent and
unsteady but the overall loss in head that it produces is de-
termined by the depth of the liquid upstream and downstream,
i.e., by the boundary conditions. In a choked turbine cascade,
the analogous boundary condition is the total to static pressure
ratio across the cascade and it is this that determines the Joss.

Examining equations (1)-(3) shows that they are exactly the
same as the normal shock equations with allowance for a
change of area through the shock. The change of area permits
discontinuous solutions to exist when the upstream Mach num-
ber is unity. Just as the loss in a normal shock is determined
by the pressure ratio across it and is independent of the detailed
flow within the shock so the loss in this case is independent
of the detailed flow within the trailing edge region and is fixed
by the back pressure.

Another remarkable result of the analysis is that the loss is
completely independent of the trailing edge shape. A rounded
trailing edge, a square trailing edge or a tapered trailing edge
with the same blockage, will all produce the same mixed out
loss although the detailed flow pattern around them will be
very different. If we consider a long tapered trailing edge
forming a one-dimensjonal gradually diverging passage, the
loss will be entirely due to the normal shock whose strength
and position in the passage is determined by the back pressure
and is easily calculable.

The predictions of the aforementioned analysis are plotted
against pressure ratio for plates with 10 percent and 20 percent
trailing edge blockage in Fig. 5. As the back pressure is lowered
from the point at which the passage first chokes, the loss will
increase and the base pressure will fall. At the point at which
M,; = 1, the base pressure would be zero and so this condition
clearly cannot be reached in practice; before this, the shock
will jump to the downstream boundary and only one solution
on the supersonic branch of the curve is possible. The exact
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point at which the jump occurs will depend on the detailed
geometry and cannot be predicted by this theory.

Since, for the unstaggered cascade, the loss and base pressure
follow directly from the conservation of mass, energy and
momentum, any numerical scheme which satisfies the conser-
vation equations should be able to predict these quantities. As
previously discussed, finite volume Euler solutions conserve
these variables exactly and so should succeed in predicting the
base pressure and loss even when the details of the flow around
the trailing edge are inaccurate, due to shock smearing and
the neglect of viscosity. To check this conclusion the author’s
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method (Denton, 1982) has been applied to a wedge-shaped
trailing edge with 20 percent blockage. Some of the computed
flow patterns are illustrated in Fig. 6. The predicted stagnation
pressure loss coefficient is compared with the analytical result
in Fig. 7 where agreement is seen to be almost exact. In this
case, choking first occurred at a pressure ratio around 0.75
and the jump to supersonic exit flow occurred at a pressure
ratio around 0.575. Also shown on Fig. 7 are several results
for a rounded trailing edge showing similar agreement and
confirming that the overall mixed out loss is not dependent
on the trailing edge shape.

3 Staggered Trailing Edges

A cascade of staggered thick plates, Fig. 8, can only be
treated as an unstaggered one with the same throat blockage
if there is no deviation between the plate surface and the down-
stream flow. This is not generally the case. Another important
difference is that the axial Mach number is usually subsonic
when the relative exit Mach number is supersonic. This means
that the back pressure can affect the trailing edge flow in most
practical circumstances. The single solution with supersonic
axial Mach number is beyond the limit load condition and is
not usually achievable in two-dimensional cascade flow al-
though it may occur in turbines as a result of three-dimensional
flow. Thus the usual operating range of transonic blade rows
lies in the range where the throat is choked and the back

pressure can affect the trailing edge flow; this is the range in’

which the theory of Section 2 gives useful results.

Consider a cascade of staggered plates as shown in Fig. 8.
The stagger angle is 8 and the deviation angle is 6. The average
pressure acting on the suction surface between the throat and
the trailing edge is P,. Plane CD is far downstream of the
cascade where the flow has become uniform and lines BC and
ED are periodic boundaries so that all pressures and fluxes
through them cancel. The conservation equations are
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m\/ Cp T,

(s cos B — 0 Py, F(1) =constant @)

mN C, Ty
scos (B — 6) Py
Dividing these equations gives
Py, F(l)(scosB — )
1?0; - FM,) s cos (8 — §)
Momentum Parallel to the Throat

P (scosB — 1) + mV, + Pyt
=Pyscos B+ mVycosd (7)

Momentum Perpendicular to the Throat
P .ssin = Pyssinf + mV,siné )

Compared to the unstaggered case, we have only one more
equation, equation (8) and two more unknowns, P and §, so
it is clear that the equations are not themselves sufficient to
close the problem. A further equation relating P;, P, and § is
needed for this closure.

It has generally been assumed that the closure of the problem
is only possible by including details of the viscous flow in the
base region. This is not yet accurately predictable so in current
design methods closure is usually by a direct specification of
P,, probably from Sieverding’s correlation. Comparison with
the unstaggered case, however, suggests that closure of the
problem may be possible even for inviscid flow.

Consider the cascade shown in Fig. 9 for which the flow
outside of the base triangle is assumed to be inviscid and the
flow downstream of the trailing edge is fully supersonic. The
flow in the supersonic region may be calculated by the method
of characteristics once the boundaries of the region, i.e., sonic
line and base triangle shape, are known. The Mach number
at the separation point on the pressure surfaces can be found
from the turning (if any) between the sonic line and the sep-
aration point and hence may be regarded as fixed by the ge-
ometry. If the Mach number at the separation point on the

= F(Mp) ®

©®
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suction surface is specified and the base pressure also is spec- N
ified, the base triangle can be constructed and the shock and
expansion system of the flow field may be constructed by
characteristics theory. This will lead to a new estimate of the
separation Mach number on the suction surface. This new
estimate can be used iteratively to update the flow field until

convergence to a separation Mach number that is compatible
with the specified base pressure and with the shock-expansion /
relations is obtained. Hence, we see that, in inviscid flow, ﬁ

characteristics theory provides a unique relationship between \
the base pressure and the suction surface separation Mach )

number. Since the whole downstream flow field is predicted ' ?x"'t\)‘r:?__.:)

by characteristics theory, both the average suction surface pres-
sure, Py, and the downstream pressure, P,, are determined by

this solution. It must be remembered that the solution was
obtained from a specified base pressure and, hence, for any
specified base pressure, there is only one possible back pres-
sure.

An alternative way of thinking about this result is that, in
inviscid flow, the shock-expansion relations provide a unique
relationship between the base pressure and the average suction

surface pressure. This relationship, together with equations
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Fig. 10 Computed static pressure contours for a 60 deg staggered thick
plate cascade
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(4)-(8) is sufficient to close the problem and to enable the base
pressure and loss to be calculated for a specified back pressure.

The relationship between base pressure and suction surface
pressure is not easy to obtain since it involves applying char-
acteristics theory to a complex geometry. However a relation-
ship may be hypothesized, such as

P, = 0.5(P, + Py ®)

and equations (4)—(8) can then be solved to obtain predictions
of base pressure and loss. It turns out that the results are
extremely sensitive to the value of (P, — P,) and so such
approximate relationships are not very useful. However, they
do show that the loss is generally reduced when (P, — P,) is
negative. This may be thought of due to negative deviation
(overturning), produced by the low value of (P, — P,), see
equation (8), increasing the value if Py, needed to satisfy equa-
tion (6). The implications of this result are discussed in Section
5.

The foregoing results imply that an accurate solution of the
characteristic relationships should be able to predict the back
pressure and loss when the base pressure is specified and when
the downstream flow is fully supersonic. In current practice,
the back pressure may be used to estimate the base pressure
(by way of Sieverding’s correlation) and then the base pressure
used to construct the flow field, but no check on the com-
patibility of the original back pressure and that predicted by
the flow field solution appears to have been made. It should
be possible to adjust the base pressure iteratively until the
required back pressure is obtained from the flow field solution
and then to use a mixing calculation to obtain a prediction of
the loss of the cascade under consideration.

In order to predict this inviscid relationship correctly, a
numerical method must now not only satisfy conservation of
mass, energy and momentum between the throat and down-
stream but it must also predict the correct relationship between

the base pressure and the suction surface pressure. Euler so-’

lutions will only predict this latter relationship approximately
because of shock smearing. Since the predicted base pressure
and loss are very sensitive to (P, — P,) it is not clear how
accurate the results will be. However, as the mesh is refined,
the accuracy of Euler solutions will become better and the
predicted loss must tend to the correct inviscid value, i.e., to
the value that would be obtained from a characteristics so-
lution. The experience quoted in Section 1 suggests that rea-
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sonable results may be obtained even with course meshes which
do not accurately resolve the shock system.

The analysis neglects the effects of blade boundary layers
but permits viscous effects downstream of the cascade. Blade
boundary layers will affect the results in two ways. First, they
will reduce the mass and momentum fluxes across the throat
and, second, they will affect the pressure on the suction surface,
especially at the shock wave-boundary layer interaction. The
former is easily allowed for and is discussed in Section 4. The
second effect is much more complex and cannot be accurately
predicted, however, the shock wave-boundary layer interaction
usually smears the shock wave where it interacts with the suc-
tion surface and so makes the blade surface pressure distri-
bution more like that computed by an Euler solver. Hence, it
may contribute to the agreement between Euler solvers and
real flows rather than make the former less valid.

In order to test the ability of Euler solvers to predict the
base pressure and loss of staggered cascades, a series of fine
grid solutions have been obtained on a cascade of 60 deg
staggered plates with a square trailing edge giving 20 percent
throat blockage. The grid used consisted of 40 points in the
pitchwise direction and 150 points in the axial direction. Some
of the solutions obtained are illustrated in Fig. 10. At low back
pressures, P,/Py; < 0.45, stable solutions were obtained with
flow remarkably like that found experimentally. A well-defined
base triangle with two recirculating vortices was predicted, as
illustrated in Fig. 11. The details of the viscous flow within
the base triangle will of course not be correct but, according
to the theory presented previously, the shape of the triangle
is determined by inviscid effects and should be correct. At
higher back pressures it was not possible to obtain steady
solutions and plots of the velocity vectors showed vortices being
shed from the trailing edge and convecting along the wake;
again there is no reason to expect the details of these vortices
to be correct but, according to the theory, the overall dissi-
pation within them should be correct. In these cases, average
values of the base pressure and loss were taken over one cycle.
The predicted base pressures are compared with Sieverding’s
correlation in Fig. 12. Since this cascade had no suction surface
curvature and no trailing edge wedge angle, there is no cor-
responding curve on the correlation; however, the agreement
of the predictions with the correlation for low wedge angles
and curvatures is reasonably good. The agreement is in fact
much better than that usually found between the correlation
and experimental measurements (for example, Xu and Denton,
1987). There are no experimental measurements of loss for
this case but since the base pressures are reasonable the com-
puted loss also must be in reasonable agreement with that which
would be predicted using the correlation.

4 Effect of Blade Boundary Layers and Trailing Edge
Ejection

Blade boundary layers are easily included in the analysis of
Section 2. Their effect will be to reduce the mass flow through

the throat by p,V,8* and to reduce the momentum flux through
the throat by o, V2 (6* + 6). Thus equation (4) becomes

mv\ C, Ty

(scos B—t—06%) Py F(1) = constant (10)
and equation (7) becomes
mV,—pV20 + Pfscos B—1) + Pyt
= mVyco86 + Pyscosf (11)

Dividing equation (10) by equation (5) shows that the effect
of the boundary layer on Py, at a constant value of M, and é
is exactly the same as an increase of blade thickness by 6*.
The momentum thickness of the boundary layer does not di-
rectly affect the loss but as shown by equation (11) it does
have an effect on the base pressure. Increases of momentum
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thickness at constant M, are predicted to increase the base
pressure and this is in agreement with both supersonic base
pressure theories and with experimental measurements.

The relative importance of the displacement and momentum
thicknesses is the opposite of that in a low speed situation
where 6 has a much greater effect on the loss than does 6*. It
implies that a separated boundary layer with a high displace-
ment thickness will cause a high loss in transonic flow, whereas
it might not be so harmful in subsonic flow. Since the dis-
placement thickness of the boundary layer is usually much less
than the trailing edge thickness (6*/(s cos ) is typically 0.02-
0.03 while #/(s cos ) is typically 0.05-0.20) the boundary layer
loss is usually much less important than the trailing edge loss
for choked blade rows.

If coolant flow is ejected from the trailing edge, the effect
is similar to a negative boundary layer thickness. The coolant
flow rate is m, and it is ejected with velocity V, parallel to the
plate surface. If the downstream flow rate remains m, the
throat flow is m —m.. Equation (10) becomes

m-m)NG, Ty,

(6 cos B — 1) Py, = F(1) = constant (12)
and equation (7) becomes
m-—-mdVy+ mV, + P,scos B + t P
= mV,cos 6 + Pyscosf3 (13)

The energy equation must now be used to obtain the mixed
out temperature Ty, if the coolant stagnation temperature is
Tg this is given by

m Ty = (m—mg) Toy + mTy, 14
Dividing equation (12) by equation (5) now gives
Py FO) m(scos B — 9 Ty (15)

Py FM,) (m — m)scos (B — 8) o[ Tu

Comparison of the last equation with equation (6) shows that -

coolant ejection serves to reduce the trailing edge loss because
of the increase in mass flow but the decrease in mixed out
temperature far downstream will reduce the magnitude of the
effect, This conclusion assumes that the deviation, §, is not
affected by the ejection which is unlikely to be exactly true.
The overall loss accounting with coolant flows is more com-
plex and must include the entropy generation due to viscous
effects inside the coolant passages, as well as the entropy gen-
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eration due to mixing of fluids at different temperatures. How-
ever, if the mass flow, stagnation pressure and stagnation
temperature of the coolant are specified, the velocity of ejection
can be obtained from the latest estimate of base pressure and
the foregoing equations solved iteratively to obtain the loss
and base pressure. As a simple example, Fig. 13 shows the
effect of coolant ejection upon the base pressure and loss when
the coolant is supplied at the same stagnation conditions as
the main flow. This calculation assumes that the suction surface
pressure in equation (8) is that given by equation (9); this
assumption is not necessarily accurate but serves to illustrate
the trends.

5 Effect of Suction Surface Curvature

Study of equation (6) shows that for a staggered trailing
edge the loss is controlled by the deviation between the down-
stream flow angle and the blade angle. In general, the blade
angle used in equation (6) should be that given by cos~(0/s).
Figure 14 shows the predictions of equation (6) for a 60 deg
blade angle with 20 percent trailing edge blockage. Within the
assumptions of the model, these results are exact. They show
clearly that negative deviations are very desirable for reducing
the loss for this thick trailing edge. Similar results are found
for thinner trailing edges but for very thin trailing edges realistic
solutions of equation (6) at high Mach numbers can only be
obtained for positive values of deviation. Equation (8) shows
that to obtain a large negative deviation the blade must have
a low average suction surface pressure downstream of the
throat. As shown in Section 3 for a straight suction surface,
this pressure is determined by the back pressure and cannot
be varied. However, for a real blade, the pressure also is af-
fected by the suction surface curvature. Increasing the suction
surface curvature downstream of the throat will lower the
average pressure on the surface and so reduce the deviation.
This suggests that for thick trailing-edged blades curved suction
surfaces may give less loss than flat surfaces. This conclusion
contradicts conventional rules which favor a straight suction
surface downstream of the throat for blades with low super-
sonic exit Mach numbers and which also suggest that a con-
vergent-divergent passage is best at high outlet Mach numbers.
The origin of these rules is not known but it is likely that they
originated from steam turbine technology where thin trailing
edges are usual. Hence, the aforementioned conclusions for
thick trailing edges may not be in conflict with conventional
wisdom. '
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As a test of this conclusion Euler solutions were obtained
for the same 60 deg staggered thick plate cascade as before
but with the plate bent so as to give 5 deg of turning downstream
of the throat. The plate thickness, measured perpendicular to
its surface, was held constant and the ratio of plate thickness
to throat gap also was maintained constant; this required the
blade pitch to be slightly increased. The conditions were then
felt to be equivalent to those for the straight staggered plate
since both the mass flow and the throat blockage were both
the same for each passage. The predictions for loss are com-
pared with those for the straight blade in Fig. 15 and those
for base pressure in Fig. 12. An increase in base pressure at
all exit Mach numbers is convincingly demonstrated. This is
consistent with the predictions of Sieverding’s correlation which
also suggests that trailing edge wedge angle should have a
similar effect. The reduction of loss that would be expected
from the increase in base pressure is only predicted to occur
for high subsonic and low supersonic exit flows. In both cases,
there is an increase in computed loss at low back pressures,
which appears to be associated with the reflection of the down-
stream running shock wave from the downstream boundary
of the calculation domain. Hence, it may not be a physically
realistic result and in fact all the loss predictions at low back
pressure should be treated with caution. Similar results for the
variation of both base pressure and loss with suction surface
curvature have been obtained for two other cascades, one with
a different trailing edge shape and one with a different stagger
angle.

As emphasized previously, the predictions of the Euler solver
are not exact in this case, even for inviscid flow, because the
shock smearing will affect the suction surface pressure. How-
ever, the predictions are felt to be a very good guide to what
will occur in practice and suggest that curved suction surfaces
should be seriously considered for thick trailing-edged blades

in the high subsonic and low supersonic exit Mach number

range.
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Conclusions

This investigation has led to both theoretical and practical
conclusions. From a theoretical point of view, it has been
shown that the problem of predicting the base pressure and
loss of a transonic trailing edge operating at a specified back
pressure can be closed without the need to involve viscous
effects. In practice viscous effects will only modify the solution
by changing the pressure- distribution on the suction surface
downstream of the throat. An inviscid Euler solution will pre-
dict the base pressure and loss if it predicts the average suction
surface pressure correctly. In practice, reasonable predictions
may be obtainable despite the numerical shock smearing.

Blade surface boundary layers and trailing edge coolant ejec-
tion can be allowed for if their effect on the average suction
surface pressure is known. The effect of boundary layers is to
effectively thicken the trailing edge by the boundary layer
displacement thickness. For choked turbine blades with real-
istic trailing edge thickness, the loss due to blade boundary
layers is likely to be much less than that due to the trailing
edge shock system, the boundary layer loss will only be dom-
inant for blades with very thin trailing edges. Trailing edge
ejection effectively thins the trailing edge and reduces the loss
of the mainstream flow.

Both theory and inviscid predictions indicate that, for thick
trailing-edged blades operating in the transonic regime, blades
with some curvature of the suction surface downstream of the
throat should have less loss than those with straight suction
surfaces. This conclusion urgently needs to be tested experi-
mentally.

It should be emphasized that all the theory and conclusions
only apply to choked blade rows for which the mass flow rate
is not a variable and that the loss considered is the mixed out
loss far downstream of the blade row. In practice, the wake
and shock system from the trailing edge may interact with a
downstream blade row well before complete mixing occurs and
the entropy generation in this unsteady interaction may be
quite different from that calculated by either this or any other
method.
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An Experimental Assessment of
the Influence of Downstream
Conditions on the Performance of
a Transonic Turbine Nozzle of
High Turning

The present work was conducted to extend information derived in a previous study
where it was found that the performance of a transonic turbine nozzle of high
turning angle was significantly affected by the design and operation of the down-
stream rotor and the detailed characteristics of the nozzle flow field. Measurements
obtained in an operating stage environment were compared with information from
simplified test arrangements. In particular, it was possible to make direct compar-
isons of static pressure distributions at the vane root as affected by downstream
conditions. Detailed exit flow surveys indicated areas susceptible to the influence
of rotor presence. Probe interaction effects also were assessed in a special series of
tests conducted over a representative range of Mach numbers. Finally, experiments
were performed with a perforated plate simulating rotor presence, in an attempt to
determine the limitations of such simplified test arrangements in the generation of
pertinent data. The results shed further light on a complex subject, and have been
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aimed at practical validation of test arrangements and techniques.

Introduction

Experimental assessment of the aerodynamic performance
of turbine nozzles has evolved through conditions of increasing
complexity. Valuable initial data were obtained in linear cas-
cades, first at low speeds and then with exit flows up to super-
sonic. Three-dimensional effects were accentuated in more
realistic annular geometries, and recent work has been con-
cerned with nozzle performance under the combined influence
of high Mach numbers, low hub-to-tip ratio and high flow
turning angles. Such test conditions, involving significant shock
systems and boundary layer interactions, in flows of high swirl
and large radial and circumferential pressure gradients, pose
new challenges in terms of experimental technique in order to
simulate the flows actually existing in the complex stage en-
vironment. In particular, it appears that test conditions and,
in some cases, instrumentation downstream of the nozzle, may
significantly affect the distribution and magnitudes of the flow
parameters, with appreciable influence on measured perform-
ance.

Different investigations addressed the effects of the aero-
dynamic interaction between the vanes and rotor blades and

Contributed by the International Gas Turbine Institute and presented at the
34th International Gas Turbine and Aeroengine Congress and Exhibition, To-
ronto, Ontario, Canada, June 4-8, 1989. Manuscript received at ASME Head-
quarters February 1, 1989. Paper No. 89-GT-283.
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emphasized the significance of the downstream conditions in
affecting the radial pressure gradient at nozzle exit. Boletis
and Sieverding (1984) reported some tests in a low speed an-
nular nozzle cascade with a flow turning of 69 deg and a hub-
to-tip ratio of 0.8. The nozzle was tested with and without a
downstream rotor. They did not observe any fundamental
modification to the nozzle exit flow field, and therefore con-
cluded that high hub-to-tip ratio annular nozzles with moderate
turning could be tested without a downstream rotor. Sjolander
(1975) showed no effect on the outlet flow field behind a low
turning annular nozzle when tested with and without down-
stream exit guide vanes. Denton (1983) and Spurr (1980) re-
ported a new technique for testing nozzles without the
complexity of providing a moving blade row. A perforated
plate was used to simulate the rotor of the last stage of a steam
turbine, and realistic measurements were obtained at the exit
of an annular cascade of nozzle blades. Squire and Bryanston-
Cross'(1986) used the same technique to balance the large radial
pressure gradients downstream of a low hub-to-tip ratio (0.5)
annular nozzle. ’

The work reported here was carried out to extend infor-
mation derived in a previous study (Williamson et al., 1986)
where experiments were conducted on a large scale, transonic
turbine nozzle with and without a representative rotor down-
stream. Two nozzle designs, involving the same low aspect
ratio (0.6), high turning angle (76 deg), -and hub-to-tip ratio
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(0.72), and differing only in outer wall contour, were tested
over a range of exit Mach number for different rotor speeds
and blade numbers. The results demonstrated that the overall
and relative performances of the two nozzle designs were af-
fected significantly by conditions downstream of the nozzle
exit. In general, it appeared that low aspect ratio nozzles of
high turning angle might be susceptible to hub flow separation,
whose propagation could be beneficially influenced by rotor
design and operation.

In the present study, a similar nozzle was operated with three
different downstream conditions: nozzle alone, with a rotor,
and with a perforated plate designed to simulate the rotor
presence. The results are presented in the form of radial dis-
tributions of flow angle and pressure loss at the nozzle exit
for the three cases. Comparisons of static pressure distributions
at the vane root, as affected by downstream conditions, also
are given. In addition, probe interaction effects were assessed
in a special series of tests conducted over a representative range
of Mach number.

Experimental Methed

Test Facility. The test facility (Fig. 1), which has been
described by Moustapha and Williamson (1986), was designed
to accommodate single turbine stages of about 53 cm o.d. with
blade heights up to 7.5 cm. Turbine power was absorbed in a
water brake dynamometer with a speed range up to 10,000
rpm, Air was drawn through the rig by a large exhauster plant.
In tests involving the rotor, the inlet air was prewarmed by
mixing with the output of a propane combustor to maintain
stage exit temperature near cell ambient conditions. Inlet air
temperature could be varied up to the design point value of

Number of vanes -
Mean radius

Span at exit

Axial chord
Leading edge diameter

Trailing edge diameter = 4.2 mm
Inlet metal angie = 10°
Exit metal angle = 76°

Fig. 2 Vane sections and midspan geometric parameters

near 120°C depending upon operating conditions. The pre-
warming feature also was used to raise the inlet temperature
in the tests without the rotor, in order to avoid freezing or
condensation problems at nozzle exit.

A meridional view of the test facility in the vicinity of the
nozzle is shown in Fig. 1. Tests described in this report were
run with the nozzle alone, with a perforated plate simulating
the rotor, and with an operating rotor. During tests with the
nozzle alone, and with the perforated plate, the rotor was
replaced by a dummy ring of diameter equal to that of the
rotor blade hub platform.

Details of the vane section employed are presented in Fig.
2. The 14 vanes were stacked such that the trailing edge was
straight and radial in meridional and axial views. Design exit
Mach number at the mean section was 1.2, corresponding to
avalue of Pr = 2.3. Vane Reynolds number during the present
tests was up to 1.8 x 10°, based on mean chord and inlet
conditions, and up to 9 x 10°, based on exit conditions. The
outer wall of the nozzle incorporated an S-shaped contour—
similar to that reported by Williamson and Moustapha (1986)—
which varied circumferentially from vane suction to pressure
surfaces. Further information on this concept will be presented
in a later report.

The rotor has been described by Moustapha et al. (1987),
and was designed for subimpulse conditions at the blade root,

Nomenclature
bx = axial chord of vane . .
C, = local nozzle total pressure loss N, = N/~ Tom; relative to design x = axial distance from vane lead-
coefficient value, percent ing edge
= (Pom, — Po,)/(Pom, Mn = Mach number a = local exit swirl angle (degrees
— Psm,) Mn = area weighted mean Mach from axial)
Vol : ; ber @ = ci ferential mean of o
= circumferential mean of C, um : @ = circumlie €
Cp = circ ) . »0 Po = Jocal total pressure @ = area-weighted radial mean of
Co = Ee_a-welghted radial mean of  pom = mean total pressure ' a
Cpo PR = stage total pressure ratio, .
_ — Pom,/Pom, Subscripts
Cpo;, = Cy evaluated over h“.b 50 Pr = nozzle total to static pressure, 1 = nozzle inlet plane
~ percent of annulus height Pom,/Psm, 2 = nozzle exit plane
CE,; = C,, evaluated over tip 50 per- Ps = local static pressure 3 = rotor exit plane
cent of annulus height Psm = mean static pressure h = hub
N = rotational speed Tom = mean total temperature t = tip
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Fig. 3 Perforated plate

with a resultant large flow deflection (130 deg) and high inlet
relative Mach number (0.8). The 51 blade variant was used in
the present tests.

Rotor Simulator. To investigate whether the rotor could
be adequately simulated with simple stationary hardware, a
perforated plate was fabricated, guided by a design procedure
reported by Squire (1986). This method seeks to control the
radial pressure gradient in the nozzle exit plane by removing
the tangential component of velocity. While Squire based the
perforation detail and the effective stagnation pressures on a
requirement for constant annular mass flow rate per unit area,
the present design used the nozzle exit stream properties meas-
ured with the rotor operating at design conditions. In both
cases, it was assumed that the flow through the holes would
be fully choked. The present plate featured square holes (11
mm), as depicted in Fig. 3, which, together with a depth aspect
ratio of unity, was expected to be highly effective in achieving
the removal of nozzle exit swirl. The ‘“‘plate’” was actually
comprised of a stack of identically perforated annular rings
that could be displaced circumferentially relative to one an-
other, either for modulating open area or for assisting in flow
deflection. Neither of these two features was used in the present
tests since the stack with aligned holes appeared to perform
sufficiently well. The plate was located at the plane of the rotor
leading edge, 0.39 vane axial mean chords downstream of the
vane trailing edge, and about one tenth of the distance used
by Squire.

The design method initially led to a requirement for open
area ratios in excess of unity at the hub. Faced with a similar
problem, and exacerbated by the fact that round holes were
used instead of square ones, Squire employed an annular slot
in the hub region. The square holes of the present design, when
closely pitched, justified relaxing the assumed contraction
coefficient from 0.6 (typical of isolated holes) to 0.8, thereby
circumventing the problem.

Instrumentation. Instrumentation was designed to explore
mean gas angles and pressures under steady-state conditions.
Static pressure tappings in the large upstream plenum chamber
were used to sense nozzle inlet stagnation pressure. The test
facility, although designed for investigation of a complete stage,
also permitted radial and circumferential traversing at nominal
nozzle exit plane (Fig. 1), the actual traverse position being
11.5 mm axially downstream of the nozzle trailing edge (cor-
responding to 0.19 nozzle axial mean chords). Most traverses
were performed using a 4.8-mm-dia wedge probe. Approach
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Rod location
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Fig. 4 Rod and static tap locations at the hub, including estimated
bow shock position (Pr = 2.3)

of the probe to the hub was limited by contact with the wall
when the total pressure port was 4.8 mm from the surface.
Considerable care was taken to ensure adequate sealing of the
traverse slot, and checks were made with smoke to ensure no
detectable leaks were present, ]

The probe was operated under computer control, being au-
tomatically nulled for flow direction at each preselected point
before total pressure data were recorded. For each circumfer-
ential position, data were secured at 12 radial immersions of
the probe. A total of 11 circumferential increments, equispaced
across a nozzle exit, was required to complete the mapping for
each test condition.

Nozzle exit wall static pressures were averaged from blade
to blade at hub and tip by using circumferential slits which
extended over two nozzle exit passages and which connected
to relatively large volume subsurface chambers, in which the
static pressures were measured. A linear variation of static
pressure from hub to tip was assumed to permit calculation
of local probe Mach numbers for estimation of corrections to
measured total pressure under supersonic flow conditions.

Earlier work by Williamson et al. (1986) had indicated that
the vane root suction surface was susceptible to flow separation
under some test conditions. In order to provide additional
information in this area, 10 static pressure tappings were in-
serted in the uncovered suction surface of the vane, near the
root, as detailed in Fig. 4.

Additional pressure and temperature measurements down-
stream of the rotor (Moustapha et al., 1987) permitted defi-
nition of overall stage operating conditions in the present tests.

Probe Blockage Experiments

A survey probe at nozzle exit typically operates in a shear
flow environment, produced by wakes, boundary layers, and
secondary flows. This suggests that both the survey probe
measurement and the nozzle surface isentropic Mach number
(based on local static and inlet total pressure) could be subject
to significant experimental errors in addition to any incurred
because of blockage effects. Probe readings could be degraded
by falsely indicated flow alignment, while inferred surface
Mach numbers would be exaggerated because actual total pres-
sure would be less than the upstream valué. Observed sudden
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drops in streamwise Mach number are further evidence of more
total pressure loss due to interactions between the boundary
layer and shock system.

The first tests reported here were made to investigate whether
the influence of the nozzle exit survey probe was significant
with respect to the measured magnitude and distribution of
flow parameters. During nozzle exit flow surveys, the probe
was sequentially positioned in 11 equispaced circumferential
locations covering one nozzle passage. For the present tests,
the probe was replaced with a cylindrical rod of the same
diameter (4.8 mm) which fully spanned the annulus space,
except for a small radial clearance gap necessary for moving
the rod in the circumferential direction. The rod produced a
blockage ratio relative to the throat area of 0.24.

Unfortunately, measuring instrumentation to sample the
stream properties nonintrusively in the probe survey plane was
not available, but it was possible to infer changes in the flow
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Fig. 7 Effect of cylindrical rod blockage on the vane mean radius sur-
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field by measuring surface pressures on the solid boundaries
of the flow. Two sets of experiments were conducted, one
involving blade surface static pressure measurements near the
vane root, where the Mach numbers were highest and the flow
most sensitive to disturbance, the other with similar measure-
ments at midheight, to give some indication of overall per-
turbations. Physical considerations necessitated separate
nozzles to accommodate all the pressure tappings. Accord-
ingly, one nozzle passage was equipped with a chordwise dis-
tribution of ten pressure taps at a constant radius of 200 mm
relative to the turbine axis near the root. A single pressure tap
was located on the pressure surface near the throat, the re-
mainder were distributed along the suction surface downstream
of the throat, the first one starting orthogonally opposite the
single tap on the pressure surface. Figure 4 shows the pressure
tap layout.

The experiment involved stepping the rod from one position
to the next, and comparing the measured static pressures with
the datum (empty passage) in terms of isentropic Mach num-
bers for three test pressure ratios of 1.4, 1.9, and 2.3.

The probe interference hardware tested was intended to gen-
erate a maximum interference limit, simulating a fully im-
mersed probe. Figure 4 illustrates the circumferential rod
position relative to the nozzle passage surface pressure taps.
Detached shock waves, computed, using Moekel’s method
(presented in Shapiro, 1954), tend to be located far upstream
because Mach numbers are low and the rod is a relatively large
and blunt body.

The influence of rod position on each pressure tap, as shown
in Figs. 5 and 6, appears to be a maximum for taps alongside,
or just downstream of the rod, while taps at the throat did
not register any disturbance. As can be seen from these meas-
urements, and the calculated shock waves shown in Fig. 4, the
upstream influence was attenuated as the rod was moved to
higher position numbers. As expected, the influence of the rod
also decreased with reduction of nozzle pressure ratio (Fig.6).

As noted earlier, a second nozzle (with a minor difference
in outer wall contour) was equipped with a mean line distri-
bution of pressure taps. As depicted in Fig. 7, the nozzle
passage incorporated 12 pressure taps on the suction surface
and 6 pressure taps on the pressure surface. This figure shows
that the surface Mach number is depressed by up to 5 percent
locally on the suction surface in the general throat region for
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rod position No. 2, the maximum interference case. However,
the inlet surfaces of the nozzle and the pressure surfaces do
not show any evidence of disturbance. The visible perturbation
is, therefore, attributed to subsonic flow solid wall blockage
effects of the rod, i.e., displacement of streamlines, and its
effects on the boundary layer in the region of minimum pres-
sure. The invariance of surface isentropic Mach number in the
inlet portion of the nozzle at pressure ratio settings of 1.4 to
2.3 (i.e., during subsonic and supersonic nozzle flows) suggests
that nozzle flow rate was not affected significantly by the
presence of the rod, and that the observed excursions of pres-
sure on the downstream suction surfaces were associated with
local boundary layer development with no first-order inter-
ference effect on the measured stream properties at the probe
measuring location.

The aforementioned experiments were repeated for a less
blunt probe support system, fabricated by milling two flat sides
on a similar rod to create a sectorlike cross-sectional shape
featuring an apex angle of 37 deg and a frontal width of 3
mm. This gave it the same configuration as the head of the
wedge probe used in the nozzle exit flow survey (Williamson
et al., 1986, 1987). As indicated in Fig. 8, the wedgelike rod,
when aligned with the flow at a radius of 200 mm, offered less
blockage, and consequently was found also to cause less dis-
turbance at the pressure orifices of the nozzle. It is interesting
to note that the chordwise distribution of surface Mach num-
ber, while exhibiting a noticeably weaker disturbance imprint,
was nevertheless qualitatively similar to that created in the
plain rod experiments.

All of these tests tended to confirm that nozzle flow rate
was essentially unaffected by the simulated probe. The major
evidence of interference was confined to the uncovered suction
surface pressure distribution. The implication is that stream
properties sensed by the probe under transonic flow conditions,
i.e., under design conditions, were largely free of probe in-
terference effect. Under subsonic flow conditions, some
streamline repositioning, and hence, also minor distortion in
the measured total pressure and flow angle profiles, was phys-
ically possible.

Effect of Downstream Component

With the validity of earlier nozzle exit traverses confirmed,
at least to first-order, attention was turned to a further ex-
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Fig. 10 Effect of downstream component on vane root surface Mach
number distribution at low pressure ratio

amination of the effects of downstream components on the
measured performance of the nozzle. Tests were conducted
over a range of nozzle pressure ratio for three different con-
figurations: nozzle alone, nozzle with operating rotor, and
nozzle with perforated plate, as described earlier. Measure-
ments included vane surface pressure distributions and nozzle
exit flow traverses.

Vane root Mach number (at a radius of 200 mm), based on
local static and inlet total pressures, is plotted in Figs. 9 and
10 for the supersonic and subsonic flow cases; i.e., Pr = 2.3
and 1.4. A calculated inviscid distribution, from Williamson
and Moustapha (1986), also is included to help orient the
limited data.

During supersonic flow, the suction surface Mach number
can be seen to rise downstream of the throat up to the reflection
on the uncovered surface of the shockwave of the covering
blade. The Mach number then rises again toward the trailing
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Fig. 12 Effect of downstream component on radial distribution of cir-
cumferentially averaged total pressure loss coefficient at design speed
and pressure ratio (Pr = 2.3)

edge of the nozzle vane. The final Mach numbers, reached on
both suction and pressure surfaces, were observed to be higher
when either the perforated plate or the rotor was present,
suggesting that the flow remained attached up to the trailing
edge, and thereby, generating a Mach number distribution
closer to the inviscid flow calculation.

Under subsonic flow conditions, as shown in Fig. 10, the
Mach number downstream of the throat first decreased and
then tended to constancy—a distribution that is consistent with
initial diffusion of the core flow, followed by separation, as
implied by the inviscid flow calculation. Neither the perforated
plate nor the rotor appeared to alter this basic distribution, It
is noted that the increased exit Mach number apparent in the
“rotor’’ data reflects a slightly higher test pressure ratio.

Figures 11 and 12 present radial distributions of flow angle
and total pressure loss measured at the nozzle exit traverse
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plane at design pressure ratio (Pr = 2.3) for cases with the
nozzle alone, with the perforated plate, and with the rotor
operating at design speed. As found in earlier work by Wil-
liamson and Moustapha (1986), there was a considerable dif-
ference between data taken with the nozzle alone and with an
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operating rotor present, particularly in the vicinity of the hub.
The perforated plate appeared to provide nozzle exit conditions
which were a fair approximation to those obtained with an
operating rotor, the match of flow angles and losses at the
hub showing significant improvement. Bearing in mind the

uncertainty associated with some of the traverse measurements -

in highly sheared and supersonic flows, and also the fact that
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no attempt was made to improve the match by rotationally
skewing the stack of annular rings making up the ““plate,’’ the
similarity demonstrated between the data is remarkable.
Similar data, for lower nozzie pressure ratios, are presented
in Figs. 13 and 14. It is evident in Fig. 13 that the slight

_overturning of the perforated plate data at midheight, relative

to the rotor results, appears to increase as pressure ratio is
reduced. Increased loss also is apparent in this region (Fig.
14). However, the overall match betwéen perforated plate and
rotor data is generally reasonable, and represents a consid-
erable improvement on the nozzle alone performance in the
hub region.

The general impression of the potential usefulness of the
perforated plate in simulating an operating rotor is confirmed
in Fig. 15. Overall area-weighted mean angles and total pres-
sure losses for the three cases tested are presented in Figs. 15
and 16 as a function of mean area-weighted nozzle exit Mach
number. Lines have been faired through the data following
the trends established by Williamson et al. (1986). The benefit,
due to the downstream component, is obvious for both angle
and loss measurements. The overall averages of nozzle exit
flow angle achieved by the perforated plate are seen to be quite
close to those observed while testing the rotor, except at the
highest pressure ratio where a difference of approximately 1
deg was measured. On the other hand, the perforated plate
was generally associated with a higher nozzle pressure loss than
was the rotor. It is interesting to note that the largest reduction
in loss associated with either downstream component occurred
at the intermediate pressure ratio (exit Mach number of 0.95),
which corresponds to critical conditions, as discussed in the
previous paper (Williamson et al., 1986).

The contributions of the outer and inner 50 percent of the
annulus area to the measured total pressure losses is shown in
Fig. 16. The substantial contribution of the plate to matching
the nozzle hub losses with the operating rotor is evident, al-
though the plate is less helpful in the tip region.

The detailed geometry of the downstream component and
its axial location appear to play an important role in the ob-
served flow redistribution. The channelling effect of the rotor,
for example, is one physical phenomenon that cannot be ad-
equately simulated by a perforated plate. The complexity of
the situation suggests that improvements on the perforated
plate would require considerable experimentation.

Conclusions

Experiments have been conducted to assess possible inter-
ference effects of a nozzle exit traverse probe in conditions of
highly swirled transonic flow. A rod spanning the annulus in
the nozzle exit traverse plane was used to simulate the meas-
uring probe at full immersion. Under ‘‘worst case’’ conditions
(full immersion and appropriate circumferential position), the
nozzle flow rate, inferred from vane static tappings, was un-
affected by the presence of the rod. Although some disturbance
to the pressure distribution on the uncovered suction surface
could be detected for some rod positions, it appeared likely
that flow sensed at the rod itself would be largely unaffected
by such perturbations. As expected, decreased Mach number
and a smaller rod blockage reduced the interference. Although
it was concluded that nozzle exit flow traverses were not com-
promised by interference effects, at least to first-order, ad-
ditional experiments are planned to confirm this finding
through direct comparison of probe and LDA measurements.

Further experiments related to nozzle exit conditions com-
pared the nozzle performance when tested alone, with an op-
erating rotor, or with a stationary perforated plate located at
a position corresponding to the rotor leading edge. Distribu-
tions and overall levels of nozzle losses and mean flow angles
measured with the operating rotor were matched quite well by
the simpler perforated plate arrangement. In particular, the
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losses and gas angles associated with an incipient nozzle hub
flow separation without a downstream component were im-
proved appreciably by the presence of the plate at all nozzle
pressure ratios. Based on results presented, the perforated plate
would be worth further investigation for use in the testing of
transonic turbine nozzles of high turning angle.
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The Use of Circumferentially
Varying Stagger Guide Vanes in

J. H. Horlock

Open University,
Milton Keynes, United Kingdom

an Axial Flow Pump or
Compressor

An actuator disk analysis is given of the flow through a guide vane and rotor com-
bination. It is shown that changes in total pressure across the rotor are in general
related to czrcumferentzal variations in guide vane outlet angle. In particular known
variations in inlet total pressure may be eliminated by suitable circumferential
changes in guide vane stagger.

1 Introduction

Guide vanes are frequently used ahead of the first rotating
row of a pump or compressor, to off-load that rotor (reducing
cavitation or Mach number). The guide vane stagger (uniform
round the annulus) may be varied and rotor stall may be
delayed (by rotating the vanes to higher stagger).

Variation of guide vane outlet angle circumferentially
around the annulus has been employed to break up rotating
stall patterns in a research compressor (Horlock, 1956). It has
also been proposed by Chen et al. (1987) in order to enhance
the tolerance of an axial compressor to an inlet distortion. The
authors suggest that by opening the guide vanes in the portion
of the circumference exposed to low total pressure, and clos-
ing them in a region of high total pressure, the axial velocity
distortion just ahead of the compressor can be reduced.

The author’s interest in circumferentially variable guide
vane stagger was recently revived by observing their use to
cancel out an angle variation at inlet to a propellor disk, aris-
ing from a uniform flow entering at an angle to the axis of
propeller rotation (Fig. 1). The rotor blades experience an
angle of attack that varies as they move round the annulus,
and this may be eliminated most effectively by use of guide
vanes of variable outlet angle ahead of the rotor.

The actuator disk analysis given here, of nonaxisymmetric
flows through a guide vane and rotor combination, illustrates
the relation between guide vane outlet angle and stagnation
pressure rise. In particular it is shown that an entering deficit
in stagnation pressure may be eliminated by varying the vane
outlet angle round the annulus (and hence the rotor work).

2 Analysis

We use a set of equations developed by Mokelke (1974), and
used subsequently by Henderson and Shah (1982), to study the
flow. For small perturbations from a uniform flow at an angle
a to the axis, the following equations for axial velocity,
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tangential velocity, and total pressure perturbations satisfy the
continuity and Crocco equations:

Vi= E (Alnenx__Azne—nx+A3ne—inax)ein0 o)
n

Vi= ) (i, ™ +id, e +aA, e=inex)eint @)
n

Pp=Y,2(1+a%)A, erein )
n

Here the perturbations are written as fractions of mean axial
dynamic head (P7 PT/ Y4pV2) or mean axial velocity
Vyi= V / Vx, Vi= Vo/ V,) where the superscript ~refers to the
actual perturbatlons

We consider a guide vane/rotor combination (Fig. 2). There
are three regions: upstream (u), between the two rows (m), and
downstream (d). In any one region, three constants are re-
quired to describe the flow: 4 1,0 Az, and A; . But in the
upstream area, the term mvolvmg the negatlve exponential
(Azne 7Yy cannot be present, and similarly in the downstream
flow the positive exponential (Al,, e"™) cannot exist. Thus

Ship hull

,//////

Flg. 1 Flow into propeller past inclined ship huil

Propellor disk

Location of
variable outlet
angle guide vanes
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Guide vanes Rotor

Fig. 2 Actuator disk model of flow through guide vanes and rotor

there are two constants describing the flow in each of these
regions. If the flow far upstream is specified, then one of those
constants is known, leaving six to be determined (one in the u
area, three in the m area, and two in the d area). We shall
match total pressure, axial velocity, and tangential velocity at
each of the two disks to give the six equations required for
solution.
We shall assume the following:

(i) that the two disks are close together, at x=0+¢, x=0—¢,
so that at the disks the exponential terms become unity.

(ii) that the mean flow in the upstream region is axial
(a, =0), but that tangential mean velocity exists in the m and d
regions produced by stator blade angles at &,, to the axial flow
direction, and rotor blade angles at 3, to the axial flow direc-
tion

(a, =tan &,, a;=(U/V,)—tan §3,).

With these assumptions, the conditions at the disks are as
follows (dropping the n subscripts and the summation signs
for simplicity, i.e., for the first harmonic):

Upstream of guide vanes

P, =24, " 6

Between blade rows

Vip = (A, =4, +4; e (7)

Vi = (iAl,,, +id,, +ta,As, ye ®)

Pr =21+ a, )As, et )
Downstream of rotor ‘

Vi = (=Ay, +4;,)e" (10)

Véd=(iA2d+adA34)e"’ (11)

Pz, =2(1 +a§)A3de“’ (12)

The simplest matching condition is in total pressure at the
guide vane trailing edge (assuming no losses across the row),
i.e.,

P, =Pj, (3)
Ay = (I+ad)A, (14)

Matching of the axial velocity perturbation at the same loca-
tion yields

Vi, =Ve, (1)
A +Ay =A, —A, +A; (16)

The tangential velocity at the guide vane trailing edge is given
by

I—/"m + I‘}'(’m = ( me + me ) tan(di71+&r71) (17)

where &, is the circumferential variation in the guide vane
angle, &, =aoe”. Since ¥, =V, tana, it follows that

Vi, =tan &, Vy +sec? &,oe” (18)
and hence
iAlm +iA2m +amA3m =am[A1m _A2m +A3m] +(¥0(1 +a,2")
19

For matching at the second (rotor) row, the axial velocity
equation is straightforward

Vi, =Vi (20)
Ay, = Ay, + A, = ~A,y, +As, (21)

The perturbation in tangential velocity results from the equa-
tions

Voy=U-V, tan 3, 22)
Voy+ Vo, =U~(V,, +V, tan B, 23)
so that
Vy=—V, tan B, 24
Vj=—V,tan§, 25)
iAy, +a4A;, = (A, —Ay,) tan B, (26)

Finally, for loss-free flow, the increase in total pressure across
the rotor may be related to the change in tangential velocity.
In the mean flow

Vi, = (A, +4; )€’ @ o ) o
Vi =id, e? ®) APr=Pr,~Pr =pU(Vy,=V,,) @7
Nomenclature
B = rotor (relative) outlet angle m = between blade rows
a, A = constants p = density u = upstream
Py = total pressure .
U = blade speed Subscripts Superscripts
Vs Vo = velocity components 1,2,3 = referring to constants at _ = undisturbed or mean flow
¥, § = coordinate system ‘ given location = perturbation
a = guide vane outlet angle d = downstream ’ = dimensionless perturbation
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In perturbed flow

APr+APp=Pp +Pr, —(Pr +Pr )

=PU[I70,, + Vod —( I70,,, + Vo,,, )] (28)
so that
By, ~Pr, —pU( Vog= Vi) 29)
—___m ; —Vy 30
p% Vi) (30)
’ 2 7 !
Prd“PTm= T’(Vod—Vom) (€3))
and
$(1+aPA,, — (1 +a2)A;,
_iA2d+adA3d—iAl —iA2 -a A3 (32)

With A3 s @ Bas & o all specified, the six equations (14),
(16), (19), (21), (26), and (32) are available for solution of the
six unknowns Alu,Alm A, A3, ,Azd, A,,. A, s directly
obtained from equation (14), and eliminated from the five re-
maining equations, which may then be written in matrix form

Ay, Ay, A, Az, As,
1 -1 +1 0 0 =
0 (i-a,) (i+a,) 0 0=
0 1 -1 1 -1 =
0 0 0 (i—tan 8,;) (ay+tan B,)=
0 i i —i (1 +a})—a,=

The general solution of these equations is straightforward but
involves complex expressions, and is therefore not given here.
Rather we shall consider some special cases of particular in-
terest. To this end we obtain a partial solution to the equations
as follows, seeking the coefficient A, , which describes the
downstream stagnation pressure. From equation (26A)

{a;+tan B,)

42 (tan B, —i)

=43, (33)

Elimination of A; and A4 2 from equations (19A), (21A),
and (32A) yields
(1 + a%" )ao i J)A:;
A; = u 34
34 Pa,,, _ Q ( )
where
a, —1i
P= 7 35
tan ﬁd bt i ( )
- By i+
Q=¢(1+a§)+ M 36)

(i—tan 8,)
Equation (34) shows that downstream total pressure variation
is eliminated if

34s,

(1+a%) 37

oy = =¢ cos? &,A;,

This simple result requires explanation. If A, ‘= =0, then it
follows from equation (33) that A,,=0. Equations (11) and
(12) then show that V, =V} . =0 and the downstream flow is
entirely uniform. But the axial velocity is constant through the
two blade rows (V;u = V;m =V, ” =0 from equations (15) and
(20)). We may therefore study the work input by the rotor on
the basis that the local axial velocity is constant (V) at guide
vane and rotor exit, However the work transfer is not constant
but simply

296/ Vol, 112, APRIL 1990

=UlU~- V, tan B,— V tan (&, +d)] (38)

AP= UV, sec? &,x.e" (39)
2 ‘

AP} = — s sec? &, ape’ 40)

For uniform downstream flow this ““deficit’’ in work trans-
ferred from the rotor to the fluid compensates exactly for the
‘“‘excess’’ total pressure at entry .

AP;+24; e =0 41)

i.e.,
37

is the variation in guide vane angle required to eliminate the
wake, as found earlier from solution of the overall equations.

We may note that all the change in axial velocity takes place
upstream of the guide vanes, between x= —o and x=0
(4,, = —A; ). This is the objective recommended by Chen et
al. (1987).

The complete set of coefficients for this case is thus as
follows:

oy =¢ cos? &,A;

Ay ar,
T Wrad) (164)
ap(1+a2) (19A)
A
(1+a ) 214)
0 (26A)
- a,
fo- 2]

A =—A,, 42)
A,y 1 - a
A = — —H ; — m
Im 2 [(1+ 2) +’< 1+a$n)] “3)
As, 1 , a
A, = i(6—
= [(l+a ) ’<¢’ 1+a,2,,>] “4)
A,
“n = Ural) 9
A5, =0 )
Az, =0 47

(We may note that the result may be generalized for flow
entering through a stator row rather than a guide vane row by
writing A3 (1+ aﬁ) for A3 in these expressions, where
a,=tan &, and &, is the flow angle upstream of the stator.)

3 Discussion

There thus appears to be the opportunity for eliminating an
entry variation in total pressure Py, by varying the outlet
angle from the guide vane row and thus adjusting the local
rotor work to compensate for P, . This may have practical

. . u .
application for cases where the wavelength of the entry dis-
turbance is several times greater than the pitch of the guide
vanes, i.e., gross distortions rather than narrow entry wakes.

The case of no entry distortion in total pressure is also of in-
terest. In this case variation of guide vane outlet angle pro-
duces a nonuniform work input from the rotor and a variation
in total pressure af outlet :
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This kind of situation may be produced by a rotor receiving a
flow of uniform total pressure but at an angle to the axis of
rotation of a rotating row (Fig. 1). The tangential velocity at
entry to the rotor will vary as e?, being against rotation over
half the annulus and with rotation over the other. To some ex-
tent the flow leaving the guide vane in the two-dimensional ex-
ample we have considered (with V; = iAluei9 in equation (6))
simulates this ‘“inclined’’ entry flow with uniform stagnation
pressure to a single rotor, and explains how that rotor will pro-
duce a nonuniform stagnation pressure. Indeed one way to
eliminate the production of such a variation in P, in the in-
clined rotor case is to put a real guide vane ahead of the
isolated rotor equal and opposite to the hypothetical guide
vane of the two-dimensional simulation of the ‘‘inclined”
flow.

Journal of Turbomachinery

4 Conclusion

An actuator disk analysis has related circumferential pertur-
bations in stagnation pressure (P;) through a guide vane and
rotor combination to circumferential variation in guide vane
outlet angle. In particular it is shown that variations in P, may
be eliminated by suitable guide vane settings to give a par-
ticular vane outlet angle. )
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Inlet Distortion Generated Periodic

S. R. Manwaring

Aerodynamic Rotor Response

Fundamental inlet distortion-generated rotor blade row unsteady aerodynamics,

S. Fleeter

including the effects of both the detailed aerodynamic forcing function for the first

time and steady loading are experimentally investigated in an extensively instru-

Thermal Sciences and Propulsion Center,
School of Mechanical Engineering,
Purdue University,
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mented axial-flow research compressor. A two-per-rev forcing function with three
gust amplitude ratios is generated. On the rotor blade pressure surface, the unsteady
pressure nondimensionalization compresses the magnitude data with mean flow
incidence angle. This is not the case on the higher camber suction surface. These

Dpressure surface unsteady data are primarily affected by the steady loading level,
whereas the suction surface unsteady data are a function of the steady loading level
and distribution as well as the gust amplitude ratio. In addition, a design inlet
distortion blade surface unsteady pressure correlation is considered.

Introduction

Inlet flow distortions are generated by a variety of sources,
including engine inlet designs and aircraft maneuvers. In ad-
dition to the performance degradation associated with inlet
flow distortions, they also can result in detrimental aerome-
chanical effects. Namely, as schematically depicted in Figs. 1
and 2, inlet flow distortions represent unsteady aerodynamic
forcing functions to downstream rotor blade rows due to rotor
blade relative velocity and incidence angle fluctuations, thereby
resulting in the possibility of significant aerodynamically in-
duced blade vibrations. In fact, distortions are one of the most
common excitation sources for aerodynamically forced re-
sponse of blade rows. Distortions also affect the stability mar-
gin of rotor blade rows, as the resulting flow degradation from
distortion can cause incidence angle migration that experience
has shown to be generally destabilizing (Cardinale et al., 1980).

Of particular interest in this paper are distortion-generated
unsteady aerodynamic blade response phenomena. In the high-
speed regime, Datko and O’Hara (1987) measured the forced
vibratory response of an advanced transonic compressor first-
stage integrally bladed disk (a blisk) generated by seven dif-
ferent inlet total pressure distortion screens. The blisk was
found to be susceptible to excessive resonant stresses generated
by the inlet distortions, with complex inlet distortions exciting
the lower natural frequencies at a number of engine orders.
The harmonic content of the distortion was not always dis-
cernible from the inlet total pressure profiles. In addition, these
results demonstrated that the uniform inlet flow rotor forced
response characteristics may not be representative of the re-
sponse when a distortion is present. They concluded that unless
vibratory responses to inlet distortion can be accurately pre-
dicted, rotors, particularly blisks, should be tested to assess
the resonant stresses in the presence of inlet distortions.
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The accurate prediction of distortion-generated blade re-
sponse requires the development of a first principles based
design system. On a first principles basis, inlet flow distortions
represent high-energy aerodynamic excitations characterized
by low to moderate values of the reduced frequency, with the
distortion-generated blade row response analyzed by first de-
fining the unsteady aerodynamic forcing function in terms of
harmonics. The periodic vibratory response of the airfoil row
to each harmonic of the forcing function is then assumed to
be comprised of two components. One is due to the streamwise
and transverse components of the harmonic forcing function,
#* and 0%, respectively, being swept past the nonresponding
airfoil row, termed the streamwise and transverse gust re-
sponses. The second, the self-induced unsteady aerodynamics,
arises when the aerodynamic forcing function generates a vi-
brational response of the airfoil row.

Unfortunately, current state-of-the-art analyses do not model
the unsteady aerodynamic forcing function. Additionally, the
gust and motion-induced unsteady aerodynamic models in-
volve many physical and numerical assumptions (AGARD
Manual, 1987). Therefore, experimental modeling of the fun-
damental inlet distortion-generated blade row periodic un-
steady aerodynamic response, including both the forcing
function and the blade row unsteady aerodynamics, is needed
for the development, validation, and enhancement of theo-
retical and numerical models.

Unsteady aerodynamic gust experiments of direct interest to
turbomachines have been performed in low-speed research
compressors. With regard to inlet flow distortions, O’Brien et
al. (1980) used six dynamic pressure transducers embedded on
each rotor blade surface to measure unsteady aerodynamic
response. However, the periodic rotor blade row inlet-flow
field was not measured, and thus the unsteady aerodynamic
gust forcing function was not quantified. Hardin et al. (1987)
measured low reduced frequency oscillating airfoil aerody-
namics on a rotor of a single-stage compressor and also stated
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that they had performed similar distortion experiments al-
though they did not present these results.

In this paper, the fundamental flow physics of distortion-
generated periodic rotor blade row unsteady aerodynamics,
including the effects of both the detailed unsteady aerodynamic
forcing function for the first time and steady loading, are
experimentally investigated. This is accomplished by perform-
ing a series of experiments in an extensively instrumented axial-
flow research compressor. In particular, the effects of the
detailed forcing function, defined in terms of the ratio of the
forcing function streamwise-to-transverse first harmonic gust
components, #+ /0", as well as the steady aerodynamic loading
level, characterized by the mean incidence angle, on the gust-
generated unsteady aerodynamic response of a first-stage rotor
blade are quantified.

In these experiments, the two-per-rev unsteady aerodynamic

Nomenclature

WV

VELOC!

FIRST STAGE
ROTOR ROW

AANN

Fig. 2 Decomposition of distortion forcing function
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Fig. 3 Research compressor schematic

forcing function is generated by two 90 deg circumferential
inlet flow distortions (Fig. 1). This distortion, measured with
a rotating cross hot-wire probe, is then analyzed and decom-
posed into streamwise and transverse components (Fig. 2). The
resulting unsteady aerodynamic gust-generated rotor blade sur-
face unsteady pressure chordwise distributions are measured
with embedded ultraminiature high response dynamic pressure
transducers.

4t = streamwise gust first har-

b = rotor blade semichord i = rotor blade mean incidence monic component

C; = rotor blade steady loading angle 9t = transverse unsteady veloc-
= fo (C  pressure — k = reduced frequency = ity component

. C,, suction) dX wb/V, V, = mean axial velocity

C, = rotor blade steady pressure p = digitized ensembled-aver- AW = total unsteady velocity
coefficient _ aged unsteady pressure AW = total first harmonic gust

C, = rotor blade unsteady pres- s = rotor blade surface steady _ vector
sure coefficient pressure B8 = relative mean flow angle

Ca, = rotor blade unsteady pres- b= first harmonic complex w = two-per-rev forcing func-

sure difference coefficient
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Table 1 Overall airfoil and compressor characteristics

ROTOR STATOR IGV

Airfoil Type C4 C4 C4

Number of Airfoils 43 31 36

Chord, C (mm) 30 - 30 . 30

Solidity, C/S 1.14 1.00 0.96

Camber, 0 27.95 27.70 36.9

Stagger Angle, \ 36 -36.1 18.5

Aspect Ratio 2.0 2.0 2.0

Thickness/Chord (%) 10 10 10

Design Flow Rate (kg/s) 2.03

Design Axial Velocity (m/s) 24.4

Rotational Speed (RPM) 2250

Number of Stages 2

Stage Pressure Ratio 1.003

Inlet Tip Diameter (mm} 420

Hub/Tip Radius Ratio 0.714

Stage Efficiency (%) 85

Research Compressor

The Purdue Axial Flow Research Compressor experimen-
tally models the fundamental turbomachinery unsteady aero-
dynamic multistage interaction phenomena including the
incidence angle, the velocity, and pressure variations, the aero-
dynamic forcing function, the reduced frequency, and the un-
steady blade row interactions. The compressor is driven by a
15 hp d-c electric motor and is operated at a speed of 2250
rpm. Each identical stage of the baseline compressor contains
43 rotor blades and 31 stator vanes having a British C4 profile,
with the first-stage rotor inlet flow field established by a row
of 36 variable setting inlet guide vanes. The overall airfoil and
compressor characteristics are presented in Table 1. For these
experiments, the first-stage rotor blade row was extensively
instrumented. To eliminate any potential flow effects on the
instrumented first-stage rotor blades, the first-stage stators and
second-stage rotors were removed, as schematically depicted
in Fig. 3.

Instrumentation

Both steady and unsteady first-stage rotor blade row data
are required. The steady data quantify the rotor mean inlet
flow field and midspan steady loading distribution. The un-
steady data define the periodic aerodynamic forcing function
and the resulting midspan blade surface periodic pressure dis-
tributions.

The inlet flow field, both steady and unsteady, is measured
with a rotating cross hot-wire probe mounted 30 percent of
blade chord upstream of the rotor row. The cross hot-wire
probe was calibrated and linearized for velocities from 18.3
m/s to 53.4 m/s and +35 deg angular variation, with the
accuracy of the velocity magnitude and flow angle determined
to be 4 percent and =+ 1.0 deg, respectively. Centrifugal loading
effects on the rotating hot-wire sensor resistances, and thus
the responses, were found to be negligible.

The detailed steady aerodynamic loading on the rotor blade
surfaces is measured with a chordwise distribution of 20 mid-
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span static pressure taps, 10 on each surface. The static pressure
at the rotor exit plane, measured with a rotor drum static tap,
is used as the blade surface static pressure reference. These
static pressure measurements are made using a rotor based 48
port constant speed drive Scanivalve system located in the rotor

- drum.

The measurement of the midspan rotor blade surface un-
steady pressures is accomplished with 20 ultraminiature, high
response transducers embedded in the rotor blades at the same
chordwise locations as the static pressure taps. To minimize
the possibility of flow disturbances associated with the inability
of the transducer diaphragm to exactly maintain the surface
curvature of the blade, a reverse mounting technique is utilized.
The pressure surface of one blade and the suction surface of
the adjacent blade are instrumented, with transducers embed-
ded in the nonmeasurement surface and connected to the meas-
urement surface by a static tap. The embedded dynamic
transducers were both statically and dynamically calibrated.
The static calibrations showed good linearity and no discernible
hysteresis. The dynamic calibrations demonstrated that the
frequency response, in terms of gain attenuation and phase
shift, were not affected by the reverse mounting technique.
The accuracy of the unsteady pressure measurements, deter-
mined from the calibrations, is +4 percent.

The rotor-based static pressure Scanivalve transducer, ro-
tating cross hot-wire probe and 20 blade surface dynamic pres-
sure transducers are interfaced to the stationary frame-of-
reference through a 40-channel slip ring assembly. On-board
signal conditioning of the transducer output signals is per-
formed to maintain a good signal-to-noise ratio through the
slip ring. The remaining 17 channels of the slip-ring assembly
are used to provide excitation to the transducers and on/off
switching to the Scanivalve d-c motor.

Data Acquisition and Analysis

Steady Data. The rotor blade surface static pressure data,
measured with the rotor-based Scanivalve system, are defined
by a root-mean-square error analysis of 20 samples with a 95
percent confidence interval. The reference for these midspan
blade pressure measurements is the static pressure at the exit
of the rotor measured on the rotor drum. Thus the blade
surface and the reference static pressures are measured at dif-
ferent radii. Hence, a correction for the resulting difference
in the radial acceleration is applied in calculating the blade
surface static pressure coefficient defined as

. P—-p..
C _ S exit 1
T ()
where U, is the rotor blade tip speed.

Periodic Data. The periodic data of interest are the har-
monic components of the aerodynamic forcing function to the
first-stage rotor blade row, together with the resulting rotor
blade surface unsteady pressures and unsteady pressure dif-
ferences. These are determined by defining a digitized ensem-
ble-averaged periodic unsteady aerodynamic data set consisting
of the rotating cross hot-wire probe and blade surface dynamic
pressure transducer signals at each steady operating point. In
particular, these time-variant signals are digitized with a high-
speed A-D system at a rate of 20 kHz and then ensemble
averaged.

The key to this averaging technique is the ability to sample
data at a preset time, accomplished by an optical encoder
mounted on the rotor shaft. The microsecond range step volt-
age signal from the encoder is the data initiation time reference
and triggers the high-speed A-D multiplexer system. To sig-
nificantly reduce the random fluctuations superimposed on the
periodic signals of interest, 200 averages are used. A Fast
Fourier Transform (FFT) algorithm is then applied to these
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ensemble-averaged signals to determine the harmonic com-
ponents of the unsteady aerodynamic forcing function and the
resulting rotor blade surface harmonic unsteady pressures and
pressure difference.

The unsteady inlet flow field to the rotor row is measured
with the rotating cross hot-wire probe which quantifies the
relative velocity and flow angle. The velocity triangle relations
depicted in Fig. 2 are then used to determine the unsteady inlet
flow field to the rotor, in particular, the streamwise and trans-
verse velocity components, #* and v*, respectively. These are

then Fourier decomposed to determine the first harmonic of’

the streamwise and transverse velocity components, termed the
streamwise and transverse gust components, #* and 7+,

The various unsteady aerodynamic gust mathematical models
reference the gust-generated airfoil aerodynamic response to
a transverse gust at the leading edge of the airfoil. However,
in the experiments described herein, the time-variant data are
referenced to the initiation of the data acquisition shaft trigger
pulse. Thus, for consistency with the models, the periodic data
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are further analyzed and referenced to a transverse gust at the
leading edge of the first-stage rotor blade. This is accomplished
by assuming that: (1) The aerodynamic forcing function re-
mains fixed in the stationary reference frame; (2) The forcing
function does not decay from the rotating hot-wire probe axial
location to the rotor row leading edge plane.

The rotor blade surface unsteady pressure data, measured
with the embedded high response pressure transducers, are
analyzed to determine the harmonics of the chordwise distri-
bution of the unsteady pressure coefficient, C,, and the un-
steady pressure difference coefficient, C,,. These are defined
in equation (2) and are specified from the Fourier coefficients
of the digitized ensemble-averaged dynamic pressure trans-
ducer signals.

Cr=— N (20)
()

CAp = Cp,pressure — Lop,suction

@2b)

where {7 is the first harmonic transverse gust component, V;
is the mean axial velocity, and @ is the relative mean flow
angle.

The final form of the gust-generated rotor blade row un-
steady aerodynamics is the chordwise distribution of the har-
monic complex unsteady pressure and pressure difference
coefficients. Also included as a reference, where appropriate,
are predictions from the transverse gust analysis of Smith
(1971). This model analyzes the unsteady aerodynamics gen-
erated on a flat plate airfoil cascade at zero incidence by a
transverse gust convected with an inviscid, subsonic, com-
pressible flow. .
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Results

A series of experiments are performed to investigate and
quantify the effects of the detailed inlet distortion aerodynamic
forcing function, defined by the ratio of the amplitudes of the
first harmonic streamwise-to-transverse gust components, |2/
0% 1, and the level of steady aerodynamic loading, character-
ized by the mean incidence angle, on the periodic gust unsteady
aerodynamics of the first-stage rotor blade row. The variation
in the rotor blade steady loading was obtained by holding the
rotor speed constant and varying the mass flow rate, and thus,
the mean flow incidence angle to the rotor blade row.

Periodic Aerodynamic Forcing Function

Three distinct two-per-revolution aerodynamic forcing func-
tions to the first-stage rotor blade row are generated by varying
the orientation of the two honeycomb sections mounted in the
inlet. These are characterized by nominal first harmonic
streamwise-to-transverse gust amplitude ratios of 0.4, 0.7, and
0.9. The Fourier decomposition of these inlet distortion aero-
dynamic forcing functions to the first-stage rotor row in terms
of the streamwise and transverse gust components for these
three gust amplitude ratios are presented in Figs. 4-6. The inlet
distortion results in a dominant two-per-rev excitation fun-
damental harmonic with much smaller higher harmonics. Ad-
ditionally, as the gust amplitude ratio increases, many of the
higher harmonics of both gust velocity components increase
in amplitude, although they do not approach that of the two-
per-rev fundamental.

Blade Surface Static Pressures

The effect of steady aerodynamic loading, characterized by
the mean incidence angle, on the rotor blade surface static
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Fig. 8 Pressure surface steady loading effect on unsteady pressure,
la+f+| = 0.4

pressure coefficient with the inlet distortion is shown in Fig.
7. The level of steady loading only affects the static pressure
distribution on the pressure surface over the front 40 percent
of the chord. On the suction surface, the steady loading var-
iation has a large effect on the static pressure distribution over
the entire suction surface. These data also give no indication
of surface flow separation. It should be noted that these surface
static pressure distributions are not affected by the character-
istics of the periodic unsteady aerodynamic forcing function.

Rotor Periodic Aerodynamic Response

The periodic aerodynamic response of the first-stage rotor
blade row to the inlet distortion forcing function, including
the effect of steady aerodynamic loading, are presented in Figs.
8-16. In particular, these figures present the chordwise dis-
tributions of the complex unsteady pressure coefficient on the
individual rotor blade surfaces, as well as the corresponding
complex unsteady pressure difference coefficients, generated
by the two-per-rev inlet distortion forcing function.

Pressure Surface Unsteady Pressures. The effect of steady
aerodynamic loading level on the distortion-generated first
harmonic complex unsteady pressure distribution on the rotor
blade pressure surface is shown in Figs. 8-10 for nominal
streamwise-to-transverse gust amplitude ratios of 0.4, 0.7, and
0.9, respectively.

The unsteady pressure magnitude data decrease monoton-
ically with increasing chord location, with a sharp decrease in
the front region of the pressure surface and then a gradual
decrease over the remainder of the chord for all steady loading
levels and gust amplitude ratios. For each nominal value of
the gust amplitude ratio, this form of the dimensionless un-
steady pressure coefficient, equation (2a), results in the
compression of these magnitude data for all mean flow inci-
dence angle values. As the gust amplitude ratio increases, these
magnitude data exhibit a small decrease in value. This is due
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to the gust vector becoming more parallel to the mean flow,
and thus, less normal to the blade pressure surface. Thus the
magnitude of the unsteady pressure response on the blade
pressure surface, i.e., the low camber airfoil surface, is pri-
marily due to the level of steady loading as characterized by
the mean flow incidence angle.

The unsteady pressure phase data increase monotonically
with chord over the front half of the blade, becoming nearly
constant over the aft half for all steady loading levels and gust
amplitude ratios. The steady aerodynamic loading and the gust
amplitude ratio have only a very small effect on these phase
data. Thus the phase of the unsteady pressure response on the
low camber blade pressure surface is nearly independent of
the steady loading level and the gust amplitude ratio.

Suction Surface Unsteady Pressures. The effect of steady
aerodynamic loading on the distortion-generated first har-
monic complex unsteady pressure on the rotor blade suction
surface is shown in Figs. 11-13 for the three gust amplitude
ratios.

The unsteady pressure magnitude data decrease over the
front 25 percent of the chord for all steady loading levels and
gust amplitude ratios. On this part of the suction surface, the
magnitude data decrease in value as the gust takes on larger
streamwise components. In contrast to the pressure surface,
this form of the dimensionless unsteady pressure coefficient,
equation 2(a), does not compress these magnitude data with
mean flow incidence angle, the exception being between 13
percent and 20 percent of the chord. As the gust amplitude
ratio increases, these magnitude data exhibit a relatively large
decrease in value over the front half of the chord. This is due
to the gust vector becoming more parallel to the mean flow,
and thus, less normal to the blade pressure surface. Thus the
magnitude of the unsteady pressure response on the blade
suction surface, i.e., the higher camber airfoil surface, is due
to both the level of steady loading as characterized by the mean

Journal of Turbomachinery

50
T |« foyed||ove.]
o [-ao°o292 [025] 102 [0039
V|-04°{0297|028[ 090 |0047
a| 31~]o313 |03 | 087 |0049
O] 86°{0320(032{ 091 {0047
Ol 72°jo329| 034} 008 {0029
=
o
Oy
[y (=]
g E 25-
b
(8]
[}
g
o
a
B
o ) !
E 0 50 100
z 180~ % ROTOR CHORD
E
»
¥ =
g S, 901
& Y
4
0 1 |

Fig. 10 Pressure surface steady loading effect on unsteady pressure,
la+fer! = 0.9

flow incidence angle and the streamwise-to-chordwise gust am-
plitude ratio.

The unsteady pressure phase data generally decrease mon-
otonically with increasing chord for all gust amplitude ratios
and steady loading levels. As the gust amplitude ratio increases,
i.e., as the gust takes on a larger streamwise component, the
phase data generally decrease in value, with the chordwise
phase data variation decreasing more rapidly over the front
half of the blade and more slowly over the aft half. With
regard to the steady loading level, the phase data are nearly
independent of the steady loading level in the neighborhood
of the quarter chord. Forward and aft of the quarter chord,
steady loading has different effects. In particular, aft of the
quarter chord, the phase data decrease as the mean incidence
angle is increased. In contrast, near the leading edge, the phase
data increase with increasing mean incidence angle.

Unsteady Pressure Differences. The effect of steady load-
ing on the first harmonic complex unsteady pressure differ-
ences across the rotor blade camberline is shown in Figs. 14-
16 for streamwise-to-transverse gust amplitude ratios of 0.4,
0.7, and 0.9, respectively. Also presented as a reference are
the flat plate cascade inviscid transverse gust predictions.

The unsteady pressure difference magnitude data generally
decrease with increasing chord, attaining a near minimum value
in the midchord region of the airfoil. As the gust amplitude
ratio increases, i.e., as the gust takes on a larger streamwise
component, the chordwise position of this minimum magni-
tude moves forward. Aft of this minimum magnitude position,
the magnitude data are a function of the steady loading level.
In the front chord region, increased steady loading results in
an increase in the magnitude data. In the mid to aft chord
region of the blade, the unsteady pressure differences are greatly
decreased in magnitude, but still increase with increased mean
incidence with this increase greater for higher values of the
gust amplitude ratio. Additionally, the lowest gust amplitude
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Fig. 11 Suction surface steady loading effect on unsteady pressure,
1a+/r+1 = 0.4

ratio value and lowest mean incidence angle data most closely
approximate the transverse gust flat plate cascade model and
exhibit the best correlation with the prediction.

An inviscid, incompressible flow cascade model that ac-
counts for airfoil profile effects was used to determine the
effect of variations in the mean flow incidence angle on the
airfoil surface steady pressure difference distribution. Figure
17 demonstrates that the pressure difference in the front chord
region increases with increasing mean flow incidence angle.
Thus, for a quasi-steady harmonic gust disturbance, i.e., a low
reduced frequency inlet distortion, the unsteady pressure dif-
ference magnitude will increase in the front chord region as
the mean flow incidence angle is increased, for example Figs.
14-16.

The unsteady pressure difference phase data are nearly con-
stant over the front part of the blade for all three gusts. There
is a sharp increase in the phase in the quarter to midchord
region of the blade. The chordwise location of the onset of
this rapid increase is a function of the steady loading and the
gust amplitude ratio. Aft of the chordwise location of this
rapid phase increase, the phase data increase with increased
steady loading.

Summary and Conclusions

The fundamental flow physics of distortion generated pe-
riodic rotor blade row unsteady aerodynamics, including the
effects of both the detailed unsteady aerodynamic forcing func-
tion for the first time and steady loading, were experimentally
investigated. This was accomplished through a series of ex-
periments performed in an extensively instrumented axial-flow
research compressor. A two-per-rev aerodynamic forcing func-
tion was generated by mounting two 90-deg honeycomb sec-
tions 180 deg apart circumferentially in the compressor inlet.
In terms of the gust amplitude ratio, three distinct two-per-
revolution aerodynamic forcing functions were considered.

The rotor blade surface steady-loading distributions were
quantified with surface static pressure taps and a rotor-based
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Fig. 12 Suction surface steady loading effect on unsteady pressure,
la+fvl = 0.7

el

O[-40°[0292][025} 102 [0039
v |-04°[0297|028| 090 {0047
a| 310|033 jo3l | 087 {0049
0| 56°l0320(032| 091 0047
Ol 72°|o329|034} 098 |0030
'
L.,
o
° 8
8 <\
W oz =
g & Q\
b3 OO
<] N %FK&'@:"‘D
5] ‘~-e
w ee ¥ ms
@ 7 _o—-=0
a \o_ Pol
i
@x
o
3
< ! ]
= 50 100
9 180 % ROTOR CHORD
>
s
é -
2 $
Z =
5 £.,90 .
5w \ E&
7] o,
H R X e
\‘@:v..—.@‘..;%:._ =
lc [ J

Fig. 13 Suction surface steady loading effect on unsteady pressure,
la+fivl = 0.9

Scanivalve system. The aerodynamic forcing function to the
rotor blade row was determined with a rotating cross hot-wire
probe, with the aerodynamic gust-generated rotor blade sur-
face unsteady pressure chordwise distributions measured with
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o Forcing Function:
e The inlet distortion forcing function shows a dominant
- two-per-rev, with much smaller higher harmonic content.
Fig. 15 Steady loading effect on unsteady pressure difference, 14+/ ® As the gust streamw1se-t0-'chordw1se gust amplitude ratio
1 = 0.7 increases, many of the higher harmonic amplitudes in-
crease, although they do not approach that of the two-
per-rev.
embedded ultraminiature high-response dynamic pressure
transducers.
The detailed distortion gust-generated unsteady aerody- [Eressure Surface:
namic results of these experiments are summarized in the fol- e The unsteady pressure phase data are nearly independent
lowing. of the steady loading level and the gust amplitude ratio.
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e The unsteady pressure magnitude data decrease mono-
tonically with increasing chord, with a sharp decrease in
the front region.

® The selected nondimensionalization compresses the un-
steady pressure magnitude data with regard to mean flow
incidence angle for each gust amplitude ratio.

¢ Increasing gust amplitude ratio results in-a small decrease
in the magnitude data in the front chord region due to the
gust vector becoming more parallel to the mean flow.

® The magnitude of the unsteady pressure response on the
blade pressure surface, i.e., the low camber surface, is
thus primarily affected by the level of steady loading as
characterized by the mean flow incidence angle.

Suction Surface:

e The unsteady pressure phase data generally decrease as
the gust amplitude ratio increases. As the incidence angle
is increased, the phase data increase and then, aft of 25
percent chord, decrease.

¢ The unsteady pressure magnitude data decrease over the
front 25 percent of the chord for all steady loading levels
and gust amplitude ratios.

e The selected nondimensionalization does not compress
these unsteady pressure magnitude data with regard to
mean flow incidence angle, the exception being between
13 and 20 percent of the chord.

e Increasing gust amplitude ratio results in a large decrease
in the magnitude data in the front chord region due to the
gust vector becoming more parallel to the mean flow.

e The magnitude of the unsteady pressure response on the
blade suction surface, i.e., the high camber surface, is thus
affected by both the level of steady loading and the gust
amplitude ratio.

Unsteady Pressure Difference:

e The magnitude data increase in the front chord region as
the steady loading is increased. In the mid to aft chord
region, the increase in these data with loading is a function
of the gust amplitude ratio.

® The phase data exhibit a sharp increase in the quarter to
midchord region of the blade, with this location a function
of the steady loading and the gust amplitude ratio. Aft of
this chordwise location, the phase data increase with in-
creased steady loading.
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APPENDIX

As noted, when the transverse gust is utilized in the non-
dimensionalization of the unsteady pressure, equation (2a),
the magnitude data on beth the pressure and suction surfaces
decrease with increasing value of the streamwise-to-chordwise
gust amplitude ratio. To provide a more advanced design tool
that accounts for this effect, a semi-empirical analysis of these
unsteady pressure data was considered.

The blade surface unsteady pressure response is generated
by the velocity fluctuations normal to the blade surfaces.
Therefore, an unsteady pressure nondimensionalization, which
considers the gust component normal to each blade surface,
was investigated, accomplished with the following modified
complex unsteady pressure coefficient:
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AW=A/ (6*)2+ (4%)2 (A2)

where a,, is the magnitude ratio of the gust component normal

to the chordline and the total gust. <§
Figure Al schematically depicts the blade pressure surface \

flow field with zero mean flow incidence. The blade surfaces I K\

are approximated by the chordline, with the normal gust com- &\‘\

ponent calculated from the data. On the pressure surface, the
low camber airfoil surface which is well approximated by the
chordline, this semi-empirical correlation is valid, with the
magnitude data for the various streamwise-to-chordwise gust
amplitude ratios collapsing to a single curve (Fig. A2). How-
ever, on the high camber suction surface, although this semi-
empirical correlation does decrease the differences in the mag-
nitude data for the three streamwise-to-chordwise gust am-
plitude ratios, there are still large differences (Fig. A3). This
is most likely associated with the strong interactions between
the steady and unsteady flow fields in the leading edge region
and aft of midchord region. The chordline is a poor approx-
imation to this high camber airfoil surface. It should be noted
that incorporating only the total gust vector, AW, i.e., setting
a, to unity in equation (Al), was also considered. However,
rather than a collapsing of the magnitude data with increasing

. . . . . . 50
streamwise-to-chordwise gust amplitude ratio, this resulted in % ROTOR CHORD
an amplification of this effect. Fig. A3 Suction surface semi-empirical correlation
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Visualization Studies in Rotating Disk Cavity Flows
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An experimental study was performed in a simplified turbine
disk cavity consisting of a single disk rotating near a stationary
Slat plate, bounded radially by an axial seal fixed to the plate.
The disk Reynolds number was 6.2 X 10°. Cooling flow was
supplied axially at a dimensionless radius of 0.33. Flow vis-
ualization showed boundary layers on both the rotating and
stationary disks with the core between the layers rotating in
solid body motion. At intermediate cooling flow rates, large
vortical structures aligned with the disk spin axis and spanning
the core were observed.

Introduction

The flow between the rotating disk and fixed shroud in a
turbine disk cavity is important to the operating temperature
and longevity of the disk. A disk cavity is bounded axially by
the rotor and stator disks, and radially by the hub and the
seal. The seal is supposed to prevent the leakage of hot gases
into the cavity (called ingress), minimizing cooling flow re-
quirements.

Research on turbine cavities can be divided into mathe-
matical studies with simple cavity geometries, experimental
studies of the flow structure in simple configurations, realistic
cavity performance measurements, and studies of ingress into
cavities. Mathematical studies assumed infinite disks with ax-
isymmetric flow. However, experiments show strong azimuthal
variations and unsteadiness (e.g., Maroti et al., 1960). No
published studies observed ingress directly or measured an
ingress flow rate. A maximum tolerable rate of ingress has not
been defined. With no general understanding of the flow struc-
tures that occur in the cavity, the causes of ingress are un-
known. The objective of the present study was to visualize a
simplified cavity flow to examine the dominant features of the
flow. The simplified geometry was selected so the results could
be used to test both numerical models under development, and
the level of apparatus complexity necessary to observe ingress.

Experimental Apparatus and Techniques

The experiments were performed in a water flow facility
containing the simplified turbine disk cavity. The rotating tur-
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bine disk was represented by a 112-cm-dia flat disk and the
stator by the top cover plate of the facility. The facility is
sketched in Fig. 1, and Table 1 gives a summary of the relevant
dimensions and dimensionless parameters. The radial bound-
aries were the rotating hub and a simple axial seal fixed to the
stator. Cooling flow was supplied to the cavity through a 35.6-
cm-dia ring of 48, 1.6-cm-dia holes. The cooling flow was
exhausted through the gap between the axial seal and the disk.
For some of the ingress studies, simulated bolt heads, cut from
a 5-cm-dia acrylic rod to a height of 0.7 cm, were attached to
the stator as shown in Fig. 1.

The Reynolds number for the experiment was found using
the seal radius R, and the disk tangential speed R,Q. The scaled
cooling flow rate Q* is defined as the ratio between the bulk
radial velocity through the seal and the disk tangential speed.
The disk speed was measured using a magnetic tachometer
with an uncertainty of +1 rpm. The cooling flow rates were
measured using a rotometer with a range of 370-1330 cm®/s
and uncertainty of =20 cm?/s.

Two methods were used to visualize the flow field: injection
of bromthymol-blue dye and hydrogen bubbles. Both tech-
niques are described in detail by Abrahamson et al. (1988).
The dye was injected into the flow through the dye ports labeled
1to 4 in Fig. 1. The axial position of the injection probe was
adjustable from the disk surface to 6 mm from the stationary
top. To study the ingress of fluid from outside the cavity, dye
was injected into the region just outside of the axial seal.

The hydrogen bubble wire was fixed along a radial line
supported at the ends by probes inserted through dye ports 1
and 4. The wire height was adjustable from 2 mm above the
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Fig. 1 Experimental apparatus: cross section (reservoir tank, pump
mechanism, and support structure not shown)
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Table 1 Apparatus dimensions and dimensionless parameters

R, seal radius 54.6 cm.
R, disk radius 55.9 cm
R, shroud radius 57.8 e
Ry bolt circle radius 49.7 cm
G cavity height 3.3cm
t seal clearance 0.25, 0.64 cm
Ry cooling flow port radius 17.8 cm
Ay cooling flow port area 112.6 cm?
D cooling flow port hydraulic diameter 1.6 cm
el disk rotation rate 0-6.28 rad/s (0-60 RPM)
Q cooling flow rate 0-757 cm®/s
v kinematic viscosity 0.01cm?/s at 20°C
Re Reynolds’ number, —ESE 6.2 X 10° (1 = 2.00rad/s)
Re, cooling flow port Re, % 0-10% (u = 2%)
@ T 0-0.076

disk surface to 6 mm from the stationary surface. Illumination
of the hydrogen bubbles was provided by a 2-mm-thick laser
sheet. Velocities were measured by timing the travel of bubble
patches with an uncertainty of approximately 10 percent.

Results

With no cooling flow, the flowfield appeared steady with
no azimuthal variation. The flow structure in a plane normal
to the disk is sketched in Fig. 2. Boundary layers were observed
on both the disk and stator; the layer thicknesses were estimated
to be on the order of 1/10 of the axial height of the cavity
(about 0.3 cm). Between the boundary layers, the flow was in
solid body motion with a rotation rate of approximately 0.35%,
agreeing with earlier works. In the disk boundary layer the
flow was primarily tangential with an outward radial com-
ponent. Spiral waves were observed in the disk boundary layer
beginning about 0.7 R and traveling outward. These were
presumed to be the spiral vortices associated with boundary
layer transition. In the stator boundary layer the flow was
primarily tangential with an inward radial component. No flow
was observed to exit through the axial seal and marked disk
boundary layer fluid was observed to turn upward near the
seal and form into the boundary layer on the stator.

Addition of cooling flow up to Q* = 0.019 did not change
the basic structure. The cooling flow, which entered axially,
flowed across the cavity and entered the disk boundary layer,
resulting in a higher radial flow rate and slightly thicker layer.
The core between the boundary layers rotated in solid body
motion at approximately 0.35Q with little or no radial motion.
Some disk boundary layer fluid exited through the axial seal
and some was observed to turn upward at the seal and enter
the inflowing stator boundary layer. Spiral vortices were ob-
served in the disk boundary layer throughout this low-cooling-
flow regime.

At moderate cooling flow rates (0.019 < Q* < 0.045), the
flow was substantially different. It was no longer axisymmetric
or steady, and large vortical structures (sketched in Fig. 3)
were observed in the core between the boundary layers on the
disk and stator.

Typically, there were three vortices, each approximately 10

cm in diameter, evenly spaced around the circumference of a
circle approximately 0.4R; in radius. They rotated in the same
sense as the disk, and precessed at about 0.23Q. The vortices
appeared most energetic at Q* = 0.041. Maroti et al. (1960)
observed a similar phenomenon in the flow between a rotating
disk and a stationary plate without radial containment. Radial
flow reversals observed through tuft visualization were inter-
preted as the stall cells sometimes found in vaneless diffusers.
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At a Reynolds number around 6 X 10°, they observed three
cells. In the current experiment, the vortices caused significant
radial flow reversals, which could have been misinterpreted as
stall cells. One might explain the vortices as the result of a
strong radial gradient in the tangential velocity produced by
the interaction of the cooling flow entering the cavity with no
tangential velocity, and the solid body core flow at larger radii.
The gradient, unstable due to the Kelvin-Helmholtz instability,
rolls up. A similar situation is observed in corotating disk flows
with a fixed outer shroud (see Abrahamson et al., 1988). The
velocity gradient is reversed in that case producing oppositely
signed vortices.

This model does not tell the full story: At high cooling flow
rates (Q* > 0.045) the vortical structures disappeared, and
the flowfield resembled the structure observed at the lower
cooling flow rates. The disk boundary layer was thicker due
to the increase in the outflow rate, spiral vortices were observed
in the disk boundary layer, and core fluid precessed at about
the same 0.35Q as previously observed. We have no explanation
for this observed behavior, but it is consistent with the dis-
appearance of the stall cells observed by Maroti et al. at suf-
ficiently high throughflow rates.

In all these studies, ingress of fluid from the outside of the
axial seal into the simulated turbine cavity was never observed.
Even when the flow was unsteady and radial inflow was ob-
served in the core fluid, the radial flow reversals did not pen-
etrate through the seal to exchange fluid with the outside.
Several modifications were made in attempts to induce ingress
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including increasing the seal gap and installing simulated bolt
heats on the stator. None of these modifications (which are
described fully in Nordquist et al., 1988) caused any observable
ingress.

Conclusions

The flow visualization studies at moderate cooling flow rates
revealed the presence of energetic vortical structures in the
simulated turbine disk cavity. The cause of the structures is
unknown, nor is it understood why they disappear at higher
cooling flow rates. It is also not known whether these structures
are present in more realistic cavities so further investigation
of the phenomenon is needed.

In all the studies described above, ingress of fluid from
outside into the cavity was never observed. The present ge-
ometry was simplified relative to actual turbine disk cavities
so the results would be useful for verification of numerical
results, but the simplifications may have ruled out ingress.
Potentially important differences between the present model

310/Vol. 112, APRIL 1990

and realistic turbine cavities are the variation of the axial di-
mension with radius and the baroclinic effects due to temper-
ature (and therefore density) variations within actual cavities.
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